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Abstract. Fatigue and damage tolerance analysis and testing became one of the key means 
during development, design and maintenance of aircraft structure. This is the result of the 
increased requirements· regarding structural reliability, low weight, low manufacturing costs 
and low operating costs. Furthennore, any new structure has to fulfill the more stringent 
actual airworthiness requirements, which will be advanced again to further improve the 
reliability of the aircraft by providing the so-called large damage capability. This behavior is 
an additional mean to detect critical structural damages, which were not found during normal 
maintenance. This lecture gives a brief overview about fatigue and damage tolerance analysis 
methods for conventional fuselage structure for local and multiple damages as well as 
examples of major development and certification tests, e.g. curved panel tests, barrel tests and 
full scale fatigue tests. The increased requirements and expectations led to significant efforts 
in developing more efficient structures by using advanced monolithic and hybrid materials, 
new assembly methods and, in the future, by possible application of structural health 
monitoring. The lecture describes advanced materials, fiber metal laminates, laser beam 
welding, friction stir welding, bonding / metal laminates and structural health monitoring. The 
major advantages and disadvantages of these technologies regarding fatigue and damage 
tolerance are discussed including examples of application. Important fatigue and damage 
tolerance test results are presented as well as the improved analysis methods, which take into 

' . 

account the new characteristics of the advanced materials and technologies. 

1 INTRODUCTION 

The primary objective of the aerospace industry is to offer prnducts that not only meet the 
operating criteria in tenns of payloads and range but also significantly reduce the direct -
operating costs of their customers, the airlines. The structure ·of the present civil transport 
aircraft is designed considering the current and forthcoming airworthiness regulations, the 
customers' requirements and manufacturing aspects. -

During the design of aircra~_ structures a wide range of aspects have to be. considered to reach 
sufficient static strength and excellent fatigue and damage tolerance (F&DT) behavior. The 
major aspects of the current fatigue and damage tolerance regulation FAR 25.571 
Amendment 96 1 and the corresponding Advisory Circular AC 25.571-1 C 2 are: 

• "An evaluation of the strength, detail design, and _ fabrication must · show that 
catastrophic failure due to fatigue, corrosion, manufacturing defects, or accidental 
damage, will be avoided throughout the operational life of the airplane." 

• "Based on the evaluations required by this section, inspections or other procedures 
must b~ established, as necessary, to prevent catastrophic failu~e, ... " 
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• "'It mu t be demon trated with sufficient full-scale fatigue te t 
wide pread fatigu damage will not occur with in the design erv1c 
airplane." 

videnc that 
goal of the 

Howev r, the design of a mod m transport aircraft hould not only consider the regu lations 
app licable at th design pha but hould take into account the forthcoming regu lat ion 
which ar under discus ion or i ued a a Notice of Proposed Rule Making ( PRM). The 
damag to lerance paragraph of FAR 25 has been widely di cussed in th General tructures 
Harmonization Working Group (GSHWG) between the airworth ine authorities and the 
man ufacturer under the umbrella of the A iation Rulemaking Advi ory Committee (ARA ). 
The major requirern nts in the futur regulation 25 .571 3 and the AC 4 will b 

• " . . . inspection or other procedures mu t be e tablished, ... The limit of va lidity 
(LOY) of thi maintenance program must also be includ d in the Airworthin 
Limitation Section .. . " 

• ' Structura l damage capabi li ty .. . . it must be shown that the structure i abl to 
withstand the loads pecified . . . in the presenc of damag equivalent to : 
i) the complete fai lur of any ingl element or 
ii) partial fai lure between damage containment featur that ign ificant ly retard or 
arrest a crack ... ' 

• ' For single load path tructur , .. . D requirement hall be achi ved through the 
demon tration of low crack growth, an upper bound in p ction thre ho ld of 50% 
DSG ... " 

Figure 1 hows in pri ncipl the damage type to be con id red during the damage to lerance 
evaluation . The basic a sumption for all damage tolerance a ssment i the local damage 
cenari o i.e. a damage in one or more elements of a principal structural el m nt (PSE) at a 

~ ing le site which i not influenced by damages in adjacent locations . 

Local Damage 

FR 

Structural Damage 
Capabi lity 

(e.g. two-bay crack 
criterion applied at A380) 

Multi pie Site 
Damage 

FR Multiple Element 
Damage 

Figure 1: Damage type to be con id red during F&DT evaluati on - fu elag examples 

Furthermore mult ipl ite damag (M D) and/or multiple elem nt damag (MED) hav t be 
con idered in tructure u ceptible to the type of damage . D tai l about MSD, MED and 
re ulting wide pr ad fatigue darnag (WFD) will be xplain d lat r in thi paper. The 
tructura l damag capabil ity ( D ) wi ll be r qu ired by the forthcomi ng r gulati n . It i the 
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charact ri tic of the tructur which permit it to retain suffici nt tatic load capability in the 
presence of damag quivalent to the complete failure of a load path or partial failure of the 
load path between damag containment feature i.e. a one-bay-crack-criterion. A more 
detailed interpretation of th regulations and requirements i giv n by wift 5. The fatigue and 
damage tol ranee evaluation ha to cover th complete primary tructure which contributes 
ignificantly to carrying flight, ground and pre surization loads and tho e part of econdary 
tructure, which may affect the primary tructure when damaged or failed. 

2 FATIGUE AND DAMAGE TOLERANCE ANALYSIS 

2.1 General Procedure 

Figure 2 gives an o er iew about th g neral procedure tor the fatigue and damage toleranc 
analysi . The final goal of th F &DT analysis of damage tolerant tructure is the d finition of 
a tructural inspection program. The following information ha to be provided to ensure an 
appropriate inspection program which is ffective to guarantee the airworthine of the 
structur throughout the operational lifi : 

• D cription of in pection area 
• In pection method to be appli d 
• In pection threshold (fir t in pection) 
• Rep titiv in pection inter al 

i Aircraft use I 

I Static loads I I I Fatigue loads 
I 

I Fatigue load spectra I 
Static 

Analysis item I 
Details of geometry l Fatigue stresses I stresses 

Material data I 

I Stress-time history I 
I 

Calculation of fatigue damage 
Determination of and fatigue life 

critical crack length 
Calculation of crack propagation, 

crack propagation curve 
I 

I 
I Applicable inspection methods I 

I 
Defi nition of insgection grogram: 

Inspection area Inspection threshold 
Inspection method Inspection interval 

Figure 2: F&DT analy i - g neral proc dur 

2.2 Fatigue life analysis for local damages 

For a~ li fe structure the fatigu life analy i i an s ential part of the c rtifi ation 
procedur . Although not r qu ired by the regulation for damage tolerant tructures fatigue Ii~ 
analy e are p rformed by a ll major airframe manufac urer due to the fo l lowing rea on : 
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• demonstration of the reliability of the structure up to the design service goal or the 
extended service goal. 

• determination of the inspection threshold instead of using the initial flaw concept for a 
certain type of "multiple load path and crack arrest ' fail safe' structure". 

Figure 3 describes the principles of the fatigue life analysis together with the minimum scatter 
factors to be applied. The fatigue life analysis determines the period in time up to a detectable 
fatigue flaw, which is initiated and propagated due to cyclic loading. The major input data, 
geometry, stress spectrum or stress-time history and the relevant material data (SN diagram, 
"Wohler" curve) are the basis for the calculation of the fatigue damage D, which is generally 
determined for one design service goal (DSG). The resulting fatigue life N = DSG I D is the 
average value, on which the scatter factor has to be applied. Depending on the type of 
structure, damage tolerant or safe life, the minimum values are defined and agreed by the 
airworthiness authorities. 

0 Stress spectrum 

... 
Justification 

Safe life 
structure 

DSGsNF/5 
or 

DSGs NT/5 

Damage tolerant 
structure 

DSG~NF/2 
or 

DSGs NT/2 

Material data 

... 
t n 

I 
Damage calculation 

D=:En/N 

Fatigue life calculation 

N =DSG/ D 

DSG = Design service goa.l 
NF = Calculated fatigue life (based 

on S-N data) 
NT = Justified fatigue llfe in test, no 

crack evidence 
(all values in flights) 

Figure 3: Fatigue life analysis for local damage 

The traditional fatigue life calculation using the MINER rule leads either to un-conservative 
results or an under-prediction of the real fatigue life. Several improvements have been 
implemented in the fatigue life calculation by different manufacturers. The approach 
described here leads to reasonable results for fuselage structures. The fatigue life NE is 
determined for a required probability of failure: 

with: 
DSG = 
DF = 

DSG-D ·X 
N - F 

E - . 

Dtotal · h • R50% 

Design service goal, fatigue damage is generally determined for one DSG 
Miner factor, to consider failure under variable amplitude loading before fatigue 
damage is 1. 0 

4 



ICAF 2005, Hamburg, 08-10 June 

X reduction factor, to con id r several fatigue critical locations 
Drotal L(n/N) = total fatigue damage determined for one DSG (n = applied cycles N = 

cycle up to failure from N data incl. extrapolation) 
JL = catter factor, to con ider scatter in load spectra and material data, depending on 

the required probability of failure 
Rso¾ = ri k factor, to consider I imited number of specimens to obtain material (S ) data 

2.3 Damage tolerance analysis 

The damage tolerance analysis is performed to determin the tructural inspection program. lt 
compri s the re idual trength analysis and the crack growth analysi . The purpo e of the 
residual strength anal is is to determ ine th ma ' imurn al lowable crack length ac (la t point of 
tability), wh ich corr ponds to the static limit load CTc,L a required by FAR 25.571. hi 

allowable crack length i al o called maximum tolerable crack length or critical crack length. 
For fuselage structure th conventional procedure ba ed on tre s inten ity factor solution 
and fracture toughnes data is generally ufficient, see Figure 4. 

Stress level 

I 

CD Justification: 
ac evaluation 

(a,~:! n ]

2 

ac = ' 
7t 

Reduced stress 
intensity factor 

solution 

( ~) = a l,n - 1t a 

l 
K 

0 cl--

oc-
allow 

aO ac a 

Figure 4: Residual strength analy is 

Fracture 
toughness 

Kc 

t 

I 

@ Design: 
crc evaluation 

Kc 
O'C allow 

a l,n 

Th goal of the crack growth analys is i to determin the crack growth curve betw en 
detectabl damage siz and the critical crack I ngth. 0 ain a conventional linear anal is 
procedure i general I applied to the fu !age tructure a hown in Figure 5. Mo t often the 
Forman equation i u d for the fu elage tructure. In xc ptional ca e Pari or Walk r 
equation may be cho n. 
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Kier solution 
Kier -~---------

al 

(da/dN)ai 

... 
a 

... ... 
~K 

Figure 5: Crack growth analysi 

2.4 Damage tolerance analysis of stiffened fuselage panels 

Stresses at cycle i 

~cr 

cyciei ~I I 

• 
Crack length 
at cycle i + 1 

al+1 = a, + ~al 

l 
for n cycles: 

n 

a = ~- + LAai 
n --0 i=l 

For a wide range of simple structures and geometries stres intensity factor olutions are 
available in the literature e.g. developed by Rooke Cartwright, Newman Raju etc. Specific 
airframe structures such as tiffened panel need more detailed olutions. Fuselage panels 
which are tiffi ned by tringers in aircraft longitudinal direction and frames in circumferential 
direction, may contain a skin crack and may fail due to either of the following criteria: 

• Failur of the kin due to in tability of the crack 
• Failure of the tiffener perpendicular to the crack due to static trength 
• Failur of the fa teners attaching the stiffeners perpendicular to the crack due to 

exceeding allowable rivet load 

Based on the approach from Poe 6
'
7 and Swift 8•

9 a computer code wa developed allowing for 
crack growth and residual trength anal is of a stiffened panel under uni-axial external 
loading (no bulging). Compari ons of analyses using this code and recent test result from 
curved tiffened fuselage panels tested under internal pr ssure and external loads revealed 
that th analyses are very conservative for the failure mode crack above broken stiffener. The 
reason for th se difference i the bi-axial loading of th test pan ls which is not represented 
in the analy es. The following features also not considered: 

• Flexibility of kin-to-frame joint due to fastener flexibility (and clip connection) 
• Bulging of crack fronts due to internal pre sure 
• Load (stre s) di tribution between skin and tringers due to internal pressure 
• on-constant tress distribution between frames 

Detailed inv stigation performed by Ahmed and van den ieuwendijk 10 led to the 
conclusion that the method mentioned above should be modified to account for effect not 
con idered to date. 
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2.4.I Flexibility of skin-to-frame joint 

The fl xibility of the skin-to-frame connection u mg a hear clip 1s ba d on the total 
deflection of this joint, see Figure 6. 

Skin 

Shear Clip 

,- Frame 

Figure 6: kin-to-Fram joint with clip conn ction 

The total deflection of this joint i th ummation of the ingle deflection 

8,otal =8rivet kin - cl ip+ rivetframe- clip + shearchp 

The flexibilitie depend on the applied load the geom trie of skin, fram , clip and fa ten r 
as w 11 as on the material data for fa ten r skin frame and cl ip. 

2.4.2 Bulging of crack fronts 

Bulging of the crack front i a phenom non, which occur at longitudinal cracks in pres ure 
vesse l . It i the di placement of the era k front out ide of the contour of the tructur , ee 
Figure 7. 

Bulging of crack fronts of 
longitudinal fuselage cracks 

Figur 7: Ph nomenon of bulging 

The correction for the stres intensity fact r o lution i de cribed by: 

F r longitudinal crack above broken fram 

~B L 1 G = 1 + 
10 a 

R 
co c2:.~) 

2L 

7 

0 ~ 2a ~ 2L 
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For longitudinal crack between intact frames: 

with: 
L 
R 

J3suLGING 

10 a = 1 + 
R 

= 
= 

distance between stiffeners 
shell radius 

O~a:SL 

a = distance from frame to crack tip (for crack above broken frame) 
= distance from center of bay to crack tip (for crack between intact frames) 

2.4.3 Load distribution between skin and stringers 

In the current code it is assumed, that the longitudinal skin stress in the middle of the bay is 
equal to the stringer stress. Flugge' s equations 11 show a significant difference in the stringer 
stress and longitudinal skin stress. These equations for the load flow and the stress, which 
account for circumferential and axial (longitudinal) stiffening material, are listed below: 

Nq> = P·R 

Nx = P·R/2 

[N/mm] 

[N/mm] 

Skin axial (longitudinal) stress: 

tcp N x + u (tx - t) N cp 

with: 

tx tx = t + ALIS [mm] 

tcp tq, = t + AF/L [mm] 

t Skin thickness [mm] 

AL Longeron area '[mm2
] 

AF Frame area [mm2
] 

s Longeron spacing [mm] 
L Frame spacing [mm] 
P. Internal cabin pressure [N/mm2

] 

R Shell radius [mm] 
l) Poisson's ratio 

Stringer (longeron) stress: 

= l(]-u
2

)tq> + u2 tjNx - u t Nq> 
CJ L (1- u 2

) tcp tx + u2 t (tcp + tx - t) 

8 

[N/mm2
] 
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2.4.4 Correction of stiffener area 

The effects of joint fl xibility and load (stress) di tribution betw en skin and stringers are 
considered in the method mentioned above by modifying the stiffener area , i.e. the area of 
the frame and the area of the stringer, respectively, which are input data to the computer code. 
For the analysi of longitudinal cracks the frame area i modified such that the frame a ial 
fle ibility is compatible with flexibility of the skin to frame joint: 

with : 
Lr 
E 
()TOTAL= 

LF 
A r. ~ . =-----

irame e11 ect1ve E . () 

frame segment per rivet pitch 
Young' s modu lu 

frame TOTAL 

total displacement of kin to frame joint per unit force 

For circumferential cracks the tringer area is modified con idering the stress levels in skin 
and stringer: 

with: 
A tringer 

O"sk in ext rnal 

CTskin total 

CT str inger p 

CT ski n external A . CT stTinger p 
A tri nger cffec1ive = A tringer · ---- + tri nger 

CT kin total CT kin total 

true stringer area 
sk in stress due to external loads 
total skin stress 
str inger stress due to internal pr ssure (acc. to Flugge· equation) 

2.4.5 Verification by component tests 

The m thod modified by int·oduction of the effects described above was verified by 
compari on of analysis and test results. The analysis results for longitudinal crack were 
verified by curved panel tests loaded by internal pressure and the results for circumferential 
crack were compared with test re ult from flat panel , see Figure 8. 

Curved panels loaded by internal 
pressure as well as external 

longitudinal and circumferential loads 

Flat panels with seven 
stringers to simulate behavior 

of circumferential cracks 

Figure 8: Verification tests for stiffened panel analysis 
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The re ults of the compari on are presented in Figure 9 for a longitudinal crack above a 
brok n frame and in Figure 10 for a circumferential crack above a broken tringer. 

-+-- Test • Analysis 

600 

~ ouu -l------------ ----- -----+-----

.§. 
-S 400 
0) 
C: 
~ 300 -1------------------------

..-c:: 
<.) 

~ 200 -l---------------------4~ ----
<.) 

:::: 
! 100 1=::::~~~;;;.;;..iiiifil!iidl_.-r;c:....__-_____ _ ..,._ t C O ¢ 

0 -l-----~-------.---------,-------, 

0 10000 20000 30000 40000 
Life (cycles) 

Figure 9: urved panel test - longitudinal crack above broken fram e 

,...... 
E 
E 

200 

-+-- Test - · • · - Analysis 

....... 150 --l-------------------------.c -Ci 
C 
<l> 100 +-------------------~___, ____ _ 

.::.:: 
(.) 
('O u 50 +----------=---~_..=---------

0 5000 10000 15000 
Life (cycles) 

.·.-......... •.·.·.-............................ . 

Figure LO: Flat panel te t - circumferential crack above broken stringer 

2.5 Widespread fatigue damage analysis 

The issue of widespread fatigu damage (WFD) which may develop from multiple ite 
damage (MSD) or multiple element damage (MED) i one of the major concern for an aging 
airplane fleet because MSD and MED have a significant influence ofthe structural behavior. 
Since the introduction of Amendment 96 of FAR 25 a widespread fatigue damage evaluation 
ha to be performed for new certifications too. WFD, MSD and MED are defined according 
AC 25.571-lC as: 

• Multiple Site Damage, MSD, i a source of wide pread fatigue damage characterized 
by the imultaneous presence of fatigue cracks in the same tructural element (i.e. 
fatigue cracks that may coale ce with or without other damage leading to a loss of 
required re idual strength). 
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• Multiple Element Damage, MED, is a ource of widespread fatigue damage 
characterized by the ' imultaneous presence of fatigue cracks in similar adjacent 
structural elements. 

• Widespread Fatigue Damage, WFD, in a structure is characterized by the 
simultaneous presence of cracks at multiple structural details that are of sufficient ize 
and density whereby the structure will no longer meet its damage tolerance 
requirement (i.e. to maintain its required residual strength after partial structural 
failure). 

MSD and MED are illustrated in Figure 11. 

Multiple Site 
Damage 

Multiple Element 
Damage 

Figure 11: Multiple ite damage (MSD) and multiple element damage (MED) 

2.5.l WFD parameters and monitoring period 

For aging airplane fleets it is allowed to maintain the airworthiness of the structure by 
inspections during a certain time period, the o-called Monitoring Period. The monitoring 
period is defined according to 12 as "the period of tim when special insp ctions of th fleet 
are initiated due to an increased risk of MSD/MED, and ending when the Structural 
Modification Point (SMP) is established'. This concept could be used in all situations where 
MSD/MED crack growth is det ctable before the structure loses its required r sidual strength. 
Figure 12 depicts how a Monitoring Period might be established for an area of structure that 
meets the criterion of detectable MSD/MED. There are everal points that are e sential in 
establishing this period. First is the establishing of the SMP, which is a point reduced from the 
expected average behavior. Beyond this point th airplane may not be operated without repair, 
modification or replacement. This point provides equivalent protection as a two-life-time 
fatigue test. Repeat inspection intervals are established ,pased on the time from detectable 
fatigue cracks to the average WFD (average behavior) divided by a factor. 

For aircraft to be certified according to the current regulation FAR 25. 5 71 Amendment 96 it 
has to be demonstrated, that WFD will not occur within the design service goal (DSG) of the 
aircraft. This means, that the SMP has to b greater than the DSG. Special inspections to 
detect MSD or MED may be performed starting at the ISP. 
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WFD parameters: WFD average behavior Inspection Starting Point (ISP) 
Inspection Interval (lwFD) Structural Modification Point (SMP) 

MSC/ME 
.c: Residual 
- Required , strength 
c:: residual ___________________________ --~- ----- ---- - -----. -- -- ------ .,- --- ----- . --
~ strength ! Monitoring Period --.! 

~ Normal inspection programs------
Special inspections 

OfMSD/MED 
susceptible areas lwFo I 

MSD/MED 
Crack growth D 

, ------ c\:ritWFO 
I 

------ ~--- ------- --~------ a. 
--uet 

ISP 
(Inspection 

Starting Point) 

MSO/MED SMP 
detectable (Structure 

Mod. Point) 

WFD 
(Average 
Behavior) 

Figure 12: Determinati on of FD param t r and monitoring period 

2.5.2 Analysis method for WFD 

Re eat Interval 
~o = lw:o IF 

r n fram of the European r arch program Brite-EuRam a project · tructural maint nance of 
Ageing Aircraft' ( MAA ) wa part! fi unded b th Europ an Com mi ion during hich 
anal i tool for W De aluati.on w r d veloped. ome additional efn rt wa p n t d n 
engin ering too l for the irbu fu !age tructure to b e aluat d, ee igure 13. he 
de lopment of the e engin ring to I up port d b e :-t n i te ting. 

Monte-Carlo-Simulation - Methodology for the assessment of MSDIWFD 

)ll 

Engineering Tool MSD/WFD Criteria 

e.g. MSDSim 

Airbus developed methods in frame of the European funded SMAAC project. 

Figur 13: FD analy is method 
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her i g n ral agre m nt throughout the I it ratur that M D and it ub equ nt 
phenomenon W D large! depend on probabili tic ffect . Th e effect can b deriv d fr m 
param ter hich influence the de elopm nt of MSD and WFD and which th m elves sho a 
probabi Ii tic character. he major param t r are th initial d ign of a tructural part th 
loading (e.g. high ten i n, high induced b nding or high load tran fer), th manufa tL1ring 
proc th mat rial pr pertie and to a rtain degr e th n ironm nt. Th param t r 
ob iou l ha e a great influ nee on th fatigue life (M D beha ior) of a tructure. herefor , 
any appr ach to asse M D ha to consider the probabili ·tic nature ofth e parameter . 

In th approach de elop d 1 
•
14

•
15 thi i d n b m an of a Monte- arl imulation. The 

anal i model it If con i t oft o part , a probabil i tic and ad t rmini tic part. Within th 
probabili tic algorithm th initial damag cenario i d t rmin d, v hil th ub equent t p, 
such a damage accumu lat ion crack gr th and re idual trength ar calcu lated in a 
determ ini tic approach. The proce i performed for a pre-defined num b r of imu lation 

or th pr babili tic part fth model. i .. th cal ulati n f the initial damage cenario, m 
a umption ha to b mad . The model a ume that for a pecific tructural part the mean 
fatigue I ifi for a ingl ri t pitch or a ingle rivet hole and th catter of fatigue life in t rm 
of tandar d viat ion ar kno n from fatigue te t ith r I ant coupon . o a ss multipl -
hole tructure it i a um d that the e data can be xtrapolat d in ord r to deri e a damage 
cenario for a comp! te tructural item ontaining man hole . It i al o a urned that th 

fat igu li fe i di tribut d according to a log normal di tributi n hi h pr ide the condition 
to u e an ordinar , fa t random generator to determin th initial damage cenario. The 
principl of gen rating th initial damag cenario i h n in Figure 14 . 

Single Hole Coupon Data • RANDOM Processor 

N random (n) = µ m x f( a m , 5 n ) 

Initial damage scenario: 

D inttial (n) 
N m1n1mum 

N random (n) 

Damage Rate = 1 > crack assumed 

C -0 0 0 0 

Figur 14: W D anal i - ini tia l damage scenario 

Th rand m proce or pro id a mooth di tribution of rand m numb r [ ] in the int r al 
[0 1]. h n the fatigu !in p r ite Nrandom(n) i a fu n tion of th m an alu µ 111 th tandard 
deviation cr 111 and the random number 11 : 

random ( n) = µ m X f( (j m 11 ) 

Th fir t crack initiati n ur at the l cat ion v ith the lo e t random(n) (= minimum). t thi 
location th damag rat i 1 at time of crack initiation; a 1 mm rack i a um d. ccording 
to the fatigu Ii e obtain d from th random generator ach era k initiation it n i set to an 
initial damag percentage Din itial [0-100%] dep nding n th ratio betw n the minimum of all 
generate9 fat igue Ii e minimum and th fatigu !in ofth p ial ite random(n) 
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Dinitial {n) = 
Nminimum 

While the initiated crack starts growing, the other possible m1tiat1on sites still have to 
accumulate more· fatigue damage. The damage accumulation is calculated by the equation 
given below, where DinitiaI is the initial damage, N is the actual number of crack growth cycles 
and N' random is the fatigue life of damage location n: 

N 
Damage(n) == Dinitial(n) +-,---

N random (n) 

With a time stepping routine, which simulates the fatigue cycling, the damage rate of each 
location is checked and new cracks are initiated where the accumulated damage reaches I 00 
percent. In the same time stepping routine the crack propagation of the initiated cracks is 
calculated. In each step the net stress is recalculated to account for the stress increase due to 
crack extension. The stress increase consequently affects the damage accumulation procedure, 
since higher stress values lead to lower fatigue life of the single initiation sites, i.e. than term 
Nrandom decreases leading to N' random• Furthermore, N' random includes effects from a crack at the 
other side of the hole and from a crack at the neighboring hole, as far as applicable. 

The growth of each initiated crack is estimated through the techniques of linear elastic 
fracture mechanics. Based on da/dn versus ~K data suitable for the specific problem and 
material, the coefficients for the crack growth equations are determined. Two different crack 
growth equations are implemented in the computer code, i.e. the Fonnan and the Paris 
equation: 

Paris equation: 

Forman equation: 

da 

dn 

da 

dn 

= C~K 0 

Cr ~Knr 

= 
(1-R)Kr-~K 

There are different ways of calculating the stress intensity factor, e.g. FEM, BEM (Boundary 
Element Method), complex stress functions or compounding. Since a very important feature 
within a Monte-Carlo simulation is the computer time consumption, this model uses the com
pounding method, because it combines reasonabl~ accuracy with very short calculation time 
compared to othe:..· methods. 

The stress intensity factor is determined by a compounding process according to the formula 
proposed by Rooke et al. The process is simple and well known: known stress intensity factor 
solutions for simple configurations are combined to achieve . results for complex 
configurations. Within this model a number of solutions account for the interaction of a crack 
with an object, where an object can be another crack, a hole, a boundary, etc. The resulting 
stress intensity factor Kr is then calculated by a summation procedure, where Ko is the basic 
stress intensity factor without interaction, Kn is the stress intensity factor according to the 
interaction with one single object and Ke includes th~. influence of all objects together: 

Kr = K0 + L{K1

0 -K0 )+Ke 
n*O 

When calculating .MSD scenarios it is essential to estimate the link-up process of these· 
relatively small cracks. In the model two criteria have been checked which are: 
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• touching pla tic zones propo d by Swift which a um that link-up of two cracks 
occur when their plastic zon get in contact 

• n t ection ligament failure which a sumes that link-up of two cracks occurs when the 
net tre s in the remaining ligament exceed the yield tre s 

lnve tigations and comparison with test results revealed that the Swift criterion may be not 
con rvative in some cases whereas the net section ligament failure criterion i in line with 
the test results. 

2.5.3 Presentation of analysis results 

The explained steps, determination of the initial damage cenario damage accumulation and 
crack growth to a critical crack siz form a singl Mont -Carlo iteration. From this iteration 
the Tim to Initiatio the Time to Detectable and the Total Fatigue Endurance can be deter
mined. During a complete Monte-Carlo simulation these teps are repeat d n times. The 
results of n iterations are evaluat d tatistically to obtain probability di tributions, mean 
values and standard deviation for the Time to Initiation the Time to Detectable and the Total 
Fatigue Endurance. The final outputs of a complete Monte-Carlo simulation are crack and 
failure di tributions associated with th multi-hol configuration sp cified. The result are 
g nerally presented graphically, e.g. the cumulative probability versus the number of cycle 
as shown in the example in Figure 15. 

0 ,9 

0 .8 
~ = 0,7 
.0 
n:I 

.t:l 0,6 
0 
~ 

0. 0 . 
C) 
> ·.:. 0, 
j!! 
::I 

0.3 E 
::, 
0 0,2 

0 ,1 

0 
0 

init 

Time to 
Np=s.o% lnitiati n 

Example for 
500 calculations 

2000 40000 60000 80000 100000 120000 

Number of Cycle 

igure 15: WFD analysis - pr sentation of r ult 

~hlit=64300 
Time to 
Detectable 
J.1N =80300 
Tinite to Failure 
l L =117600 
r .N,'l.rfd 

1800 

3 FATIGUE TESTING 

Airbu conducted for all n w aircraft type ufficient tructural te t for d velopment 
purpo es and to ensure that the in- erv ice airplanes meet or exceed customer' requirement 
and exp ctation . A general overview about tructural fatigu te ting i hown in the t t 
pyramid, ee Figur 16. Developm nt te t are accomplished to characteriz the performanc 
of new materials, validate new de ign and manuf: cturing procedure and demon trat 
improved durability safety and maintainability of the tructure as well a for definition of 

15 



ICAF 2005, Hamburg, 08-10 June 

allowable tre ses . Certification te t validate analy i methods and d i0 n al lowables and 
lead to the fina l proof of structure. 

Specific 
tests Sub 

Component 

Detail: 
non generic element 

Element: generic test 

Coupon: elementary specimen 
for general properties 

igure 16: Te t pyramid 

3.1 Full scale fatigue tests 

Certification 
tests 

t 

The damage tolerance regulation introduced in 1978 did not require full scale fatig ue te ts 
(FSF ) for type certification. Therefore merican and uropean ai rcraft manufactur rs 
developed different philosophie to val idate their product . The Europ an manufacturer , e.g. 
Airbus, considered F FTs as certification tests and simulated minimum two li fe time . ince 
the introduction of Amendment 96 to F AR25.57 I full scale fat igue t ts are required to 
demonstrate that widespread fatigue damage wi ll not occur within the de ign service goal of 
the ai rplane. 

An overview about Airbu FSF and the ach ieved number of si mulated flight i hown in 
Figure 17 from A300 to A340-500/600. The Ai rbu FSFT ere carried out a multi-section 
tests with the following test art icle : 

• EF 1 - forward fuselage 
• EF2 - center fuselage and wing 
• EF3 - rear fu elage, including vertical tail plane, if metallic 
• Ef 4 - horizonta l ta il plane 
• EFS - vert ical tail plane if compo ite 

16 
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pre---El-- --e,... post
amen ment45 

A300 

- DSG ~ 4p D EF1 
EF2 

~ only • EF3 

D EF4 

A310 A320 A330IA340 A340-600/--600 

Figure 17: Overview of A irbus full scale fatigue te ts 

n example for a multi-section te t is presented in Figure 18. This test procedure is applied to 
all Airbus air raft from A300 to A340-600, i.e. over a period of approximate! 30 years. The 
test philosophy of a multi-s ction test has ignificant technical economic and t mporal ad
vantages, but needs a higher invest for the test equ ipm nt. Al l sp cim ns of th multi- ection 
te t ar tested simultaneously, but independently. This allow the imulation of an optimized 
te t load spectrum for each individual test pecimen by maintaining a common ba ic 
spectrum. Additional! thi multi-section te ting lead to a reduction in running time and 
inspection time compared with single-specimen te ting. Due to the reduction of test time all 
te t results are available ignificantly earlier and allow an arly introduction of the 
repercu sion in the production line i .. modifications. 

Example: A300 
EF2: 

96000 P 

x~~"-~""'--

EF1: 
135 000 F EF4: 

140 000 F 

EF3: 
106 ODO P 

* additional pressure cycles simulated 

Figur 18: Example of multi-section full cale fatigue test 
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The multi-s ction te t proc dur d cribed ab v i the fa orit olution for all ci iJ tran port 

aircraft with a circular fu elag ro ection. For the new Airbu product 3 0-800 a 

complete FSFT will b p rformed du to the oval fu elage hape. plitting f th fu elag into 

e eral ection and attaching th ection to rigid teel bulkhead ould not lead to correct 

tr o er large portion of the fu elage. Esp cially the frame tre s would not be 

reliable, inc th di plac m nt due to the lat ral loads ar not r ali tic. 

There are everal goal to be achiev d by the FSFT uch a : 

• Validation of crack initiation life to meet the economic goal 

• Validation of the predicted crack growth behavior to confirm th damag tolerance 

goal and the maint nance program 
Detection of area of early local cracking to change erie production at an early tag 

• Demon tration that th tructure i fr e from significant MSD/MED up t the DSG 

• Validation of the structural damage capability 

• Validation of th global and local tre es determined by EM analy i 
• Validation of DI procedur for hidden tructure ubject of maint nanc program 

• Validation of fatigue live of r pairs rework and dent to confirm r pair concepts and 
allowable damage defined in the tructural Repair Manual ( RM) 

The long term full cal fatigu t ting allow the detection of n arly all ignificant areas 

which may b fatigu n iti e within the de ign ervice goal since the scatter in loads and 

mat rial data i co r d ufficiently. he importance of this long t rm fatigue te ting becom 

obvious in Figure 19 which hows the d velopment of the damage ov r th te t progres for 

the EF2 specim ns ( center fuselage / wing). After simulation of one life time only 25 to 30 

percent of all detected damage occuITed at the A310 and A320 sp cimell' aft r two life time 

approximately 60 perc nt of the damages w re detected. For the 330/ 340 p cim n the 

interpretation i more difficult ince the percentage of damage d t ct d i r lated to the total 

number of damages aft r compl tion of the A330 te ting. Furthermore at A330/ A 40 E 2 

ome early damage occurr d due to the load program which wa very con rvative for ome 

area. 
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Fi gure 19: De lopm nt of damage during t t progre - center fu lag / wing p cim ns 
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B id full cal fatigue te t for certification larg component t t ar often p rformed for 
de elopm nt purpo e . Two examples of th te t perform d by Airbus are pre ented in the 
following. Both pecimens were te ted under a complex flight-by-flight spectrum. 

3.2 TAN GO metallic fuselage barrel test 

In fram of the r earch project TANGO (Technology Application to the ear-Term Bu ine · 
Goal and Obj ctive of the Aerospace Indu try) which wa partly funded by the European 
Union a m tallic fuselage barrel was tested beside three other major component tests. The 
major objective of the TANGO project were to improve the structural efficiency by 
reduction of the airframe weight and to reduce the manufacturing costs by using cheaper or 
more efficient material and more efficient manufacturing technologi s. Figure 20 how an 
overvi w about th m tallic fu elag barrel. 

Figure 20: TA O metallic fu lage barr l t t 

Th de ign of th barrel panel is mainly cone ntrat d on the fatigue and damage toleranc 
a pect . summary of th design criteria i giv n in the following: 

• Regulations FAR 25.571 Amendment 25-96 and 25. 71-1 to b applied 
• Fa6gue and damage tolerance de ign criteria: 

• Fatigue de ign: no ignificant cracking b fore two time of A330 DSG 
• rack growth : no critical crack growth during A330 insp ction int rval 
• Residual trength: two-bay-crack criterion to be met 
• Widespread fatigue damage: no occurrence prior to two time of A330 DSG 

• tatic d ign criteria: 
• Maximum load: 1.5 time of once p r lifi fatigue load or 1.1 time limit load * 

• D ign for reparability 

Th r due d loading for the tatic de ign (*) i onl applicable for th barrel. The reason for 
thi d ci ion i t r a h high operational tr in larg ar a of the barrel p cim n t 

alidat , th increa d allowable tr for the newt chnologi . 
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All of the three research partner ( lenia, SAAB, Airbus Germany), which participated at the 
metallic fuselage barrel , provided panels of various technologies. GLARE® panels were 
mainly be located in the upper fuselage area where the advantage of GLAR ® may be 
exploited. Panels with advanced bonding technologies were located in the side shells to 
evaluate thei r capability regarding hear tre es. Furthermore manufacturing costs may be 
reduced by avoiding the riveting of the window frames. Welding technologie were applied 
mainly to panels in the lower fuselage area. Figure 21 shows the panel arrangement including 
the partner ' contributions. 

1 ~ ~ ~ ~ ~ ? ? ~ 1,0 1,1 1_2 1,3 1,4 1,5 1,6 17 
I I I I I 

44 RH 

welded Series production 

31 RH 

• 22 RH 
DA - window belt 

~ 
13 RH 

Alenia 5RH 

• 
· - · - AD top 

5 LH 

SAAB 13 LH 

• ..,_. window belt 
22 LH 

orig. A330 
GLARE Series production 

structures 31 LH 

Series production Series production 

44 LH 

54 LH welded 

- AD bottom 
44 RH 

Figure 21 : TA GO metal I ic fuselage barrel test - panel arrangement 

3.3 Megaliner barrel test 

The most important test for development of a large aircraft with an oval fuselag cross ection 
is the so-called egal iner Barrel test, see igure 22. 

Qz 

Figure 22 : Megaliner barrel te t 
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This test wa partly funded by the German government. Figure 22 show an overview of the 
test article, the fu selage area represented and the loading of the barrel. Major features of this 
test are the two passenger decks, two rows of windows, the door cut-outs, a slide raft cut-out, 
the floor support beams and the truss structure. The major objective of the Megaliner barrel 
test was to support the material and technology development of metallic and fiber metal 
laminate fuselage structures for large fuselages with a non-circular cross section. Figure 23 
shows the panel arrangement at the test specimen. 

P'68 
P68 

P53 

P39 
P33 

P21 

P16 

P5 

P'5 
P'16 

P' 21 

0 GLARE ® 

Conventional 
Al-shells: 

Pechiney (2024A) 

D Alcoa (2524) 

Welded shells: 

[] Alcoa (6013T651) 

D Pechiney (6056T78) 

Figure 23: Megaliner barrel te t - panel arrangement 

4 DEVELOPMENT OF ADV AN CED METALLIC FUSELAGE STRUCTURE 

During the last years significant improvement _ have be n achieved for fu elage structures by 
using new design principles, advanced materials and improved manufacturing processes. 
However; there are till ongoing activities for further developments. Four key airframe driver 
are identified which include the fol lowing primary objective : 

I. Dev lopment: low weight tructure, low non-r curring costs, high performance 
aircraft, reduced design time 

2. Manufacturing: low recurring cost short flow time, reduced impact on environment 
3. Operation: increa ed safety and reliability reduced inspections and improved 

reparability, low operating co ts, lo en ironmental impact (emission 
and noi e) increased operational capacity and pas enger comfort 

4. Disposal: pos ibilities of recycling, low environmental impact 

he major developments discussed in this pap r are: advanced mat rials fiber metal 
laminates (GLAR ®) laser beam w lding, friction stir welding, bonding I metal laminates 
and structuraI health monitoring. 
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4.1 Advanced materials 

During th initial de ign pha e of n w aircraft type the application of ne material and 

production m thods i considered to r duce the production cost and the tructural weight a 

w 11 a to comply ith the new regulation . Th :fuselage kin of all irbu aircraft certified 

up to 200 I were mad of 2024T3 T42 or T35 1. Th tringer material a 2024T3 in the 

upper h 11 and 7075T73 in the lower h IL which i mainly designed by compre ion load . 

The fir t t p to apply new material for the fu lag kin wa made for th d ri ativ of the 

A340 i .. for the 340-500 and - 600 hich are stretch d ver ion of the ba ic A340-300 

and which have been certified in 2002. or th forward and rear fu elage the material 2524T3 

ha b n elected for the skin in th upper hell which allow increa ing the allowable 

longitudinal kin tre es by approximat ly 15 p rcent. For the side and low r h 11 the basic 

2024 material is kept exc pt in a mall ar a forward and aft of th cent r ection where 

74 75T761 a elect d due to tatic r a on . For improvement of the tatic tr ngth tringer 

of high tr ngth material 7349T7 were elected for the whole fu lag circumference with a 

few xc ption . 

n additional challenge exi t for the de elopm nt of ery large tran port aircraft .g. irbu 

A3 0 whi h r c ntly made the fir t flight and will b c rtifi d in 2006. In th ory wh n the 

iz of an aircraft i incr a ed by a certain factor it volume and it weight incr a e ith th 

factor to the third power. Thi xponential increa e m an that weight a pect of very large 

tran port aircraft are quite ignificant. By improving the configuration of th aircraft type 

the ffi ct of this law can be reduced. Furth rmor n w material and technologie play a 

major rol for very large aircraft. Figure 24 how the di tribution of the kin material at the 

Airbu A380- 00. 
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ln addition to th material for A380-800 which are qualified or under qualification further 

mat rial are under development for future application in fuselage kin , .g. the 1-Li alloy 

47 T8 from ALCOA and the AlMgSc alloy Ko8242 from ORUS with th following 

charact ri tic : 

• Al-Li 47A T8: - third g neration alloy (Li cont nt <2%) 
- Optimiz d th rmal treatment for impro d tability 
- High tatic and fatigue propertie , and xc llent crack 

propagation behavior 

• IMgSc Ko82842 : - High damage tolerance propertie 
- High th nnal tability (creep forming po ible) 
- High corrosion re i tance 

Both alloy are weldable and how a good cono ion resi tance 1. . cladding i not nece ary . 

Table 1 hows th relativ improv ments compared to 2524. 

Den ity 
Young' modulu 
Yi ld trength (L / LT) 

Al-Li 
- 5. l % 
+ 7% 

+ 11 % / + 20 % 

. 2524 T351 

- 4.7 % 
+ 4% 

-13% / 0 % 

Table I: ew Al alloy in compari on wi th 2524 - xampl 

4.2 Fiber metal laminate GLARE® 

Fiber m tat laminates (FML) wer developed at Delft University of Technology l. a family of 

new hybrid materials consisting of bonded thin metal sheet and fi ber/adh i e layers. The 

laminated tructure provide material ith excell nt fat igue impact and damag tol ranee 

charact ristic at low density. Th trademark are ARALL ® and GLAR . The pr preg act 

a barriers again t corro ion and the laminate ha an inherent high bum-through re i tance a 

well a good damping and in ulation propertie . LARE® pro ide an attracti w ight 

a ing potential of approximat ly 10 to 20 percent for fu elage panel dim n ioned by 

damage tol ranee behavior. Th higher valu may be achieved only if the tringer are made 

of GL RE too . The mat rial pro id v ral impro ement uch a low d n ity high 

durability, low crack growth, high r idual str ngth, high corro ion r i tan and high fire 

re i tanc . GLARE® is a hybrid material built-up from alternating lay r of aluminum sheets 

(thickn between 0.2 and 0.5 mm mainiy mad from 2024T3) and gla fib r reinforced 

adhe ive unidirectional layers (FM94-S2-Gla , thickness 0.125 mm). Figure 25 how the 

general d finition of GLARE® and Table 2 contains the eight standard GL R ® typ . 

D Aluminum 

• Glass fiber adhesive layer 

Rolling Example: 
direction GLARE 4B-4/3-0 4 

aluminum layers 

4 alum in um layers, 
3 fiber/adhesive layers 

Figur 25 : Deftni.ti n of GLARE 
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Standard Fiber adhesive layer Fiber/ad hesive A l alloy 
GLARE® es (mm) layer built-up 

GLARE I 0.25 0°10° 7475T761 
OLAR 2 0.25 0°10° 2024T3 
GAR 2B 0.25 90° I 90° 2024T3 
GLARE 3 0.25 0° I 90° 2024T3 
OLAR 4A 0.375 0°190°10° 2024T3 
OLAR -· 4B 0.375 90°10°/90° 2024T3 
GLARE S 0.5 0° /90° 190° 10° 2024T3 
GLARE 6 0.25 +45°/-45° 2024T3 

Table 2: Standard GLARE®types 

The crack growth behavior of OLAR ® has been inve tigated in several curved panel test 
uch as hown in Figure 8 LH. The crack growth behavior of the longitudinal cracks between 

intact frames in GLA RE4B i presented in Figure 26 in comparison to other material 16
. he 

panels have a rad ius of 2820 mm and the maximum internal pressure during test was 593 hPa. 
The initia l crack lengths for the e test vary between 75 mm and 100 mm. 

he crack growth periods for panel made of 6013T6 or 2024T3 with a thickn of 1.6 mm 
are nearly identical from an in it ial crack of 75 mm. A material change to 2524T3 and an in
crease of the skin thickness to 1.8 mm improves the crack growth period by approximately a 
factor of 3. A much more superior behavior show the mater ial GLARE4 B which wa te ted 
with a skin thickness of 1.95 mm. p to a crack length of approximate ly 200 mm the crack 
growth wa very low. To acce lerate the test the intact fiber , which provide a bridging of th 
crack in the metal were cut veral t imes. After a crack length of 250 mm as reached the 
crack growth increased a bit. The crack growth period up to the te t stop, where the crack 
growth rate was ti ll quite moderate is significantly greater than for the convent ional 2024T3 
materi al. However, the results are not directly comparab le since on one hand th 2024 sk in 
was thinner than the GLARE4B skin and on the other hand, the fib r of the GLARE4B 
material were cut four time which i no natural damage cenario. 
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Figure 26 : rack growth behavior of longitudinal kin crack between intact frame in GL R ® 
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GLAR ® offers an excellent crack growth behavior for both crack type , i.e. for the so-cal led 
through crack and part-through crack . This superior behavior i the result of the presence of 
fibers in the laminate 17

, which do not fail due to fatigue. Thi enables load tran fer over the 
crack through the fibers , thus r ducing the crack tip opening the stre s intensity factor and 
finally th crack growth rate. Figure 27 show the crack bridging of the fibers. !though the 
stresses in the aluminum la er are higher than th stres applied to the laminate the crack 
propagation period i much longer due to the crack bridging effect e plained above. This is 
due to the low stress intensity factor when th crack reaches a certain length and the fibers 
become effective. 

X: Prepreg 

Figure 27: Bridging effect of GL RE 

The fatigu and damage toleranc analy is of GLAR ® tructure is performed according to 
the definitions given in Table 3. Fatigue initiation mainly affects the aluminum layers in 
GLARE® i.e. the fatigue initiation process is imilar to that of monolithic aluminum. Similar 
tress level and stress concentration in the aluminum leads to the ame time to crack initiation. 

A fatigue initiation in Glare is c lculated in th same ay as for monolithic aluminum by 
using the actual tre e in the aluminum layer at critical lo ation. The actual tresses in the 
aluminum layer in Glare consist of stre e due to curing proce e ternal load and 
temperature deviating from ambient condition . The crack growth analy is may a well be 
ba ed on metal method . Since the re idual strength analysis needs to a ume aluminium 
layers and fibers to b broken special methods were developed at the echnical University of 
Delft. 

Analysis 

rack initiation 
and 
crack growth 

Re idual 
strength 

GLARE® phenomena 

Crack in metal layers 
only fibers remain intact 

Final failure in complete 
heet, therefore failure in 

both aluminum and 
fibers 

Metal method for 
Treat GLAR ® initiation 18 

-----------
as a metal Metal methods for crack 

rowth 18 

Crack with fiber broken: 
Apply dedicated R curv concept 19 

methods for Crack( ) ith fib r intact: 
GLAR ® Reduced Blunt otch 

trength Method 20 

Table 3: Analysis methods for GL R ® structure 
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R cently a fmther development of GLARE wa initiat d in ord r to reach an optimized 

balance of the tructural propertie of GLARE® which i called HSS (High tatic Str ngth) 

GLARE. It ha be n developed a a member of the FML family with increa ed tatic 

propertie compar d with th fir t variant ( called ' Standard GL RE®"). Thi ha b en 

achie ed by u ing a 7475-T761 aluminum foil in tead of 2024-T3. The main impro em nt 

ar found in hear prop rtie and yield trength. Becau e of the high fatigue allowable for 

Glar large part of the 3 0 fu elage are tatically dimen ioned. or th e panel , additi nal 

eight aving opportunitie are provided by HS GLARE®. 

Te ts have been p rformed to inv stigate HSS GLARE® ranging from coupon tests up to 

large curved tiffened hell . Crack propagation t t of a longitudinal crack abov a broken 

frame bowed a minor increase of da/d compared to Standard LARE® ee igure 28, but 

till significantly lo r than in monolithic I 2524. Large damage capability wa pro n at 

1. 15 time p for a two-bay-crack o er a broken frame. 

-E • E -

Figure 2 : rack growth b ha ior of l 

------ __. . ---

• 
• 

HSS GLARE 
Standard GLARE 
Al2524T3 
Al 2524T3 

.. - -- -·-

N (cycles) 

LARE - longitudinal crack abo e broken fram 

Another beneficial £ ature of GL RE® i th apability t pro ide an excell nt tructural 

damage capability. Thi r ult fir tly from the excellent damage to leranc b havior of 

LARE® which i d cribed abo e. Furth rmor GLARE pro ide the opportunity to 

initiate a crack turning e.g. the crack turning of a long crack at the adjacent fram hich 

pr ent explo i d compression of the fu lage. The crack turning effect i r ach d by 

embedding additional gla fiber layer in the material at th fram locations, e igure 2 . 
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two bay 
longitudinal crack 

SDC (e.g. two-bay crack) 

additional glass fiber 
layers embedded at 
frame locations 

Figure 29: Structural damage capability provided by LARE 

4.3 Welding technologies 

or Airbus fu elage two w lding technologi are under con ideration: La er Beam Welding 

(LBW) already applied in erie production and Friction Stir W lding (FSW) till under 

inve tigation e Figure 30. Welding technologie are mainly introduc d to r duce the 

manufacturing co t . A weight a ing may be r ach d in addition. 

Laser beam welding (LBW) 

Stringer to skin LBW 

Friction stir welding (FSW) 

Longitudinal butt joint F SW 

igure 30: W lding t chnologie 

he application of w lding technologie will change the de ign philosophy for th fu lage 

panel e.g. wh n w lding stiffener to th kin. Since rec ntly pr urized fu elage of 

commercial transport airplan generally con i t of a built-up tructur wh r th kin-to

tring r conn cti n may be riveted or bond d. Th othe conn ctions uch a kin-clip ( h ar 
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tie ) and clip-fram are ri eted e igur 31 . he material u ed ar in gen ral th 
aluminum 2000 erie (2024 2524) for all I m nt . ln p cific area 7000 ri allo 
(7475, 7075 7349) are u ed to increa e the tatic tr ngth and/or the re idual trength. 

Built-up structure 

Skin: 
2024, 2524, 7475 
Stringer: 
2024, 7075, 7349 
Frame: 
2024, 7xxx 

Rivet 

Welded structure 

Skin: 
6013 
Stringer: 
6110 
Frame: 
2024, 7xxx 

Welding seam 

Figure 31: Built-up structure r u int gral (w lded) tructure 

Welding of the tring r pro ide an integral tructur which change ignificantl the 
damage tolerance b havior of th pan I r garding circumn rential era k . uilt-up tru tur 
and integral tructur are ompared in Table 4 r garding th ir advantages and di advantag 

1. Ri eting i Jo and p n i 
2. horter crack fr e lifi (durability) 
3. Su ceptibili to M Din ri t lin 
4. Good crack r tardation capability 
5. Good re idual tr ngth p rformance 
6. eating requi.r d 
7. Difficult in p ctability 

Table 4: ompari on of built-up tructur and inte.gral tructure 

4.3.1 Laser beam welding 

La r beam elding ( BW) i one of he mo t pr m1 mg !ding technologie fi r a ro pac 
appli ation. h major motivation of th appli at ion of LB i th r ducti n f th 
production co t and a I ight eight r duction. h LB technolog i m t uitable fi r 

lding of -j int , .g. kin-to- tringer or kin-t -clip joint . ldabl aluminum all 
uch a 6013 and 6056 ha t be u ed for the tim b ing. 

One of the fir t application of LBW on primar tructur fa comm rcial tran port airplane 
ar the lo er and id hell of the irbu I 8 u ing 6013 and 6056 for kin t tring r 

]ding, ee Figur 2. urthermor lo rand id h 11 of th 380-800 ar Id d kin-
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tringer joint) a ell a a for ard bulkh ad panel. Al o ral pan 1 of a high gro ight 
r ion f the A340 are elded. Ho e r, to date an application of the welded tructure in all 

area of th pr uriz d fu lag i not appropriate due to the limited re idual trength 
capability of the integral tructure. In th welded ar a of th 318 and 380-800 th 
operati nal ten ion tre e (in tringer dir ction) ar rather lo\ ince the lower and id 
h II ar dim n ioned mainl b compre 10n. 

A318: A380: A340 HGW: 
2 LBW panels 8 LBW panels 14 LBW panels 
- 1 panel in section 13/14 - 3 panels in section 13 - 4 panels in section 13 
- 1 panel in section 17 - 5 panels in section 18 - 6 panels in section 14 

- 4 panels in section 14b 

Figure 2: Application of LBW at irbu aircraft 

Furth rd elopm nt i perform d for !ding of oth r tructural part .g. the elding of th 
h ar clip to the kin. hi i an additi nal challeng b cau th re i no continuou Id 

lin r e eral m t r 1. . th Id lin i interrupt d appro ' imatel ever 150 mm, e 
Figure 33. 

he fatigu behavior of 1.d d j int i .. the life to crack initiation ha been check d for 
both tran ver and longitudinal dir ction i.e. loading p rpendicular and parallel to th Id 
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line 1
. 1gur the fatigu beha ior of the w lded tructure trans er e to th ld 

lin . Th Id d j int how fatigue li e c mparable to a K, = 3.6 sp cimen. Th actual 

aircraft tre I i ignificantly below th e N- curve . 
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igur 35 ho th fatigu b ha ior of th ld d tructure parallel to th weld lin . The 

tual aircraft tr le l i agam ignificantly b lo the - curve . 
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integral welded) tructur provid only limited retardation of crack and reduce th r idual 

trength ignificantly, since the crack propagate imultaneou ly in the kin and the tring r, 

as demon trated in Figure 36. 

da/dN -- da/dN integral 

- - da/dN bonded 

L. 

0% 100% 200% 
Crack length/ Pitch 

igure 36: Crack growth beha ior f circumferential crack in integral and built-up tructure 

Table 5 hows the allowabl tr e for crack growth and re idual trength in panels 

containing a circumferential crack. The allowable stre se are det rrnined to reach a pr -

defined in pection interval and to u tain a two- tringer-bay crack above a broken tring r. 

Th valu how ignificant difference b tween built-up and integral structure. Furthermore 

the ad antage of bonded tringer compared to riveted tringer ar obviou . 

85 % 
110 % 
65 % 

Table 5: Allowable tre e for circumferential crack above brok n tringer in kin panel 

th 

The damag tolerance behavior of longitudinal era k wa al o inve tigated in 22 The 

allo abl tre e in the kin containing a longitudinal crack abo e a broken frarn ar 

ind pend nt of the conn ction o the tringer (ri eted bonded or welded) . Therefore th 

allo able tr e dependent only on th material pro ided th crack i not a urned in th 

ri et I bond / eld line and re ult in th am valu for 242 and 6013HDT-T6. 

The r idual trength behavi r i in ti gated a urning a crack in the rivet /weld line 

compared to the ba e material ee Table 6. ccording to the inve tigation performed up to 

now th thermo-mechanjcally affi cted zone (TMAZ) i the wor t ar a in a friction tir w ld d 

joint. The fracture toughne of the LBW kin - tringer joint in th transition between the 

weld zone and the basic material how approximately the ame Keo valu in te t performed 

at room temp rature. At -30° the fracture toughn drop by approximately 15 percent. 
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Material / Technology 

FSW skin butt joint, 6013T6, TMAZ 
LBW skin - stringer joint, 60 l 3T6, transition weld zone - basic material 

LBW skin - stringer joint, 60 l 3T6, T = -30°C, weld zone - basic mat. 

Riveted skin - stringer joint, 2524T3, rivet line 
6013T6 base material 
2524T3 base material 

Table 6: Fracture toughness of skin panel (crack in rivet/ weld line) 

4.3.2 Friction stir welding 

Keo (MPa✓m) 
100 
99 
84 

111 
127 
143 

The second promising welding technology is the friction stir welding (FSW), which is based 

on patents developed by the "'The Welding Institute" (TWI) in UK. The process consists of a 

rotating tool producing frictional heat so that plasticized material in kneaded under pressure 

and therefore leading to a tight connection of the sheets. FSW allows joining of "non 

weldable" alloys, e.g. 2000 and 7000 series aluminum alloys. Furthermore different materials 

may be joined, e.g. different Al alloys. For series production FSW is today applied in non

aircraft industry. Examples for application are ship _and train manufacturing as well as 

aerospace industry (rocket production). In the aircraft industry first applications of FSW are 

envisaged for fuselage longitudinal -joints, wing spanwise joints, wing spars made of 

dissimilar alloys and extruded panels, e.g. in center wing box. FSW is a welding technology, 

which offers a lot of opportunities. The most important aspects are summarized in the 

following. These aspects offer either (I) a design improvement or (2) manufacturing savings 

or both. 

• Fastener reduction (I), (2) 
• No fatigue cracking at fasteners holes (no MSD) 
• Reduced manufacturing costs 
• No sealing 
• Typical application: fuselage longitudinal joints, wing spanwise joints 

• Material optimization (1) 
• Weld "non weldable" aluminum alloy ( e.g. 2024 and 7075) and dissimilar 

alloys (2024-6013 or 7075-8090) 
• Envisaged application: Spars from different alloys 

• Material utilization (2) 
• Reduce the buy to fly ratio by welding machining blanks 

• Reduce the constraint of material supplier maximum workable volume 

• Typical application: wing ribs and wing spars 

• Process automation (2) 

Figure 37 shows the different zones, which are created during the friction stir welding. These 

zones have different properties, e~g. hardness, fatigue initiation, crack growth and residual 

strength behavior. Therefore the relevant properties for dimensioning the joint have to be 

checked in each of the zones. 
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Thermo-mechanically affected zone 

Nugget area 

Heat affected zone 

Base material ----------

Figure 37: Zones in area of fri tion stir welding 

Th static propertie of F W joint ar e cellent compared to the ba e material e Tab! 7 
for several material and a thickne s range around 4 mm. 

Material 
2 , I 

6x 
7X 'X 

IMg C 

Al.Li 

Yer high - 90% of ba e material 
High - 80% of ba e mat rial 
High - 80% of ba mat rial 

Ver high - 95% of ba e material 
High _: 80% of ba e material 

Table 7: tatic propertie of F joint 

Figure 38 how the exce ll nt fatigue b havior of W jo int compar d to a ri eted joint. he 
Figure contains the allowable stre for an optimized three-rivet-row lap joint with 
additional doubler in th ri et area and three rivet ro a three-rivet-ro lap joint without 
doubler and a SW joint com par d ith the behavior of the ba eline material. Th allo ab! · 
maximum fatigue tr - (far field tre ) i 54 perc nt lo er for th ri t d lap joint compar d 
t the F W joint. The e figure are alid for p cim n ith a mean fat igue I ift of 250 000 
cycles at an R value of 0.1. 

The fir t v r promi ing r ult of the crack gro th and re idual trength b ha i.or of F W 
joints in 60 I 3T6 have been publi h d in 200 I 2

" Further in e tigations confirmed the 
re ult , al o for other material, . Figur 39 how th da/dn v . K data and th R-curve for 
F W joint in 6013 T6, IMgSc and !Li 1424T in c mpari on to the o-cal I. d 2024 ma ter 
curve. h da/dn data and the R-cur e ho con iderable differenc d pending on the zon 
of the Id line. The nugg t zon provide the b tter r ul t for mo t of the ca 
inve tigated. h da/dn data ar better or qual compared to the 2024 ma ter cur 
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...., 
100 C: 

Q) 
(.) 
a... 
C1.) 80 C. 

.5 

"' 60 "' Q) 

100 % Fatigue allowables for Al 2024, 
-t-

R=0.1 ; n =250000 cycles 
80 % 

-t--

+ 54 % re lated 
to lap joint 

-t-

52 % 
I.. ...., 
"' .!! 40 
.!l 
(t, 

~ 20 .2 

lap joint 40 % 
--

3 rivet rows lap joint 

Kt= 1.0 1.6 / 1.6 mm 3 rivet rows FSW joint 
--

doubler 1.6mm 1.6 / 1.6 mm 
~ 0.6/0.6 mm no doubler 

0 
, 

Figure 3 : Fatigu life of SW joint in compari on to riveted lap joint and ba e material 

Fatigue crack propagation Fracture Toughness 

da/dn 
(mm/cycle) 

10 20 30 40 

- 2024 master curve 
a Cl 6013 T6 FSW nugget crack 

• • TMAZ crack 
• AIMgSc FSW nugget crack 

• • TMAZ crack 
C • 1424 Tx FSW nugget crack 

TMAZ crack 

4 0mm 

&K(MPa✓m) 

Ke 
(MPa✓m) 

0 100 

Figur 39: rack growth and re idual tr ngth behavior of FSW joints 

........ r 

j 
CCT 

I 

I 

I 
- -

7f 0mm 

A<le(mm) 200 

In frame of the re earch project TA GO (se abov ) curved panel te t hav be n carried out 

to investigat th crack propagation behavior of longitudinal FSW joints und r int mal 

pre sure. The te t panel ar shown in Figure 40. 
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6013 HOT T4-FSW-T6 

.i±-~~~~~!!'!!!!!!~!'!'!!!!!!'!'m!!!~~~!!!'!'!!!!~~!!!!!!!'!!~LL.±i-- LBW stringers 

-- LBW clips 

FSW joints 

Damage 
locations 

AIMgSc creep formed 

-- LBW stringers 

LBW clips 

igure 40: TA GO curved panel te t with FSW joint 

The e t t revealed the following r ult : 

• Panel 6013 HDT T4-F W-T6: 
• Longitudinal crack (L l) next to the stringer ee Figure 41: 

o stable low crack propagation 
• Longitudinal crack (L2) halfway betwe n the tringer e Figure 41: 

o High bending on the weld seam (outer urface to inn r surface 5:1) 
o nstable crack propagation during fatigue cycling with p load 

• Panel AlMgSc creep form d: 
• Crack growth in both longitudinal and circumfer ntial direction higher than 

expected (material prop rtie were incorrect) 
• Good residual trength r ult 

Crack L 1: stable 
slow propagation 

Crack L2 in area of 
high secondary _ 
bending: unstable 
propagation 

,~ -

+ 

2no 
bending t.P 

W+W=W 
Figur 41: ra k gr wth behavior f F W joint und r internal pre sure 
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4.4 Bonding/ metal laminate 

or eight reduction purpo e ral approach ar in tigat d to dat . E en if bonding i 

no new t hnolog it i con idered for tructura l improvem nt . Weight reduction may be 

achie ed b u ing ad anc d bonded fu lage pan I . e p ciall in th e area , hich ar 

dimension d b fatigu and damag toleranc . Further weight reduction ill be achi ed b 

increa ing the tiffn rati f the I ngitudinal tiffener ( tringer and circumfi rential 

tiffener (frame ) and add ing bonded trap and/or waffl plat to r tard circumfer ntial and 

longitudinal crack . 

Bonded fi ature a traps and/ r tring r , which are rectangular to th crack tip, pro ide 

ignificant better crack retardation than ri t d featur 24
• In addition the tiffoe ratio of the 

kin / tiffener pla a major role for the crack retardation. The tiffn rat i i defin d a 

µ = A tilTener / ( stiffener+ kin) 

ith: 
tiffen r = area of ti ffene r 
kin = area of kin per tiffen r pit h i.e. tifD n r pitch multipli db kin thickne s 

The effect f th tiffne ratio i gi en in igure 42. It conta in the g n ral crack gro th 

behavior of a ircumferentia l kin crack abo a brok n bond d tring r. 11 adjac nt 

tr inger are bond d too . Curv I repre nt the crack growth beha ior f the de ign with µ = 
0.25. Th allo abl tres le I i ba d on the al u . The crack propagation peri d 

b tween the po int and ' ha not b n con id red up to no inc thi period has not 

b en co ered b form r larg panel t t . n incr a of the tiffne ratio µ ould lead to a 

light! fa ter crack growth b t en detectabl crack length and th point B, but to a 

ign ificant longer peri d b t en B and B cur e 2. Ho e er, the in r a of the 

tiffne ratio is not the mo t ight fti ti e olution to ga in a long r p riod bet n B and 

B'. An increase of th area of the foot of th tringer or th appl icat ion of an additional 

bonded doubler i much mor fficient. Ho ever, the change of th tring r foot or th 

addit ional doubler I ad to a r long p riod b t en B and B . The allo\ abl tr level i 

ba ed on the alu s· . ur 3 r pre nt the crack gro th b ha ior in ca e fan increa d 

tr le el. 

Curve 1: stiffness ratio 0.25 

Curve 2: stiffness ratio> 0.25 

Curve 3: stiffness ratio > 0.25 and increased load 

Bonded strap / 
stringer 

N (flight cycles) 

igure 4_: Effe t f bonded trap and stiffn s ratio n fatigu crack growth 
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A more advanced technology is the use of metal laminates 25
. They are produced by adhesive 

bonding of two or more thin sheets in order to obtain the required thickness. This laminate 
may be reinforced by bond d doubler and trap which are located as necessary below or 
between the stiffener , rectangular or with a specified other angle, see Figure 43. 

E ! ! ! 

Figure 43: Principle of metal laminate 

A superior behavior of metal laminate with respect to fatigue crack growth an fracture 
toughness results from the foilowing facts: 

• Thickness: 
Fatigue crack growth in thin sheets is slower than in thick sheets and plates. 

• Peak load delay: 
Variable-amplitude loading produces larger plastic zone because in plane tress the 
plastic zone is larger in thin she ts and slower crack growth can be expected. 

• Crack arrest: 
The adhe ive layers and non-cracked sheets will retard crack growth m metal 
laminates. 

• Additional crack stopper bands ( trap): 
The crack stopper bands are applied in the aircraft fuselage to restrain the extent of 
fatigue era.eking and to improve residual strength if cracks are present. The weight of 
crack stopper bands is relatively low. In order to be effective and reliable and to be 
cost-effective as well a high fatigue resistance of the crack stopper bands i essential. 

• Surface crack: 
The penetration of part through (surface) cracks in the fu 11 thickness has a very slow 
crack growth rate in laminated materials compared to monolithic materials. 

To limit manufacturing co t it is important to make an accurate choice of sheet thickne s. 
Conceivable is the manufacturing of ML from the sheets with 0.6 0.8 and 1.0 mm thickness. 

However, it should be mentioned, that an excellent crack grow h and residual strength 
behavior may also be reached if a monolithic kin is used together with bonded doublers and 
straps. 
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4.5 Structural hea lth monitoring 

The application of structural health monitoring (SHM) may contribut ignificantly to reduce 

the aircraft weight and con equently the direct op rating co t (DOCs) . Furthermore it may be 

u ed to monitor hot pot area for early damage detection and to perform crack monitoring. 

The expected weight r duction for monolithic aluminum tructure r suits from a modification 

of today ' s damage toleranc philosophy, i.e. le tringent damage scenarios may be a urned 

in ca e of global HM application. Figure 44 gives an ov rview about po ible SHM 

applications for metallic tructure and the major rea on for application 26
. In flying aircraft, 

there are known hot pot areas, which are s n itive to fatigue and/or stre corro ion or 

corro ion fatigue problem . A uitable HM system could be in talled to monitor these area . 

Th SHM application can be v ry beneficial, especially for tructural locations which are 

difficult to in pect using conventional in pection methods and/or where acces to the structur 

location i d ifficu It. 

SHM applications 

Reduction of 
Inspection 

Crack Corrosion Life Improvement 

of Structural 
Efficiency 

Monitoring Monitoring Extension 

Areas with 
restricted 

access 

Early 
Crack 

detection 

Areas with 
difficult NOT 
Inspection 

Variable 
Load 

Spectra 

Especially: 
Saving Weig ht! 

Figure 44 : vervi ew of HM application for metallic structure. 

The major benefit from HM y tern may be gain d if consid r d during th design of n w 

aircraft. For impro ement of the structural behavior it has to be checked, which de ign 

crit rion may be improv d by SHM. Table 8 contain the structural de ign criteria and the 

po ible improvements by HM. 

Criteria 
tatic strength 
atigue trength (durability) 
irworth ines 

rack growth p riods 

tructural damage capability 

o improvement possibl 
No improv ment possible 
Improvements po ible but current tructure meet 
airworthine s requirement 
Improvement in case of long r cracks due to mod ified 
crack cenario 
lmprovements in ca e of fatigue crack due to modified 
crack scenario no improvement po sible for impact 
damage due t accidental damage cenano 

Table 8: hallenging or d ign criteri a by 1-1 
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The benefits due to SHM mentioned above exist in m tal lie areas dimensioned by damage 
tolerance, i .. mainly by crack growth . These area are dependent on the aircraft type, design 
criteria, mis ion profile in p ction program and material. There are four major different 
pos ib ili ti s of SHM application at fuselage structure: 

• monitoring of tringers - to detect stringer crack or fai lure 
• monitoring of fram - to detect frame cracks or failur s 
• monitoring of skin - to detect circumferential skin crack 
• monitoring of skin - to detect longitudinal kin crack 

As" on of the first po ibl applications the monitoring of internal tiff n r in wing or 
fuselage panels is investigated. The effect of a health monitoring y tern on the inspection 
requ irements is described in Figure 45 showing an aircraft wing or fuselage skin tiffened by 
tringers. In many ca e the con entional inspection system doe not require internal 

inspections of the stringers. For th s ca it i a sumed that the tri nger contains the so
caJled primary flaw and the skin the econdary flaw ( horter length than the primary flaw). 
The stringer fail after a c rtain number of flights· afterward the load are red i tribut d into 
the skin which increa e the crack growth rate in the skin. The in pection interval is based on 
th crack growth period between the d t ctab le and the critical crack length in the kin 
divided by an appropriate scatter factor. In case of health monitoring of the tringer a failure 
of the stringer ha not to be a sum d (i.e. th tringer is intact) which reduce the crack 
growth rate in the kin significantly. The crack growth period between 2a = 75 mm, which i 
detectable by g neral visual inspection of the fu elage, and the critical crack length is 
increased by a factor of roughly 2.5. This wo uld either allow to increase the inter als for 
general visual inspection by this factor or to increase the al lowable tre le el by more than 
15 percent. Thi ignificant improvement i not applicab le for area dimensioned by other 
de ign criteria, e.g. tatic strength. 

- 120 
E 
.§. 100 
('i:I 

.c: 80 -C, 
C: 60 Q) 

..J 

.:&: 40 (.) 
('i:I .... 
0 20 '+-
~ 
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0 
4000 8000 

Stringer has to be assumed broken 

Stringer may be assumed intact 
(with SHM), 

12000 
I 

Crack above 
broken stringer 

With SHM: 

crack above 

intact stringer, 

same 
dimensioning 

16000 N (No. of Flights) 

Figur 45 : Exampl for HM application - , tringer monitoring 
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5 CONCLUSION 

The current fatigue and damage tolerance technologies for built-up structure are well defined 

leading to low weight, low manufacturing and operational costs and the envisaged 

airworthiness. These technologies have been successfully extended to hybrid (GLARE®) and 

welded structure (e.g. LBW), which are applied beneficially in specific fuselage areas 

according to their advanced properties. Reliable analysis methods have been developed and 

successfully applied to multiple site damage and multiple element damage scenarios, which 

are a special concern in fatigue and damage tolerance for aging aircraft and new design. 

Further improvements and extension of the fatigue and damage tolerance technologies are 

required for the next generation of metallic fuselage structure, which have to compete with 

composite designs. The analysis methods must be able to predict exactly the structural 

behavior of advanced hybrid, integral and welded structure made of the next generation of 

materials. For the future structure analysis a combination of deterministic and probabilistic 

analysis is essential, since initial damage scenarios are of a probabilistic nature as well as 

loads and materials properties. 

Fatigue and damage tolerance analysis methodologies are significantly supported by testing, 

whereby large components, such as curved panels and barrels, as well as full scale fatigue 

tests play a major role. In the future some tests may be substituted by virtual testing using 

advanced computational methods and the experience in the field of fatigue and damage 

tolerance made during the last fifty years. 

Additional improvements to the fatigue and damage tolerance behavior are expected due to 

the application of structural health monitoring. Fatigue and damage tolerance considerations 

will allow to quantify and to verify the benefits regarding structural weight, maintenance and 

reliability improvements. 
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