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REVIEW
on the activities of the
International Committee on Aeronautical Fatigue (ICAF)
during the period May 1997 to May 1999

25th ICAF meeting in Edinburgh in June 1997

The Meeting in Edinburgh was organized by Dr. Peter Poole, the U.K. National Delegate. It
started with the 25th ICAF Conference on June 16-17, 1997 followed by the 19th ICAF Symposium
on June 18-20.

At the Conference 12 National Reviews were presented. The Reviews were compiled in the
Minutes of the Conference, published by the Defence Evaluation and Research Agency (DERA),
Farnborough, England. Within half a year after the Conference these Minutes were available.
More than 300 copies were distributed by the editor for dissemination in the ICAF countries.

The Symposium was opened by the 16th Plantema Memorial Lecture, named in honour of the
late founder of ICAF, Dr. Frederick J. Plantema. It was presented by Dr. J. W. Lincoln. The title of
his lecture was: “Aging Aircraft - USAF Experience and Actions.” At the conclusion of his lecture,
Dr. Lincoln received the Plantema Memorial Lecture Medal. In the Symposium 33 papers were
presented by their authors, and a further 39 were presented in poster format. (This kind of
presentation was initiated in 1993 in Stockholm, and has proven to be successful.) Both, papers
and poster presentations were included into the Proceedings of the Symposium entitled “Fatigue
in New and Ageing Aircraft.” The book was edited by Messrs. R. Cooke and P. Poole, and was
printed by EMAS in two volumes. It was also available about half a year after the Symposium,
and it can certainly be recommended to everybody interested in aeronautical fatigue problems.

The Symposium was attended by 271 participants. It was generally appreciated that the host
country had organized an efficient and interesting meeting. The participants enjoyed also gratefully
an introduction into Scottish traditions and hospitality.

National Delegates of Germany and Switzerland

During the period of review two National Delegates retired, i.e. Dr. H. Huth from Germany and Mr.
S. Michel from Switzerland.

Following suggestions coming from the respective countries the Committee Members had voted
unanimously two new National Delegates, i.e. Dr. Claudio Dalle Donne, DLR Cologne in Germany
and Dr. Michel Guillaume, SF Emmen in Switzerland.



ICAF Document Distribution

The number of documents distributed between the ICAF centres during the past two years is 66,
which include 15 reports, 49 reprints (from journals and symposium books), and 2 books.

One ICAF Bulletin (No. 91, August 1998) and two Circular Letters (May 1998 and February 1999)
were issued during the last period.

ICAF Status
Traditionally the Secretary’s Review ends with a brief summary of ICAF Status.

ICAF is an international organization with informal rules written up in a one-page document,
called the ICAF principles. ICAF has two objectives: (1) to stimulate contacts between people
actively engaged in aircraft fatigue problems, and (2) to exchange information, experience,
opinions, and ideas concerning aircraft fatigue.

The objectives are primarily realised by meetings like the present one, and by an exchange of
ICAF documents between the member countries.

There is another document of two pages which refers to the tasks of the National Delegates. The
Delegates are responsible for circulation of ICAF information and documents. Last and not least,
each Delegate prepares and presents a review of the aeronautical fatigue investigations carried
out in his home country. These reviews are most important reports, and all the work involved
should be highly appreciated by all of us.

O. Buxbaum
General Secretary of ICAF
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Review of aeronautical fatigue investigation in the Netherlands during the period
March 1997 - March 1999

H.H. Ottens
National Aerospace Laboratory NLR
Anthony Fokkerweg 2
1006 BM Amsterdam
The Netherlands

1.1 INTRODUCTION

The present review gives a brief summary of the work performed in the Netherlands in the field of aeronautical fatigue,
during the period from March 1997 until March 1999. The various contributions to this review come from the following
sources:

- The National Aerospace Laboratory NLR

- The Faculty of Aerospace Engineering, Delft University of Technology (TU Delft)

- The Faculty of Mechanical Engineering, Eindhoven University (TU Eindhoven)

- Fokker Services

- Fokker Aerostructures

- Structural Laminates Industries (SLI)

The names of the principal investigator and their affiliation are presented between brackets at the end of each topic title.

1.2 LOADS

1.2.1 Determination of lateral gust loads (P.A. van Gelder, NLR)

Partly as a continuation of the “Fokker 100 Tail Loads Programme” that has been reported in previous |CAF meetings,
NLR has carried out a research programme to test and validate newly in-house developed (unsteady) aerodynamic
codes, especially with respect to the determination of lateral gust loads on aircraft. Calculations have been carried out
with the Aero-elastic Simulation package (AESIM) for a Fokker 100 configuration and results will be compared with
wind-tunnel data. The calculations were completed in 1998 and the final results will be reported in 1999.

1.2.2 Standard load sequencesfor aeronautical applications (P.A. van Gelder, NLR)

The National Aerospace Laboratory NLR has been actively involved, especialy in the period between 1975 and 1992,
with the creation and validation of standardised load sequences for fatigue analyses and testing.

In order to increase the accessibility, in terms of availability and application, and also to minimise the possibility of
erroneous application of the data, all sequences (available at NLR) will be stored on one device (CD-ROM).

A database function will be added that will enable the generation of load/stress sequences for the appropriate stress
levels from the basic data. Also an interface option for common crack-growth programs such as NASGRO (NASA) and
CRAGRO (NLR) will supplied.

The relevant describing reports will be added as well to this CD-ROM in adigital format (PDF).

The CD-ROM s expected to be completed in 1999.

1.2.3 FAA flight loads programme (P.A. van Gelder, NLR)

For the ageing aircraft programme FAA has installed Flight Data Recorders in a number of transport aircraft for load
and usage monitoring. NLR was asked to advice FAA on this programme. One of the NLR tasks is to investigate
whether the sampling rates that are currently used by onboard Flight Data Recorders is sufficient to supply statistically
realistic and relevant loads data (cg-accelerations) and usage data (e.g. flap deflections). NLR carries out this
investigation using NASA supplied flight data sampled at a high rate (20-100 Hz). This project is carried out as a co-
operation between NLR the FAA and the Netherlands Airworthiness Authorities RLD.
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1.2.4 Fatigue loads'usage monitoring of military aircraft
a. Structural fatigue load monitoring of RNLAF F-16 aircraft (D.J. Spiekhout, NLR)

The fatigue load monitoring programme of F-16 aircraft of the Royal Netherlands Air Force (RNLAF) has been
continued. In the previous programme three aircraft per squadron were equipped with a four channel digital solid state
recorder measuring wing root bending moment and three additional load quantities This programme is gradually phased
out and replaced by the FACE system

The “Fatigue analysing and Air Combat Evaluation system (FACE)” was developed by RADA Electronics Industries
Ltd. In Israel and will be installed in al RNLAF F-16 aircraft. To date in about 60% of the RNLAF fleet a FACE
system has been installed. The FACE system allows a more extensive load monitoring on individual aircraft bases.
Quantities measured to monitor structural fatigue loading include strains in five different structura locations. two
indicative for wing root bending and outer wing bending, two at the rear fuselage dealing with horizontal and vertical
tail loads and one in the fuselage center section indicative for fuselage bending. With these strain gages a number of
flight parameters are measured simultaneously. The FACE system is also used to monitor engine loads and usage.

Apart from the continuous load and usage monitoring programme the FACE system is capable to do campaign
measurements. The FACE system and its possibilities are described in Ref. 1.

b. Maritime Patrol Aircraft, P-3 Orion (A.A. ten Have, NLR)

NLR has developed software to perform fatigue life calculations of the P-3 Orion maritime patrol aircraft These
calculations provide the operator with a validated fatigue life indicator for the most critical wing location of the P-3
Orion airframe structure. This package is currently in use by the RNLN (as “PLEBOI”), the Spanish Airforce (as
“SAFORI") and the Portuguese Airforce (as “POLICAL"). NLR performs structural data recording activitiesin RNLN
and PoAF P-3 Orion to support theoretical fatigue life calculations

c. Transport Aircraft, C-130 Hercules (R.P.G. Veul, NLR)

The Royal Netherlands Airforce operates two C-130H-30 Hercules aircraft that were delivered in 1994/1995. In order to
optimize operational and maintenance aspects, NLR is setting up tailored C-130 structural life monitoring procedures.
An in-flight data acquisition system will be installed in each of the C-130 Hercules airframes, generating operational
usage and service loads data.

1.2.5 Helicopters(A.A.ten Have, NLR)
a.  Lynx helicopter (A.A. ten Have, NLR)

To achieve Lynx life extension and to monitor and control maintenance of the main rotor and sponson (the Lynx
undercarriage support structure) loads, the Royal Netherlands Navy RNLN has decided for a fleetwide installation of a
multi-channel structural data recorder system, called the AIDA system. This AIDA system will also cover and replace
engine cycle counter functionalities. NLR has provided extensive support to the RNLN by defining the AIDA
functional specification, generating user-requirements and source selection input data, co-developing desired AIDA
functionalities, performing airworthiness tests, and developing Host Station Software.

Current status as of April 1999, is that production AIDA systems are being delivered, Lynx airframes are being
modified, and the AIDA certification processis being finalized. Developing the Host Station Software is still underway.
Apart from the RNLN, German and Brazilian military operators also consider installation of this NLR developed AIDA
system for their Lynx fleets. To support these operators in their decision-making process, NLR has provided input.

b. Bo-105, Chinook, Cougar helicopter (A.A. ten Have, NLR)

NLR has supported the Royal Netherlands Airforce RNLAF with structura integrity issues concerning the Bo-105,
Chinook and Cougar. With respect to the Bo-105, these activities concern service life extension aspects of ageing
airframes, with respect to the other helicopter types they concern optimization of new helicopters structural integrity
issues. In particular, corrosion and crack logging and administrative usage monitoring procedures are under study.
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1.3 ENGINES

1.3.1 Engineusage monitoring
a. Pratt & Whitney F100 engine (J.H. Heida, J.F. Slauerhoff, NLR)

Since 1991, NLR performs operational engine usage monitoring of the Pratt & Whitney F100 engines installed in F-16
aircraft. For this purpose, a number of multi-channel data-acquisition systems have been installed in the RNLAF F-16
fleet registering parameters such as pressure atitude, calibrated airspeed, engine rotational speed and power lever angle.
Engine damage accumulation is then calculated from the recorded engine cycles using specific algorithms. Furthermore,
flight time and hot time envelopes (time spent in certain Mach number versus altitude regions) are determined to gain
more insight in the RNLAF F100 mission profile. To date, more than 11000 RNLAF F-16 sorties have been collected.
On a routine basis, this operational RNLAF engine data is transferred to the engine manufacturer for evaluation
purposes and could be used as a basis for tailored engine maintenance procedures, e.g. affecting inspection intervals or
retirement lives.

From 1997, the Fatigue Analysing and Air Combat Evaluation system (FACE) is being introduced in RNLAF F-16
aircraft. FACE is a comprehensive maintenance management and flight debriefing system developed by RADA
Electronic Industries Ltd in Israel. This system enables the recording of approximately 100 engine parameters of which
a representative selection will be made in 1999. Ad-hoc campaign measurements will always allow other parameters to
be temporarily monitored.

b. RollsRoyce Gem 42 engine (A.A. ten Have, NLR)

On a routine basis and employing four NLR developed engine cycle counters, NLR supports the Royal Netherlands
Navy RNLN with Cyclic Life Control of their Lynx Gem engines. Currently, the RNLN is the only Lynx operator
benefiting from tailored exchange rate in Gem engine maintenance procedures. In the near future the engine cycle
counting isincluded in the AIDA system and the separate cycle counters will be phased out.

1.3.2 Lifeassessment of engine components(T. Tinga, NLR)

In order to do an accurate life assessment of a gasturbine component it is necessary to have detailed information on the
gas turbine loads, thermal, aerodynamic and mechanical 1oads, and on the resulting stresses in the component.

The total loading of gas turbine components has two major contributions: thermal loading and mechanical loading. The
loading of stationary (non-rotating) components like vanes is mainly thermal, caused by variations in temperature of the
hot gas stream in which the components operate. Rotating components have additional mechanical loading, where the
centrifugal loading due to the high rotational speed of the components is the most important contribution. At the NLR a
method has been developed to determine both the thermal and centrifugal loading of any gas turbine component for any
mission.

The basis of the analysis method is the Gas Turbine Simulation program (GSP), developed at the NLR. GSP performs a
transient (gas path) analysis of a mission using power settings and flight conditions as input and giving, among others,
gas temperatures, pressures and mass flows as output (see figure 1). The gas stream results of the GSP calculation are
then used in afinite element (FE) analysis to calculate the temperature distribution in the component. The results of this
thermal analysis are combined with the rotational speeds calculated by GSP to determine the stresses and strains in the
component. Finaly, the obtained stress spectrum is used to perform a life assessment of the component, which
completes the analysis. The method has been applied to a real component, in this case a 3 stage turbine blade of an
F100-PW-200 turbofan engine.

1.3.3 Detailed analysis of engine components
a. Aerothermal loads analysis on engine components (R. Hagmeijer, NLR)

The theoretical aerodynamics department of NLR is responsible for providing thermal and aerodynamic loads on
components due to the aerothermodynamics of the hot gas flow. The analysisis divided into two parts:
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1) Computational Fluid Dynamics (CFD).

Based on solution of the 3D Reynolds-averaged Navier-Stokes equations, the thermal and mechanica loads are
determined along the component boundaries. The set of five partial differentia equations describes conservation of
mass, momentum and energy respectively, for viscous compressible fluids. Accurate solution of a discretisation of this
equation set is carried out by employing sufficiently dense grids to resolve al the relevant flow phenomena
Particularly, the heat transfer from the flow to the engine components is completely determined by the detailed shape of
the temperature profile inside the boundary-layer. Extensive knowledge about the required grid resolution is available
and employed. Until present CFD is carried out using commercially available codes on workstations. It is foreseen that
one of these codes will be implemented on the NEC SX-5 supercomputer at NLR during 1999.

2) Asymptotic analysis.

To support design, verification and validation of other tools employed, e.g. CFD and physical experiments, an
asymptotic analysis is carried out. Such analysisis based on asymptotic analysis of the 3D Navier-Stokes equations in
boundary-layers where the flow field may locally satisfy similarity conditions. For example, the heat transfer from the
flow to a stagnation point in the engine is predicted accurately by means of such asymptotic theory.

b. Thermal and thermo-mechanical analysis of engine components (A. de Boer, NLR)

In the framework of several projects on gasturbine components transient as well as steady state thermal analyses are
carried out a NLR. The heat transmission coefficients that determine the heat flux from the gas flow to the gasturbine
component are obtained from (in house) CFD analysis. The analysis may include internal component cooling.
Temperature dependent material properties such as the heat conduction coefficient and the specific heat are taken into
account. At NLR thermal analyses are carried out with the finite difference program ESATAN and the finite element
programs CFX, MARC and B2000. CFX allows a coupled CFD-thermal analysis. MARC is a commercial available
structural finite element program. B2000 is a highly modular finite element program, which is used by NLR as a testbed
for new developments and evaluation of (new) theories. PATRAN is used as geometry modeller and mesh generator for
the structural finite element models. The heat transmission coefficients and corresponding surface co-ordinates obtained
from CFD analyses can be read in PATRAN and interpolated to the structural node co-ordinates automatically. At NLR
a mechanical-electrical 3D measuring device is available to measure geometries of gasturbine components with an
accuracy of 1.5.10° m.

Thermo-mechanical analyses using the aerothermal loads and the thermal analysis results as input. For the thermo-
mechanical stress analyses it is not required to use the same mesh as for the thermal analyses. Within PATRAN there
are features to map the thermal distribution field from the thermal finite element mesh on the finite element model for
the stress analyses.

At NLR thermo-mechanical analyses are carried out with MARC or with B2000 for new developments. In the case of
transient thermal analyses stress distributions are calculated for certain (interesting) time steps. In these analyses
temperature dependency of the material properties (Youngs modulus, expansion coefficient) can be taken into account.
Creep is taken into account when appropriate. To this end a time and temperature dependent creep function must be
defined in aMARC user subroutine. The parameters for this function can be measured in the NLR material |aboratory.

The calculation of the heat transmission with CFD as was described, was validated with experiments carried out at the
Von Karman Institute and published in Ref. 2. It concerns the heat transfer to a turbine blade, a 2D turbine cascade (see
figure 2). The calculated and measured heat transfer (represented by the Stanton number) for different Reynolds
numbers are presented in figure 3. It can be concluded that in the region where the flow is clearly laminar, the
difference between the computed and experimental heat transfer is small for the two larger Reynolds numbers, but
increases to about 20% for the smallest Reynolds number.

The procedure for thermal and thermo-mechanical analyses of a turbine blade with cooling channels and the with
ENFLOW computed heat transfer as input is evaluated for the VKI blade. To this end the 2D geometry has been
extended to a prismatic 3D model with 5 cooling channels. A typical steady state temperature distribution is depicted in
figure 4. Due to the presence of cooling channels there exists a temperature gradient in the blade cross section at steady
state. The resulting thermal stresses in the blade are presented in figure 5. Effects of centrifugal loads and creep
behaviour on the stress and strain distribution are studied, too.
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1.3.4 Behaviour of thermal barrier coatings under athermal loading (M.F.J. Koolloos, TU Eindhoven, NLR)

The failure mechanism of thermal barrier coatings (TBCs) subjected to a thermal load is till not entirely understood.
Thermal stresses and/or oxidation cause the coating to fail and hence must be minimized. During the present
investigation TBCs with a thickness of 0.3, 0.68 and 1.0 mm were sprayed which withstood the high thermal stresses
during thermal cycling. Owing to the substantial thickness the temperature at the top coat / bond coat interface was
relatively low, resulting in alow oxidation rate. Furthermore, bond coats were pre-oxidized before applying a top coat.
The performance of the TBCs during three different thermal loads was investigated. These loads were: thermal shock
(short cycles, top coat surface is heated by flame), thermal cycling (long cycles, top coat surface is heated by flame),
and furnace testing (long cycles, entire specimen is heated) The thick TBCs applied during this research exhibited
excellent thermal shock resistance but performed very poor during furnace testing. A pre-oxidation treatment of the
bond coat increased the lifetime during thermal loading where oxidation was the main cause of failure. Results are
presented in figures 6 and 7 and in Ref. 3.

1.3.5 Modelling of thermal barrier coatings (M.F.J. Koolloos, TU Eindhoven, NLR)

Finite Element (FE) models that take into account the bond coat pre-oxidation and interface roughness were used to
calculate the stresses occurring during thermal shock and furnace testing. The global-local approach was used. First the
temperature and stress profile on a macroscopic scale were calculated. Next a small piece was excerpted from the global
model. A new fine mesh was generated including a rough interface with very fine elements allocated for an oxide layer.
The FEM analysis of the thermal shock process gives a first impression of the stress conditions on the interface
undulations during thermal loading, but further development is required. The FEM analysis of the furnace testing
elucidated that delamination occurred owing to stress concentrations at the free edge of the specimen.

The experimental program is entirely performed at Eindhoven University of Technology, Department of Mechanical
Engineering, Section Thermal Spraying (J.M. Houben)

1.4 FATIGUE AND DAMAGE TOLERANCE STUDIES

1.4.1 Fatigueof riveted lap joints (J.J.M. de Rijck, J. Homan, SAA. Fawaz, J. Schijve, A. Vlot, TU Delft)

Investigation on riveted lap joints as reported in the previous review were continued. The following topics have been
studied.

a. Effect of the sgqueeze force on fatigue life

Experiments were carried out on GLARE specimens. The squeeze force has similar effect as previously shown for
2024-T3 lap joints, i.e. increasing of the squeeze force has a significantly favourable effect on the fatigue life. The
fatigue lives for GLARE specimens, however, are much longer than for 2024-T3 specimens.

b. Correlation between the rivet squeeze force and the driven rivet head dimensions.

Manufacturing riveting machinery in the industry is equipped for displacement controlled riveting. The aim of the
present investigation is to correlate the driven head dimensions (height and diameter) to the rivet squeeze force in order
to check the rivet force as it was applied in production, and in this way to check the fatigue quality of riveted joints.
Specimens have been made with the rivet diameter, rivet length, type of rivet and rivet materials as the variables. For
each combination a range of squeeze forces was used. The correlation between sgueeze force and driven rivet head
dimensions is promising. Co-operation with Airbus industries should be mentioned.

c. Fatigue crack growth in riveted lap joint

The investigation reported in the previous Review has been continued. Previous work has been reported in the doctor
thesis of Fawaz (Ref. 4) see adso (Ref. 5). The present work is concentrating on stress intensity factors of fatigue cracks
with oblique crack fronts and crack interactions of such cracks in adjacent holes in sheets under combined tension and
bending. Experimental data were obtained on crack growth rates, crack shape development and crack interaction effects
for fatigue cracks starting from different initial shapesin 2024-T3 sheet specimens with an array of holes. Although the
fracture surfaces were quite tortuous, the crack growth history could be reconstructed by using marker loads introduced
by reducing the maximum stress of the constant-amplitude baseline cycles. Crack growth histories were reconstructed
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for cracks smaller than 1 mm (sheet thickness 2 mm). In the analytical part K-values were calculated for part-elliptical
through cracks emanating from an array of holes subjected to remote tension and bending, and pin loading. The 3-
dimensional virtual crack closure technique (3D VCCT) is used. Calculations for different crack shapes were made.
Interactions between cracks of adjacent holes were studied by comparison to K-values for cracks from single holes. The
comparison indicated that such interactions will become significant only late in the fatigue life. Application of the new
K-values to prediction of the fatigue life showed a 10% underestimation of the life.

1.4.2 Fractography to study interaction effects during variable-amplitude loading (J. Schijve, TU Delft)

Fatigue crack growth tests were carried out on 2024-T3 and 7075-T6 central cracked specimens, described in Ref. 6.
Variable-amplitude (VA) load spectra were used with periodic overload (OL) cycles added to constant-amplitude (CA)
cycles. The fatigue fracture surfaces were examined in the SEM to obtain more detailed information on crack growth
contributions of different load cycles. The striation patterns could be related to the load histories. An example is shown
in the figure 8. SEM observations were associated with delayed retardation, the effect of 10 or a single OL on
retardation, crack growth during the OL cycles, and crack growth arrest after a high peak load. Fractographs exhibited
local scatter of crack growth rates and sometimes a rather tortuous 3d geometry of the crack front. Indications of
structural sensitive crack growth under VA loading were obtained. Fractography appears to be indispensable for the
evaluation of fatigue crack growth prediction models in view of similarities and dissimilarities between crack growth
and VA and CA loading.

1.4.3 Comparison of the damage tolerance behaviour of two aluminium alloys (G. Jay, J. Schijve, TU Delft)

Various properties of 2024-T3 and 2024-T3A are compared. The second alloy was developed by Pechiney as a
replacement of the first one. The test program includes static and fatigue tests (constant-amplitude and flight-
simulation). Specimens to be used include blunt notch specimens, center cracked specimens and riveted joints (study of
multiple-site damage). The first constant-amplitude fatigue crack growth results indicate that 2024-T3A is superior to
2024-T3.

15 FULL SCALE FATIGUE TESTS

151 Fokker 50 and 100 fatigue and damage tolerance tests (J.J. Veenstra, Fokker Services)

After completion of the fatigue and damage tolerance tests at 180,000 flight cycles, the residual strength tests and the
tear down inspection programme, the structural inspection programmes of the Fokker 70/100 and Fokker 50/60 are now
in the process of being completed by Fokker Services.

With the Fokker 50 and 100 fatigue test results also a verification programme is started on the fatigue inspection
programmes of the F27 and F28 aircraft versions. Moreover these fatigue test results will be considered in the Ageing
Aircraft programmes on Repair Assessment and on Widespread Fatigue Damage.

Continuous support and development of Non-Destructive Inspections techniques for fatigue and damage tolerance
inspection tasks is provided for by ASNT level I11 speciaists.

15.2 Fokker 60 fatigue and damage tolerance tests (N.J. Fraterman, Fokker Aerostructures)

The Fokker 60 is a derivative of the Fokker 50 propjet; the major changes consists of a stretched fuselage, higher design
weights, increased cruise speed and a large cargo door (3*2 meter) in the forward fuselage. Due to these structural
maodifications the fatigue spectra has changed to such an extend that additional fatigue and damage tolerance tests were
required for the certification of the Fokker 60 according to JAR 25. The airworthiness authorities required additional
fatigue tests for areas, which were subjected to considerable higher fatigue loads than the Fokker 50, areas with newly
designed structures and/or areas where the original Fokker 50 tests could not be extrapolated any further. The resulting
test programme consisted of the wing-fuselage lugs, a stringer run-out in the lower wing skin and a section of the large
cargo door plus surround have been tested successfully and have been reported in the ICAF review of 1997.

One of the component tests represents a fatigue critical panel joint in the lower skin of the outer wing. The fatigue
spectrum consists of flight loads due to gust/ manoeuvre and ground loads due to taxi/ landing. This area is designed
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and certified as a multiload-path structure and will therefore be tested for two and a half life times (=235000 FC) of
which the last half life will be run with artificial cracks in order to verify the damage tolerance behaviour. He testpanel
showed a crack in the cooling plate after approximately 40000 FC, which was repaired after monitoring the crack
growth. The repaired panel has been tested for 92000 FC and a small crack has been found on another location. The
slow propagation of this crack will be monitored, while the test on the panel is continued till atotal of 235000 FC.

Another component test represents the mainframe, which is part of the wing-fuselage connection (see figure 9). The
fatigue spectrum consists of flight loads due to gust/ manoeuvre plus cabin pressure and ground loads due to taxi,
turning, landing impact and braking. The upper part of the mainframe has been designed and certified as a slow crack
growth structure. Therefore it will be tested for two lifetimes (=180000 FC); thereafter artificial cracks of 0.05” will be
inflicted at critical locations and the test will be continued for one and preferably for two lifetimes in order to
demonstrate the slow crack growth behaviour. After 180000 FC a crack was discovered in a section of the machined
mainframe. Investigations of the fracture showed that the crack was caused by an illegal hole that was drilled by
accident and was surprisingly not discovered during the quality inspections. Microscopic analysis of the crack surface
revealed that the crack has been initiated at ~90000 FC and propagated slowly until it was found at 180000 FC. The fact
that the mainframe with the illegal hole sustained 180000 FC confirmed that the design was capable of handling
extreme production defects. The cracked mainframe was replaced by a mainframe with artificial cracks of 0.05” at a
number of critical locations in order to verify the damage tolerance behaviour. Up to April 1999 the mainframe with
artificial cracks has been subjected to 60000 FC and none of the cracks did show any propagation. The mainframe will
be tested till 180000 FC.

1.5.3 Thermoplast Main Undercarriage doorsin the Fokker 50 (N.J. Fraterman, Fokker Aerostructures)

In order to gain experience in designing and building structural components in thermoplast CRFP-PPS the existing
Aluminium Main Undercarriage (MUC) doors of the Fokker 50 were re-designed into CFRP-PPS version by Fokker
Aircraft and Fokker Aerostructures. According to this design Fokker Special Products, using special developed forming
and welding technology built one demonstrator. In order to be able to execute a service trial, a certification programme
was agreed with the Dutch Airworthiness Authorities, which was based on a combination of tests and analysis. The test
programme contained a full-scale static test on the door, static tests on samples and fatigue tests on a number of joints,
including the welded joints. The fatigue tests on the welded joint showed a good behaviour in shear, but showed limited
capability in tension. The fatigue properties were sufficient for the Fokker 50 MUC door design, but could be a
limitation for other designs.

15.4 Testingthe center section of a composite stabilizer (H.G.S.J. Thuis, NLR)

As part of a composite stabilizer technology programme a number of static and fatigue tests have been carried out on a
“4-meterbox”: a structurally complete composite center section of a stabilizer for the Fokker 100 aircraft (see figure
10). The purpose of the test program isto verify:

the dynamic behaviour as determined by analysis

the strain distribution as determined by analysis

the “no damage growth concept” during fatigue loading

ultimate load capability with Barely Visible Impact Damage (BVID)

the damage tolerance behaviour

Poo T

During the tests the “4-meterbox” was attached to a full size vertical stabilizer. The vertical stabilizer was connected to
arigid test frame. A number of hydraulic actuators (ten for the static tests and twelve for the fatigue tests) were used to
introduce the appropriate loads. The overall test program contained a number of static tests at elevated temperature (80
°C) and increased humidity (85 % R.H). During these tests the “4-meterbox” was placed in an environmental chamber
(7x3x25m).

Two preliminary tests were carried out at ambient conditions and were reported in the previous | CAF review
Test no 1: Dynamic test
Test no 2: Static strain survey to Limit Load

After these tests the “4-meterbox” was saturated in the environmental chamber. During saturation the conditions in the
chamber were 80 °C and 85 % RH. It required 10 months to reach a sufficient level of saturation.
Test no 3: Fatigue test
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The fatigue test was performed at room temperature. An equivalent of 90000 flights ( 1 lifetime) was tested using a load
enhancement factor of 1.18. The fatigue load sequence was reduced by omitting all small cycles, leading to an average
of 2.5 cycles per flight. The fatigue test was completed successfully, no significant damage occurred.

After the fatigue test the “ 4-meterbox” was saturated again and two static tests were performed in the hot-wet condition
Test no 4: Static test to Ultimate Load with BVID’s

Test no 5: Static test to Limit Load with Visible Damages

Both tests were carried out without significant increase of the damages.

In the original test program static tests on the specimen with significant damages (failure of the front spar) were
foreseen. It was decided, however, to keep the specimen intact to be able to use the specimen for tests in the future.

1.6 AGEING AIRCRAFT

1.6.1 Structural Maintenance of Ageing Aircraft (SMAAC) (W.J. van der Hoeven, NLR)

The NLR participates in the Brite Euram programme “Structural Maintenance of Ageing Aircraft (SMAAC)”. The
programme started in 1996 and is sponsored by the Commission of the European Union. The activities of NLR were
reported in the previous ICAF review. The work done in the last two yearsis:

a. Fractography of pressure cabin MSD (R.J.H. Wanhill, NLR)

Multiple Site Damage, MSD, fatigue initiation and early crack growth were fratographically investigated for fuselage
longitudinal lap splices from three aircraft types, of which two from service (Fokker F 28, BAC 1-11) and one from a
full-scale test (Fokker 100). The results were compared with those from a NASA investigation of a Boeing 747-400
full-scale test. The most MSD-critical rivet row was the upper one in the outer sheets of the lap splices. However, other
rows were susceptible, especialy the lower one in the inner sheets.

Fatigue initiation lives appeared to vary widely. However, there was no evidence from the series aircraft that corrosion
was involved in crack initiation. Early crack growth rates were above 108 m/ cycle, which is significant for two
reasons: (a) one should not expect differences between ‘short’ and ‘long’ crack behaviour, and (b) it makes questionable
the usefulness of testing sub-scale specimens, which show much lower early crack growth rates.

More details are provided in the paper in the ICAF 1999 Conference Proceedings.

b. Effect of precorrosion on the fatigue life of riveted lap joint specimens (L. Schra, W. van der Hoeven, NLR)

The effect of precorrosion on the fatigue life of riveted lap joint specimens was studied. Riveted lap joints were made of
1.2 mm thick Alcad 2024 T3 sheets. The joints were representative for the longitudina joint in medium sized jet
aircraft. After drilling the rivet holes, but before riveting the sheets were precorroded. The precorrosion conditions were
those described in ASTM G85, Annex 2, see for example figure 11 and resulted in some corrosion of the cladding layer
close to the rivets and a moderate pitting attack inside the rivet holes.

After precorrosion, the specimens were riveted and fatigue tested to failure. During the fatigue test the specimens were
loaded under constant amplitude loading since this type of loading simulates the cyclic stress variation in the fuselage
skin due to cabin pressurisation. The fatigue lives were determined for three maximum stress levels: 80, 100 and 120
MPa. In addition, tests were done on uncorroded specimens. From the results, it was concluded that fatigue cracks
initiate at the corrosion pits, but that the corrosion damage had no effect on the fatigue life of the joints (see figure 12).

c. Full-scale fuselage panel tests (R.W.A. Vercammen, NLR)

During the SMAAC project, residua strength tests were performed on three curved fuselage panels with artificial
damage. The panels were supplied by the SMAAC partners Deutsche Aerospace and Alenia. The tests were carried out
in the fuselage panel test rig of the NLR. In this test rig, the loads due to cabin pressurisation can be simulated. The
hoop loads are introduced by pressurisation of the pressure chamber and the axial loads are introduced with an actuator.
In the panels, saw cuts were made to simulate the presence of Multiple Site Damage. The damage consisted of a lead
crack and many small cracks at the rivet holes in front of the lead crack. Before the static tests, the panels were loaded
in fatigue to sharpen the tips of the lead crack.

During the residua strength test, only loads due to cabin pressure was increased until failure. The tests were successful
in the sense that all panels sustained their ultimate design loads.
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d. Crack initiation and crack growth models for MSD (F.P. Grooteman, NLR)

An MSD mode for determination of the inspection intervals, threshold and follow-on inspections, for lap joints has been
developed. It consists of a crack initiation and a crack growth model, both deadling with the MSD situation in which
neighbouring cracks have influence on the crack initiation and growth.

The crack initiation model is based on P-S-N curves concept, where the S-N curves have a probability distribution,
taking into account the variability in crack initiation lives. In order to account for the variability in the SN curve data
(P-SN curves), a the start of an analysis a randomly generated probability value (chance) is added to every initiation
site, determining from the P-S-N data the S-N curve for that site. Thus, every simulation results in a different crack
initiation pattern

The dtress intensity factors of the crack growth model for the MSD situation are calculated by the use of the
compounding method, in which a stress intensity factor is determined by combining the known solution of the isolated
cracked hole and its boundaries (edges, other holes or cracks) separately. Through cracks are assumed, because
insufficient SIF-solutions exist for corner cracks. All the SIF solutions are based on a uniform stress distribution, which is
not exactly the case here. Stress redistribution, is approximated by defining a finite width determined by the remaining
net-section around a crack. Load transmission due to friction is only approximately modelled.

The model is currently based on flat sheets, leaving out the influence of the curvature, e.g. different stress-state in case
of bulging

All the parameters from both, the crack initiation and crack growth model, can be treated as random variables and the
stochastic problem is solved currently with the Monte-Carlo method. A more advanced stochastic method based on a
Second-Order Reliability Method (SORM) has been developed recently.

A common problem with stochastic analysis is to obtain reliable data concerning the random variables. The probability
density curves for the random variables are hard to obtain or even unknown. Therefore, data has to be obtained from
literature and serve as estimation.

The program has been applied amongst others on a sheet with 14 holes of which the outer two holes were cold worked
(low probability of failure). In figure 13 the calculated crack initiation period and crack growth period are plotted against
each other for 1000 MC simulations. Also, contour elipses have been drawn representing areas within g percentile of the
data points are included, under the assumption that both the crack initiation period and crack growth period are normally
distributed. The major axis of the elipses are not horizontally orientated representing the statistically dependency between
the crack initiation period and the crack growth period, i.e. the longer the initiation period the shorter the crack growth
period. The experimentally obtained results are represented by triangles.

In figure 14 the crack growth patterns at the various holes are shown for the longest (MSD situation) and shortest life (no
MSD situation) obtained in the numerical analysis.

1.7 FIBER METAL LAMINATES

1.7.1 Dutch GLARE Technology research program

In the Netherlands a GLARE technology research program (GTO) is carried out. GLARE is a fiber metal laminate,
which was initially developed for its excellent fatigue behaviour in terms of slow crack growth properties. The material
appeared to have alot more favourable properties, such as very high impact, corrosion and fire resistance capacity.

The GTO program is co-ordinated by Structural Laminates Industries (SL1). Other participants are Technical University
Delft (TU Delft), the National Aerospace Laboratories (NLR) and Fokker Aerostructures (Fe). The program is
sponsored by the Dutch government and is performed in close co-operation with DaimlerChrysler Aerospace Airbus
(DA).

The research aims to achieve technology readiness for the application of GLARE laminates in very large transport
aircraft. To do so, projects on the following working groups have been defined:

Materials & Processes

Methods

Design Concepts

Fabrication Technology

Maintenance

Durability

ok wNpE
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More than 90 subprojects were defined and are carried out in these working groups.

1. Materials & Processes

Main topics are material qualification and material properties and allowables. Another very important issue is the
definition and the qualification of the splicing concept. With these splices it is possible to manufacture larger skin
panels than with monolithic aluminium sheets. An example of how a splicein a GLARE panel looks like is given in the
figure 15.

It is shown that with clever design and manufacturing a considerable cost reduction can be achieved which makes
GLARE a very competitive material as compared with conventional sheet materials. The laminar built-up of GLARE
allows a high degree of integration of structural detailsin one panel, such as splices and internal doublers.

2. Methods

This subject is focussed on the development of missing calculation methods (design tools) for GLARE structures.
Research is aimed at prediction of basic material properties (“metal volume fraction” approach), stability of panels,
residual strength and crack propagation.

3. Design Concepts

Design principles are under development to enable detailed design optimised for GLARE structures. Items such as
panel arrangement, typical GLARE shell design, stringer design concepts, longitudinal and butt joints, door and window
cut-outs are looked upon. Also certification aspects are under discussion.

4. Fabrication Technology
This subject is focussed on low cost and low risk manufacturing of GLARE fuselage skin panels. Although the actual
material cost of GLARE is higher than for monolithic aluminium,

5. Maintenance
Maintenance concepts (with emphasis on cost aspects) and NDT inspection and repair methods for GLARE structures
are under development. A lot of effort has been put into successful activities to acquire airline acceptance of GLARE.

6. Durability

Available test results show excellent properties related to durability of GLARE, but a large durability program is
defined to take away some reservations, which still exist at aircraft manufacturers and operators.

A very interesting feature is the relation between reduction in mechanical properties due to environmental influences
and the amount of downscaling to coupons and components. The more a test article resembles with the actual structure,
the less the reduction of mechanical properties there will be.

1.7.2 Repair with bonded fibre metal laminate patches (A. Woerden, A. Vlot, TU Delft)

Because of ageing aircraft a need exists for safe, damage tolerant and cost-effective repairs. Different repair techniques
are available, including mechanically fastened patch repairs and adhesive bonded patch repairs. Bonded repairs provide
amore uniform and efficient load transfer into the patch and avoid high stress concentrations caused by additional holes
necessary for riveted repairs. Adhesive bonded boron/epoxy repairs have the disadvantage of a large mismatch in
coefficient of thermal expansion (CTE) between the repair and the aircraft structure. Moreover, the very high stiffness
of boron/epoxy can lead to load attraction problems on the repair. Fiber Metal Laminate (FML) repair materials like
GLARE® (GLAss REinforced) avoid these problems. Research into bonded repair FML repairs patches started in the
early nineties between the Center for Aircraft Structural Life Extension (CASILE) at the United States Air Force
Academy (USAFA) and the Structures and Materials Laboratory of the Faculty of Aerospace Engineering of Delft
University of Technology in the Netherlands. Considerable research performed over the last years resulted in a better
understanding of the physical background of bonded repairs, as well as significant improvements in bonded repair
techniques. Current research focuses on the ability to accurately predict the crack driving stress intensity factor (?K ) at
the crack tip of a crack under an adhesively bonded repair. This ?K is significantly lower than for an unrepaired crack,
explaining the excellent fatigue behaviour of bonded repairs, as shown in the figure 16 with crack growth curves. This
research is performed for both boron/epoxy and GLARE® patch repair materials. Models being used for the prediction
of ?K include analytical models like the Rose model and finite element models. The Rose model gives an excellent
analytical background, but secondaries bending for one-sided (i.e. asymmetrical) repairs and thermal stresses after
curing are not accurately accounted for. Extensive experimental testing, see figure 17 with barrel test set up, and finite



111

element calculations are performed to investigate the influence of those two main variables, and to extend previous
modelling.

Another part of current research focuses on in-service effects on patch performance and the experimental testing of
realistic load sequences (variable-amplitude loading), including effects of overloads and underloads on crack growth of
the repaired crack.

Research on in-service effects on patch performance, as yet hardly investigated, will concentrate on environmental
influences on crack growth under a patch repair and on the growth of debonds between patch and adherent. Possible
detrimental environments include cold, hot, humid and salty conditions, as well as combinations of those. In view of
service experience, two bonded GLARE patches were installed on a C5-A Galaxy, which are inspected regularly.

A final goal of the “Repair Project” is the development of a repair tool for maintenance engineers, requiring little
background knowledge of bonded repair. A first version of this tool, called CalcuRep® needs to be updated to
accurately account for effects of secondary bending, influence of thermal stresses due to the curing cycle and effects of
different environmental conditions.

1.7.3 Spliced Fibre Metal Laminates (T.J. deVriesand A. Vlot, TU Delft)

The maximum sheet width for 0.3 mm thick aluminium, and thus for GLARE laminates with this type of auminium
layers, is approximately 1.65 m. However, for the purpose of skin material in a fuselage, wider sheets are preferred to
reduce the amount of necessary joints. This problem can be solved with the splicing concept; metal sheets are
interrupted in the laminate and these splices are bridged by the fiber layers, see figure 18. With this concept the sheet
width can be increased to 4 meters or more, depending on the autoclave size. Using these large sheet sizes can provide
an additional weight and cost saving compared to monolithic aluminium structures due to a reduction of the number of
riveted joints.

Fatigue and static strength tests on spliced laminates with varying fibre orientation were performed to determine design
alowables. The disadvantages of local cross section reduction and the possible influence of moisture, which can
penetrate in the uncovered splice, can be solved by covering the splice with a doubler. Bonding the doubler with
prepreg over the splice appeared to be not favourable because of the low delamination resistance of the prepreg layer.
Possible solutions to maintain a smooth aerodynamic surface, even with bonded doublers, are now under development.
Residual strength tests on spliced laminates with through cracks showed that the splices can effectively stop stable crack
extension. In this case the crack hasto reinitiate at the other side of the splice.

1.7.4 Servicetrial of a GLARE crownpanel in the A310 fuselage (N.J. Fraterman, Fokker Aerostructures)

An existing Airbus A310 will be installed with a large cargo door in the forward fuselage for a German customer.
During the installation of this large door an Aluminium fuselage panel in the pressurised crown just aft of the door will
be replaced by a GLARE panel. The installation of this GLARE panel isaservice tria in order to gain more experience
with GLARE in wide body aircraft under real loading and environmental conditions. The GLARE panel has the
dimensions of 1600 x 4000 mm, is equipped with bonded Aluminium stringers and is attached to the existing frames
with clips.

For the certification programme a number of static and fatigue tests on representative coupons of the panel will be
performed. The fatigue tests include the circumferential and longitudinal lap joint of the GLARE panel to the existing
surrounding structure and will be performed with a representative load spectrum. For some specimens also the
environmental conditions (hot, wet) will be taken into account.

1.8 NON-DESTRUCTIVE INSPECTION

1.8.1 Inspection procedures (A. Oldersma, J.H. Heida, NLR)

For a number of RNLAF in-service inspection points of the F-16 airframe the detection of fatigue cracking led to a non-
destructive and destructive evaluation of the parts concerned. The cause and extent of fatigue cracking was determined
and, subsequently, changes in the inspection procedures of for example the Nose Landing Gear NLG shock strut piston
radius and the flaperon root rib radius were proposed.
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1.8.2 Reliability of inspection (J.H. Heida, F.P. Grooteman, NLR)

The possihilities within the Royal Netherlands Air Force (RNLAF) maintenance system to establish reliability data
relevant for the in-service nondestructive inspection of F-16 airframe structure have been investigated. The principal
inspection techniques herewith are manual and automatic eddy current inspection for the detection of fatigue cracking.
Use was made of field inspection data registered in the Core Automated Maintenance System (CAMYS) for specific
airframe inspection points within the F-16 Aircraft Structural Integrity Program (ASIP). The available data include the
registration of the number of cracks and the length of the largest crack found during the phased inspections. Further, use
was made of crack growth data obtained from the aircraft manufacturer. An evaluation of the field inspection data and
the crack growth data allows the estimation of the sensitivity and reliability of inspection for the structural details
concerned, by constructing the Cumulative Distribution Function (CDF) of the detected crack sizes. An example of this
approach is given in figure 19. The results of this evaluation can be used to revise the current values of the inspection
intervals for the ASIP inspection points.
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Figure 17 Example of experimental testing: barrel test setup
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INTRODUCTION
LOADING ACTIONS

Structural Health Monitoring Programme for Eurofighter 2000 (I G Hebden and S R Hunt, British Aerospace
MA&A, Warton)

VC10 Fin Load Measurement Exercise (VFLME) (C Hoyle, British Aerospace MA& A, Chadderton)

VC10 Undercarriage Load Measurement Exercise (VULME) (C Hoyle, British Aerospace MA& A, Chadderton)
The Hawk Fatigue Monitoring System (N Penistone, N McCusker and L Redmond, British Aerospace, MA&A,
Brough)

Hawk — RAFAT Fatigue Monitoring (D J Jones and S C Reed, DERA Farnborough)

Operational Loads Measurement Programmes for Tornado, Jaguar and Harrier Aircraft (L Gill, British Aerospace
MA&A, Warton)

Future Fatigue Monitoring Systems (D J Jones, DERA Farnborough)
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21 INTRODUCTION

This review paper summarises aeronautical fatigue investigations which have been carried out in the United Kingdom during
the period May 1997 to April 1999. The format of the paper is similar to that of recent UK ICAF reviewd[1]; the topics
covered include loading actions, fracture mechanics, repair and NDE, as well as fatigue of metallic and composite materials,
joints and structures. A list of references related to the various itemsis given at the end of the paper.

The author gratefully acknowledges the contributions generously provided by colleagues in the aircraft industry and
universities, and at the Defence Evaluation and Research Agency. The names of the principal investigators, and their
affiliations, are shown in brackets after the title of each item.

2.2 LOADING ACTIONS

221  Structural Health Monitoring Programme for Eurofighter 2000 (I G Hebden and S R Hunt, British
Aerospace MA& A, Warton)

The Structural Health Monitoring (SHM) system being developed for Eurofighter 2000 is resident on each aircraft and will
enable the operators to monitor accurately fatigue consumption and significant structural events, thereby safeguarding the
structural integrity of the aircraft. Different customer requirements for the SHM system has led to the development of a
flexible system which can be configured, without recourse to software change, as either a parametric based or strain gauge
based fatigue monitoring system.

System Development (Air craft)

A full functionality version of the aircraft SHM system is installed and operating on the devel opment aircraft. The in-service
system is currently being worked on.

Flight data from both the SHM system and the flight test recording system is downloaded from the aircraft after each flight
and analysed on-ground in the validation process for SHM. Validation of the G algorithms is progressing well. Validation of
the damage algorithmsisin progress; flight data from the development aircraft is being analysed in the validation process for
both the strain gauge system and the parametric system. To date only the wing root locations have been analysed. Early
indications show avery good correlation between the parametric solution and the strain gauge option for these locations.

System Development (Ground)

Current work is the pooling of 4 Nations requirements for inclusion into the design of the ground-based SHM. Each Nation
has a different policy of Fleet Management and work is ongoing to agree how best to support the aircraft in service.

Production

Full production sensor locations for the strain gauge system, and testing requirements are currently being agreed within the
EF consortium. Installation of strain gauges on production components has begun.

222 VCI10Fin Load Measurement Exercise (VFLME) (C Hoyle, British Aerospace MA& A, Chadderton)

Following completion of the VC10 Wing Load Measurement Exercise in July 1997, VC10 C Mk1 XR 810 was reconfigured
for alimited fin OLM exercisein the lower fin area. A total of 21 strain gauges were affixed and ten flights were recorded in
order to gain, in particular, a better understanding of the impact of hydrostatic pressure resulting from the fin fuel on the
lower fin structure. As aresult of this exercise significantly improved inspection periods have been obtained for the critical
lower fin SSIs.



2/6

223 VCI10 Undercarriage Load Measurement Exercise (VULME) (C Hoyle, British Aerospace MA&A,
Chadderton)

Following completion of the VFLME in October 1997, the OLM aircraft XR 810 was reconfigured for a large scale
undercarriage OLM exercise. The installation, calibration and commissioning was completed in October 1998 with 70 strain
gauges affixed to the nose leg, 90 strain gauges affixed to the port main leg and 10 strain gauges on the starboard main leg
for comparison purposes. This exercise, in the absence of either nose or main undercarriage fatigue tests, is required to
produce representative fatigue spectrain order to calculate safe lives for the individual leg components. It will also provide a
useful comparison, in terms of stress spectra, for the main undercarriage back-up structure. So far useable data from 30
flights have been obtained.

224 TheHawk Fatigue Monitoring System (N Penistone, N McCusker and L Redmond, British Aerospace,
MAG&A, Brough)

The latest variants of the Hawk are being marketed as aircraft with a 10000 or 12000 flying hours service life. In order to
support this the aircraft incorporate airframe improvements and are fitted with a Fatigue Monitoring System (FMS). The
FMS fitted to these latest variants of the Hawk aircraft provide the customer with the capability of monitoring fatigue
consumption of all the major aircraft components. Monitoring is achieved by recording strain gauge and aircraft parameter
data. Two main standards of strain gauge fit are used, a basic usage monitoring fit consisting of 7 or 8 gauges and an
Operational Load Measurement (OLM) fit consisting of 21 gauges. OLM data are recorded as time histories whereas usage
data are recorded in a peak valley format. When recording in OLM mode usage data are a so recorded.

These are three main components to the system. A Data Acquisition Unit (DAU) which records the data on the aircraft. A
Flight Line System (FLS) used to transfer data from the aircraft and a Desk Top System (DTS) used to analyse the usage
data. Strain gauges are located on each of the major structural components; fuselage, wing, tailplane and fin. The gauge
locations have been located to monitor the critical loading actions on each of these components. All gauges have at least one
backup gauge with inaccessible ones having a second backup. The aircraft parameters measured on usage aircraft are normal
acceleration, angle of attack, airspeed and pressure altitude. The acceleration provides significant data on the way the
aircraft is being flown while the remaining three parameters allow a Dynamic Pressure-vs-Angle of Attack matrix to be
created. This can be used to assess the amount of vibration the aircraft is subjected to. The availability of these data, from
both strain gauge and aircraft parameters, allows the user to assess the impact of different sortie profiles on fatigue
consumption and thus allow effective fatigue management of his fleet.

The FMSis configured to record data once the engine rpm is greater than 50% and Weight on Wheels (WoW) is False. This
shall ensure that all flight data are recorded. It stops recording once the WoW has been true for 20 seconds. This means that
ground loads from taxi and take off are not recorded and only limited landing loads. For the FMS the data are recorded in
peak valley format with a programmable threshold gate set to remove non-damaging cycles and any unwanted perturbations
and single noise.

The DTS s used to perform basic sanity checks on the downloaded data and to perform the fatigue analysis on that data. On
board error checking covers max/min range exceedences, data spike detection, excessive chatter and low activity. It can be
used to display the recorded data and to monitor and analyse fleet, squadron, aircraft and component usage data.

The fatigue analysis will be calculated using a range-mean-pair algorithm in conjunction with appropriate S-N curves and
Miner's law.

All aircraft fitted with the FMS shall be subject to flight and ground calibrations. These are to ensure accurate fatigue
monitoring in-service. The flight calibrations will initially be performed as part of the Production Flight Acceptance Trial
(PFAT) where a predefined sequence of manoeuvres shall be flown. On the ground a dedicated calibration rig has been
developed which will apply representative loads to al of the main aircraft components. To keep this rig to manageable
proportions two of the gauges, subjected to fuel and cockpit pressurisations, are calibrated during the build sequence. The
calibration exercise allows offset and positive and negative calibration factors to be generated. The aircraft will be re-
calibrated periodically throughout its life or following changing of major components.
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The OLM strain gauge fit provides an extension to the basic usage capabilities. This provides data as a continuous time
history allowing assessment of aircraft loading actions and has duties above and beyond those of the basic FM Sfit.

225 Hawk —RAFAT Fatigue Monitoring (D J Jonesand S C Reed, DERA Farnborough)

The RAF Hawk fleet is in the process of undertaking its second Operational Loads Measurement (OLM) programme. The
first [1985-88] did not include display flying with the RAF Aerobatic Team (RAFAT), or the Red Arrows as they are
commonly termed, mainly because neither of the aircraft used were modified to RAFAT standards. The second OLM
programme consists of a dedicated RAFAT aircraft and a second aircraft for the rest of the fleet use; DERA has been
involved with BAein the analysis of the data.

Results have shown that the buffet damage accrued can vary significantly between the display positions of the team aircraft
and between individual sorties in the same display position. Consequently, the decision has been made to fit a strain-gauge
based system to each aircraft in the RAFAT and other parametric data will also be collected (e.g. normal acceleration). Data
will be collected as full time histories onto solid state memory and data processing will be undertaken on the ground.

It is intended to fit the system to the first 2 aircraft under a trial instalation during the winter of 1999/2000 and the
remainder the winter after.

226 Operational Loads Measurement Programmes for Tornado, Jaguar and Harrier Aircraft (L Gill, British
Aerospace MA& A, Warton)

The Tornado Structural Usage Monitoring System (SUMS) continues to be operated within the RAF. It has now been
running for approximately 15 years and more than 10000 flying hours of data have been analysed. Recently the ADV fatigue
meter formula has been revised using this information. In addition SUMS data has been used to aid life extension studies for
the IDS.

It is now 12 years since the first Jaguar airframe OLM was completed. Two separate, new, OLM programmes are how
underway covering both the airframe and the undercarriage and associated back-up structure. Analysis of the first flights is
now taking place. The results from the undercarriage OLM will be compared with the results from the on-going dedicated
fatigue tests in support of life extension activities. A further OLM programme has been agreed for engine mounts.

The Fatigue Monitoring Computing System (FMCS) for Harrier isnow in service. It isintended that the first 200 flights will
be analysed by BAe.

2.2.7  FutureFatigue Monitoring Systems (D J Jones, DERA Farnborough)
Under a tasking placed by the RAF(ASI), DERA have produced an extensive report which considered the problems of
existing systems and derived a policy for the future requirements of fatigue monitoring systems. Following this, a strategy

was formulated which would use future OLM programmes to explore various aspects of the policy recommended.

Policy Recommendations:

a Future methods and improvements to fatigue monitoring should use a mixture of both direct and in-direct load
monitors;
b. Modern systems should be utilised to benefit from the increased scope and flexibility that is now available and

proven in the following areas:

- Number and type of monitoring channels available;
- Typeof sensors;
- High sampling rates;
- Memory capacity;
- Ruggedness and improved reliability with use of solid state electronic modules;
- Light weight/low cost.
C. Avoid need for aircrew inputs;
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d. Ground analysis should be considered for final processing of data. For this work a global system of “Health and
Usage Centres’ should be devel oped;

e Consider benefits of advanced processing techniques, e.g. Artificial Neural Networks (ANNS);

f. Event and Usage monitoring should be employed as part of the airborne system.

Way Ahead Strategy.

Future OLM programmes offer the opportunity to explore the potentia of all the improvements that have been highlighted
by the new policy. A programme of work has now been devised which will use these OLM programmes to consider initially
the following aspects:

a Use of advanced systems;
b. Artificial Neural Networks (initialy in the area of data checking and validation)

This work programme is initially planned for 3 years, during which time it is hoped that the scope of the work can be
expanded to include investigations into other elements of the policy, e.g. use of ANNs for the fatigue cal culation exercise.

2.2.8 Usage Monitoring in Helicopters — Estimation of Potential Fatigue Life Extension Benefits Provided by
Usage Monitoring Systems (R A Hudson and P E Irving, Cranfield Univer sity)

Service load data from 10 hours of instrumented helicopter flight of the Westland Lynx containing repeated examples of all
25 manoeuvres in the design spectrum were used for the investigation[2,3]. A rotor blade attachment component was
selected for study. The damage content of each manoeuvre was calculated using Miners rule and component fatigue data
supplied by the manufacturer, and the variability in damage assessed. There was great variability in the damage content of
each manoeuvre type. Frequently the damage rate per second of a manoeuvre type, varied from zero to very high levels. An
example of a cumulative distribution of damage rates is shown in figure 1. Forward flight manoeuvres comprising over 50%
of the design spectrum were almost always undamaging. Taking the worst case damage for each manoeuvre and summing
them to derive a total worst case design spectrum damage, showed that over 90% of the damage was contributed by just 5
manoeuvres. Similar results were obtained by summing al values of 50% probability of occurrence. These damage content
data were used together with data on the variability of manoeuvre usage and assumed scatter of the component S-N fatigue
curve in Monte Carlo simulations to calculate life distributions and probability of failure. It was found that damage
variability in each manoeuvre has little effect, but changes in manoeuvre usage has very significant effects, as does the
scatter in component S-N curves.

23 FRACTURE MECHANICS AND DAMAGE TOLERANCE
231 AnAlternative Crack Path Stability Parameter (L P Pook, University College London)

It iswell known that, under both static and fatigue loading, the directional stability of aMode | crack in an isotropic material
under essentially elastic conditions is governed by the T-stress, a stress parallel to the crack. If the T-stress is compressive,
then a crack is directionally stable, and if the T-stress is tensile it is directionally unstable. In practice it is sometimes found
that cracks are directionally stable even if the T-stress is tensile. Dimensional considerations mean that the T-stress does not
provide a satisfactory measure of crack path stability. An aternative non-dimensional parameter, the T-stress ratio, Tg, has
been proposed[4]. For a particular material there appears to be a critical value of Tg, Tr,, below which a crack path is
directionally stable. There is a size effect for geometrically similar configurations in that crack path stability increases with
specimen size. Re-analysis of experimental data taken form the literature, for both static and fatigue loadings, gave Tgr.
values from various materials ranging from 0.013 to 0.041. A general consideration showed that for many materials Tr. is at
least 0.021.

2.3.2 Advanced Boundary Element Methods for Prediction of Crack Behaviour in a Pressurised Aircraft Fuselage
(PH Wen and M H Aliabadi, University of London; A Young, DERA Farnborough)

The aim of this project is to develop a more efficient and cost effective method for assessing the damage tolerance of
pressurised fuselage structures. The proposed study includes investigation into linear, non-linear and time dependent
problems, by combining new and advanced innovative computational methods with existing techniques. The recent
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formulation by Dirgantara and Aliabadi[5] for modelling cylindrical shells has been extended to fuselage with frames and
stringers[6]. Also developed are two techniques, direct integral method (DIM) and dual reciprocity method (DRM) for
transformation of the domain integrals to the boundary[7]. Both concentric and eccentric stiffeners have been considered.
Several test cases have been solved and compared to other published resultg[8].

2.3.3 Dynamic Fracture Mechanics (P H Wen and M H Aliabadi; University of London; A Young and D P Rooke,
DERA, Farnborough)

The boundary element techniques previously devel oped for two-dimensional dynamic fracture analysig[9-11] have now been
extended into three-dimensional dynamic analysig12-16]. In this work, dynamic formulations of the dual boundary elements
in the time domain method (TDM), in the Laplace transform method (LTM) and using the dua reciprocity method (DRM)
are developed for analysis of crack problems subjected to dynamic loadings. Mode | and mixed-mode stress intensity factors
were evaluated using crack opening discontinuity displacements directly by the time domain method and the dual reciprocity
method and with the Durbin inversion technique by the Laplace transform method.

In figure 2, the mode | dynamic stress intensity factors (\/B K, (t) /s O) are presented for an dlliptical crack in arectangular bar

using the three boundary element methods. Also presented are the finite difference solutions due to Chen and finite element
solutions due to Nishioka for comparison.

It was found that the computational time depends on the number of steps for TDM and LTM as in each step two new large
matrices need to be calculated. As DRM is very fast way to obtain solution, it can be used to carry out approximate analysis
for dynamic structure. LTM can be used to obtain more accurate solutions, but the time-stepping methods, DRM and TDM,
were found to be more suitable than LTM for the analysis of crack growth.

234 Applications of Experimental Mechanics (E A Patterson, University of Sheffield)

Work has focused on the development and application of techniques in experimental mechanics to fracture mechanics. The
principal techniques employed are transmission and reflection photoelasticity, thermoelasticity and caustics[17,18]. Most of
the applications have been associated with the aerospace industry and those published during the period of the review
include the effect of friction on crack propagation in compressor discg[19], and evaluation of SIF for cracks in a bolted
joint[20,21].

Research is in progress on crack closure in collaboration with the University of Plymouth. Fatigue cracks have been grown
in polycarbonate specimens which can be analysed using photoelaticity to determine the stress intensity factor during
propagation and the contact stresses associated with closure. It is planned that the study will be extended by the use of
reflection photoelasticity on metallic specimens. Funding has just been received which alow further development of work
on the application of thermoelasticity[22] to fracture mechanics assessments. Experiments on the direct assessment or crack
closure[ 23] will recommence shortly; further work on the evaluation of predominantly mode Il stress intensity factors will
also be undertaken.

235 Damage Tolerance Design Principlesin Metal Matrix Composites (E R de los Rios and J R Yates, Sheffield
University)

Based on microscopic observations of fatigue damage in MMCs, a micro-mechanical model of fatigue crack growth has
been developed incorporating the basic material variables which control the fatigue properties of these composites: fibre
congtraints (strengthening) and fibre bridging. The fibres are assumed to constrain crack tip plasticity, so that crack plastic
displacements are zero at the fully bonded fibres. The conditions for fibre debonding are then established and, when they are
met, the fibre debonds, a process which depends on the interfacial shear strength of the fibre-matrix interface. The higher the
interface strength, the higher the constraint and the lower the crack propagation rate. The other fatigue strengthening
mechanism in these composites is the effect of fibre bridging devel oped by intact fibres within the crack wake.

This model was used to derive fundamental tools for damage tolerance design in fibre-reinforced MMCs. By deriving the
limits of crack propagation (arrest) and composite crack instability, a damage map was constructed which determines the
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bounds for crack arrest, stable fatigue crack growth and crack instability (figure 3). The application of the damage map in
fatigue design with MM Cs has been demonstrated[24-26].

2.3.6 Microstructural Fracture Mechanics (E R delos Rios, Sheffield University)

Microstructural Fracture Mechanics principles are used to study some engineering problems. i) Fatigue studies have been
carried out on an aluminium 7010-T7451 aloy, under constant-amplitude and random loading conditions, using cylindrical
plain hour-glass specimens. A crack growth model, which is capable of considering the mean stress effects on crack growth,
was used to predict crack growth rates and fatigue life under random loading incorporating the root mean square (RMS)
concept. This relatively simple approach predicted crack growth rates and lifetimes comparable to experimental results and
implied that fatigue life under random loading can be predicted from constant amplitude experimental data, simply with the
use of the RMS concept together with a pertinent crack growth law[27]. ii) A model based on Microstructural Fracture
Mechanics principles has been used to study the short crack propagation in peened-notched components. The model reflects
the typical features of the shot peening process, such as the relative fatigue resistance improvement, the existence of an
optimum range of applicability and the detrimental effect of overpeening (figure 4)[28].

2.3.7 Fatigue Crack Growth from Cold Expanded Holes in Corroded Material (R Cook, DERA Farnborough;
N Glinos, Kingston University)

Work on the effectiveness of hole cold expansion in the presence of corrosion has recently been completed at Kingston
University[29,30]. It was reported in the last ICAF review that the effectiveness of hole cold expansion was reduced in
corroded components because fatigue cracks initiated from corrosion pits in the tensile residual stress region remote from
the hole, resulting in premature failures. The programme was conducted on open hole specimens manufactured from 7010-
T76 dloy. Corrosion was introduced through exposure of the specimen to various corrosive environments for a range of
exposure periods. Exposure to corrosive environments was conducted either before or after the cold expansion was
performed. The results showed that specimens subjected to natural corrosion for several years prior to expansion failed
prematurely from cracks initiating at corrosion pits, at most practical applied stresses. Premature failure was not observed at
high applied stresses where failures initiated from cracks growing from the hole. The remainder of the test programme was
conducted at a single applied stress level, close to the fatigue limit of cold expanded holes, which was of most interest for
aircraft structures.

Exposure to a high corrosion severity environment (3.5% NaCl) prior to cold expansion resulted in premature failure even
for very short exposure periods of a few minutes. However, when the severity of the corrosive environment was reduced to
0.35% NaCl, it was found that fatigue endurances were little affected at short exposure times but premature failures from
cracks at corrosion pits occurred after longer exposure times. The change in failure mode was associated with a critical size
and density of corrosion pits present. It was found that this critical size and density were exceeded in all tests exposed to
3.5% NaCl solution, which explains the behaviour described above.

Exposure to a high corrosion severity environment after cold expansion had little effect on fatigue endurance, accordingly
testing was not performed with low corrosion severity. The sizes of pits formed in the vicinity of the hole were notably
smaller than those found in specimens cold expanded after exposure to high corrosion severity atmosphere at equivalent
exposure times. This could explain the lack of effect on fatigue endurance.

238 Measurement and Prediction of Fatigue Crack Growth in the Presence of Residual Stresses in a Creep
Resistant Aluminium Alloy (D J Smith, M J Pavier, A A Granada-Garcia and V Lacarac, University of
Bristal)

The aim of the current research is to gain an understanding of how residual stresses, generated as a result of cold working
fastener holes, interact with fatigue loading. This is particularly at temperatures relevant to civil supersonic transport
applications. There have been two main areas of work at Bristol; prediction and measurement of the 3D distribution of
residua stresses around cold worked fastener holes, and fatigue crack growth studies for various fatigue loading and
temperature conditions.

In predicting the development of residual stresses in a cold worked hole, and then examining the distribution of residual
stresses after mechanical loading, it was realised that non-axisymmetric residual stresses occurred around the fastener hole.
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Furthermore, using conventional through plate thickness measurement methods, such as the Sachs boring technique, gave
erroneous results. Research at Bristol has developed a new experimental method called the Garcia-Sachs method that has
provided accurate resultg31]. For example, figure 5 shows the tangential residual stresses around a cold worked hole that
has been subjected to creep stress relaxation. The tangential residual stresses have been normalised with respect to the yield
stress of the material. A finite element (FE) prediction of the residual stresses is shown together with a simulation of the new
measurement procedure. There is excellent agreement between the FE prediction and the results from the simulation of the
method. Also shown are results obtained using the conventional Sachs method. These results are erroneous particularly near
the hole edge.

The new measurement method has been applied to cold worked fastener holes that have been subjected to a wide range of
external loading conditions. In general measurements, using the new technique, reveal that non-axisymmetric residual
stresses occur around the fastener hole. As well as non-axisymmetric residual stresses there are also significant through
thickness variations of the residual stresses. Figure 6 shows measured residual stresses at the entrance and exit faces of a
cold worked hole. Also shown are the results from FE predictions using a complex hardening model for the material
behaviour. The material model takes into account the unloading behaviour of the material after being subjected to prior
plastic strain. Again there is excellent agreement between surface stress measurements and FE analysis.

Experiments have been carried out to measure the growth of corner cracks emanating from the edge of cold worked holes at
the entrance face[32,33]. Crack closure and opening levels were measured optically using a digital camera, with the results
used to interpret the influence of the residual stresses on crack growth. As might be expected there were improvements in
fatigue lives of specimens containing cold worked holes compared to specimens containing non-cold worked holes. Thisis
illustrated in figure 7, where fatigue crack growth rates are shown for non-cold worked and cold worked samples for
different applied load ratios. The main reduction in cracking rates, in cold worked samples, is found for surface crack
lengths around 2mm. Also shown are predicted crack growth rates. The predictions were made using an empirical
relationship taking into account crack closure and the presence of residual stresses. The predictions clearly show the benefit
of cold working fastener holes, and show that the benefit is a function of the load ratio.

Experimental studies have also explored how temperature and time influence residual stresses generated in cold working and
hence fatigue life. Cold worked samples have been subjected to 150°C for different times, and then relaxation of the residual
stresses measured. Although the residual stresses do relax, this relaxation is local to the cold worked hole. Fatigue crack
growth studies reveal that some benefit from cold working is retained, with fatigue crack growth rates lower than non-cold
worked specimens at the same temperature. Figure 8 shows an example of the results obtained.

239 Analysis of Crack Growth from Cold Expanded Fastener Holes (D Dai, British Aerospace Airbus, Filton,
Bristal)

The cold expansion process leaves a complex residual stress distribution. An analytical method to predict the growth of a
crack from a cold expanded fastener hole must therefore be able to model the steep stress gradient near the hole edge, with
allowance for partial crack closure. In this project, the distributed dislocation method has been adopted; distributed
dislocations are used to model the open parts of the cracks, whereas the boundaries of the structure are modelled by
distributed dislocation dipoles. The method allows for partial crack closure, finite width effects, double cracks, and multiple
site damage. The transverse stress (‘ T'-stress) can aso be calculated for various crack configurations The fastener is taken
into account by appropriate dislocation influence functions; however, only interference fit is considered at the moment,
where neither dlip nor separation is allowed at the interface.

The method has been used to predict the growth of cracks under constant amplitude fatigue loading. The results shown in
figure 9 are for specimens in 7075-T651 material, with an open hole of diameter 5.85 mm which was cold expanded by 4%.
The specimens were subjected to cyclic loading at a stress ratio of 0.1, with two maximum stress levels (150MPa and
170MPa). The correlation between prediction and experimental resultsis very close.

Future work will include refinement of the 2D method to include interfacial conditions, non-dip and non-friction conditions
at the fastener interface, separation and mixed boundary conditions. In addition, the model will be further validated against
experiment measurements. A 3D model has also been developed, based on the distributed dislocation loop method.
However, the method is computationally expensive to use, and significant improvements are required. A more robust 3D
method for corner cracks will therefore also be devel oped.
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2.3.10 Damage Tolerance of Welded Aircraft Structures (G Bussu and P E Irving, Cranfield University)

A number of major projects have been set up in the UK in the past two years to develop welding as an alternative to riveting
in aircraft construction. Many of the projects have been concerned with development of high quality welding processes
suitable for welding high strength aerospace aluminium, and titanium alloys. One project has investigated the damage
tolerance behaviour of welds made in selected aluminium aloys using the friction stir welding and plasma welding
processes. The project has considered both design and fatigue related issues in the substitution of welds for rivets.

As part of the design issues, the optimum location for welds in wing structures has been investigated, and finite element
stress analysis used to identify the best location in terms of local stresses developed. Other considerations from a damage
tolerance point of view are ingpectability, and from a manufacturing aspect the weldability of particular joint configurations.
The role of softened heat affected zones, and of residual stress fields caused by the weld, in promoting buckling behaviour
during compressive loading of transverse welded joints has been studied using finite element analysis. It was found that
transverse softened zones greatly reduced the compression strength of the structure. Fatigue properties (S-N curves) relevant
to crack initiation behaviour of friction stir welds in 2024-T351 have been measured for both longitudinal and transverse
weld orientations, in both as-welded and surface skimmed configurationg[34]. Figure 10 and 11 show that the fatigue lives
of as-welded joints were much less than those of the parent metal, and that surface skimming resulted in lives similar to
those of the parent metal. Skimmed fatigue strength was superior to that of traditional riveted joints, but as-welded fatigue
performance was inferior to that of riveted joints. Fatigue crack growth rates have been measured in the friction stir welds,
both transverse and longitudinal to the weld direction. It has been found that the weld region exhibits anomalously fast crack
growth rates relative to those measured in parent plate material. The work is continuing to develop a comprehensive picture
of fatigue crack initiation and growth behaviour for welds in high strength aluminium alloys which can be used in damage
tolerance analysis.

2311 Fatigue Crack Growth in Helicopters (P Wood, GKN-Westland Helicopters;, P E Irving, Cranfield
University; R Cook DERA Farnborough; | Austen, nCode | nternational)

A collaborative research programme was undertaken by the above organisations under the auspices of the UK Department of
Trade and Industry LINK scheme. The five areas of investigation were described in the previous UK ICAF review, and
included measurement of fatigue crack growth rates at high stress ratios, development of fatigue loading sequences for
helicopter components, fatigue crack growth under spectrum loading, modelling of crack growth, and developing a robust
damage tolerant design procedure for helicopter structures. Work has now been compl eted[35-37] and the main conclusions
are presented below.

Two new loading sequences were defined, representing loads experienced by rotating components in the rotor head
(Rotorix) and by aload frame (Asterix). Small amplitude cycles resulting from the main rotor motion contributed 90% of the
crack growth in the spectra, for both Titanium (rotor head) and Aluminium-Lithium (lift frame) components, even at crack
lengths as small as Imm. Model predictions of crack growth under these load spectra were not predicted well by the models
which were generally non-conservative. Linear summation methods (without load interaction effects) were also generally
non-conservative, as illustrated in figure 12. The poor performance of the models was thought to arise for a number of
possible reasons; failure to model accurately take-off and landing cycles, different fracture surface morphology between
constant amplitude and spectrum loaded tests, poor definition of crack growth rates in the near threshold region and the
dependence of threshold behaviour on crack length. These and other aspects will be investigated in a collaborative
programme which commenced recently, sponsored by the UK Ministry of Defence and the UK Civil Aviation Authority.

24 FATIGUE AND FRACTURE PROPERTIES OF ALUMINIUM ALLOYS

241 Reinforcement Distribution Effects on Fatigue and Fracture Behaviour in Al-SiICp Composites (J Boselli, |
Sinclair and P J Gregson, University of Southampton; P Pitcher, DERA Farnbor ough)

It is generally recognised that reinforcement distributions may have a marked effect on the failure behaviour of particulate
reinforced Al-SiC, MMCs. Whilst numerous methods have been presented to quantify particle distribution characteristics
(such as Ripley’s K-function, quadrat and nearest-neighbour tests), the identification of a tessellated region around a given
secondary phase body such that every point within that region is closer to that particle than any other, has been recognised as
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a uniquely powerful method to describe distribution characteristics on a particle by particle basis. In the present work[38-
40], current concepts of Dirichlet tessellation have been extended to a ‘finite body’ tessellation, constructing cells from the
actua interfaces of finite secondary phase particles, providing a more physically meaningful description of the high
secondary phase volume fractions of most particle Al-SiC, composites. Quantitative studies have shown Finite Body
tessellation to be more sensitive to local microstructural character than the Dirichlet method when applied to real particulate
composite systems. Statistical characteristics of tessellation measurements have been assessed, showing the coefficient of
variation of mean interparticle separation to be a sensitive clustering parameter. This parameter has been applied to short
fatigue crack growth behaviour in real composites and have shown to have a first order influence on growth rates. Initial
microstructural finite element modelling has confirmed the influence of measured clustering effects on crack growth rates
through areinforced material.

24.2 Application of Soft Computing Modelling Methods to the Structural Performance of Aluminium Airframe
Materials (O Feminella, | Sinclair, M Brown and P A S Reed, Southampton Univer sity)

Extensive scientific and technical know-how has been built up over the years on the processing and structural performance
characteristics of aluminium aerospace materials. However, detailed quantitative modelling of materials performance in
terms of actual commercia products remains largely untenable due to the underlying complexity of the materials and the
associated commercial processing environment. Soft computing modelling methods, such a neural network analysis,
represent a proven and efficient method of modelling such complex multi-variate physical systems, congtituting a
considerable improvement over simple regression analyses. The present project will particularly apply neurofuzzy network
modelling methods to the fatigue performance of 2xxx and 7xxx series aluminium plate materialg/41]. Neurofuzzy analysis
represents an important progression of pure neural network techniques via reasonable straightforward inclusion of
established physical knowledge (in terms of general physical dependencies) with the numerical heuristic model formation of
pure neural networks. The models developed may be expected to provide direct contributions to production quality control
(improving property minima and in-service réeliability) and the identification of key process/alloy innovations.

24.3 Quantification and Modelling of Extrinsic and Intrinsic Contributions to Stage | Fatigue Crack Growth in
Al-Li Alloys (Y Liu, | Sinclair and P J Gregson, Southampton Univer sity)

Investigations into the fatigue behaviour of commercia Al-Li alloys in damage tolerant plate and sheet forms have noted the
occurrence of distinct macroscopic crack deviation at moderate to high DK levelsin certain specimen orientations. Previous
results have identified this behaviour with a combination of local crack-tip stress/strain conditions during crack growth, and
the underlying crystallographic texture where sustained co-planar mixed mode fatigue crack growth may be produced at
moderate mode Il to mode | loading ratios parallel to preferred {111} plane orientations. Using an idealised combination of
mixed mode crack growth testing geometry and specimen orientation, this behaviour is being used to quantify intrinsic Stage
| fatigue crack growth behaviour as a function of mixed mode loading conditions and basic microstructural parameters.
Results to date[42], have identified the limited efficacy of crack diding contact closure under strongly mode Il load
conditions consistent with the unusually flat, crystallographic fracture surfaces that may be produced in these materials under
mixed mode conditions. Furthermore, crack growth rates under mixed mode I1/I and pure mode Il conditions have been
identified as consistently faster than nominal mode | results, with an energy based equivalent stress intensity parameter being
identified as a useful descriptor of mixed mode crack growth behaviour. Further work is underway to clarify the role of
intrinsic and extrinsic crack growth resistance to the apparent crack growth behaviour.

244 Numerical Modelling of Fatigue Crack Closure in Damage Tolerant Aerospace Materials (M Parry and |
Sinclair, Southampton University)

The mechanics of crack closure arising from microscopic roughness of fatigue fracture surfaces, termed roughness-induced
crack closure, are not fully understood. Many aerospace alloys exhibit deflected crack growth, and observed reductions in
fatigue crack growth rates have been semi-quantitatively explained by this process. Models of this process within the
literature are commonly restricted to two dimensions and relatively simple, unrealistic crack paths. The present programme
is developing more representative finite element based models, particularly focusing on the three-dimensional surface
features found in highly textured AA8090 plate material. Work to date has also addressed the issue of dip heterogeneity by
introducing narrow low yield strength bands ahead of a propagating crack tip (ssmulating precipitate dissolution within
cyclic dlip bands), highlighting the important role this may play in producing mode |1 offset along a nominal mode | crack
path, and consequent roughness induced closure behaviour.
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245 Microstructural Assessment and Modelling of Overload Behaviour in Damage Tolerant Airframe Materials
(Y Xu and | Sinclair, Southampton University; R Collins and J Haddock, BAe Airbus; J C Ehrstrom,
Pechiney CRV)

Various micro-mechanical and microstructural influences on crack advance under variable amplitude conditions are
established within the literature (e.g. associated with plasticity induced closure, crack tip blunting and/or branching, strain
hardening, residual stress fields, etc.). However, variable amplitude lifing algorithms remain simplistic and to a significant
extent empirical in nature. The present study seeks to quantify individual micromechanical contributions to overload events
in a well controlled set of 2xxx-type materials, separating microstructural and mechanical effects. Work to date has
concentrated on improved closure measurement methods, identifying a novel dual-curve fit compliance assessment method.
Plain and deeply side grooved crack growth specimens are being used in conjunction with global and near-tip strain
measurements to separate plane stress and plane strain contributions to load transients.

246 In-situ SEM Studies of Small Crack Behaviour under Cyclic Load (P Bowen, M D Halliday and C Cooper,
University of Birmingham; P Poole, DERA Farnbor ough)

The small fatigue crack growth regime is being studied, particularly with regard to the aluminium alloys 2024-T351, 7010-
T7651 and 8090-T8771. Cracks are self-initiated at plane, polished surfaces, usually from second-phase particles, under four
point loading on a servo-hydraulic test machine and are grown on as ‘thumb nail’ cracks. Crack growth data are obtained
from surface replicas. In-situ, high resolution observations and measurements of the micro-mechanics of crack growth are
obtained at selected crack sizes using a 10kN cyclic loading stage mounted within an Hitachi S-4000 field emission gun
SEM. Using these procedures it has proved possible to obtain crack closure data and near-tip crack opening displacement
measurements for cracks of approximately 30 to 2000 microns total surface length. Testing has been conducted at positive
and negative R ratios in laboratory air and at positive R ratios in distilled water and 3.5% agueous sodium chloride
environments. Comparative long crack growth data have been obtained in laboratory air using an automated threshold
testing system based around a resonance-type testing machineg[43].

The programme has provided information on the magnitudes and differences in small crack closure levels for various alloys,
test conditions and environments. As an example, figure 13 shows measurements of closure over arange of crack sizes and
environments for 7010-T7651 alloy. They show a tendency for the closure levels to reach higher values at smaller crack
sizes and for an increase in crack closure with increasingly aggressive environment. However, despite increases in crack
closure, a more aggressive environment can also produce enhanced crack growth rates, as shown in figure 14 for the same
alloy. These experimental data have provided support for a closure model developed around the concepts of plastic
deformation and surface roughness induced closure mechanisms[44], that is supported by finite element modelling[45].
Negative R ratios have also been shown to be detrimental to the small crack fatigue properties of the alloys. This appears to
occur through the influence of mixed-mode fracture paths and the modification of crack closure by compressive loads.
Measurements of near tip crack openings are being used as a parameter to examine the influence of environment and loading
conditions on crack tip plastic deformation and the micro-mechanics of crack growth. Figure 15 shows an example of near
crack tip opening displacement obtained from the 7010 alloy as a function of root distance behind the crack tip, a graphical
presentation used previously[46]. The influence of environment at different crack lengths can be assessed by utilizing the
gradient of these curves asin figure 16, where all the data are for a uniform surface stress of 0.8 x yield stress. The influence
of simple load excursions on small crack growth has been examined in terms of crack tip opening displacements, crack
closure and the finite element modelling of residual stresses ahead of the crack tip[46,47]. Fractographic observations have
provided the basis for a suggested model of fatigue crack growth that extends from the growth of small cracks into stage |1
long crack growth[48].

The techniques outlined above are applicable to a wide range of metallic and composite materials, such as monolithic and
fibre-reinforced titanium alloys, and are frequently employed in other in-house programmes of work. New, novel
experimental procedures are being developed as part of the programme on small crack growth in the duminium alloys. A
facility for the continuous monitoring of small crack growth, rather than the intermittent measurements provided by replicas,
that is consistent with previously developed systems for data acquisition, is currently under investigation.
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24.7 Effect of Sequential Action of Corrosion and Fatigue on Fatigue Crack Initiation and Growth in 2024-T3
Aluminium Alloy (I Roungesand P E Irving, Cranfield University)

Samples of 2024-T3 containing a semi-circular notch 6mm in diameter were subjected to aternating periods of cyclic
loading and corrosion, using the accel erating corrodant Exco[49]. Corrosion periods ranged from 15 minutes to 4 hours. The
fatigue cycle numbers in the cyclic loading period ranged from 1250 to 10000. Corrosion periods of 15-30 minutes
produced pit depths in the notch of 30-60 mm. Alternating this period with 10000 fatigue cycles produced a 65% reduction
in fatigue life compared with the uncorroded state. Increasing the corrosion period up to 4 hours produced little further
decrease in life. Reducing the cycles between corrosion periods to 1100 cycles, produced significant (95%) reductionsin life
compared with the original properties. Detailed observations of pit and fatigue development using replicas revealed a
complicated picture. Pits produced multiple fatigue cracks and crack linking which decreased lives. Pit development also
caused cracks to blunt and bifurcate, which increased lives.

24.8 Improving the Fatigue Crack Resistance of 2024-T351 Aluminium Alloy by Shot Peening (E R de los Rios,
Sheffield University; A Levers, British Aerospace Airbus)

The effect of shot peening on the fatigue resistance of a 2024-T351 aluminium alloy was studied using an in-situ four point
bending fatigue machine under an optical microscope. This system provided the possibility of continuously monitoring crack
propagation during a fatigue test. Shot peening increases the fatigue life of aluminium alloy 2024-T351 over a wide range of
stress levels. It was observed that the crack growth rate in peened specimens was at a minimum when the crack length was
between 200-300mm, which corresponds with the shot peening depth. Shot peening can be used for healing fatigue damage
provided the crack length prior to peening is within the peening depth. For specimens with long initial cracks, shot peening
has no healing effect and the endurance results coincided with those from unpeened specimens. For short cracks (between
200-300mm) shot peening heals totally the prior fatigue damage which is manifested in the endurance results coinciding with
the peened data for undamaged specimens, (figure 17) A fatigue crack model incorporating shot peening effects was used to
derive the conditions for crack arrest and the results were presented in the form of a fatigue damage map (FDM). The FDM
predicted accurately the fatigue damage healing ability of shot peening[50].

24.9 Fracture Toughness (G R Sutton, DERA Farnborough)

Further developments in plane stress K curve test methodology have been made. The use of a saw cut to simulate the initial
fatigue crack has been verified for awide range of aluminium aloys. Alternative methods of defining fracture resistance that
would allow small test panels to be used have been reviewed. The most promising approaches were shown to be the crack-
opening angle (CTOA) and energy dissipation rate (dD/da) methods. Although alot of effort has been applied to developing
the CTOA approach, further work is required to test the feasibility and repeatability of determining CTOA for a range of
materials. Energy dissipation rate has been shown to offer a promising approach to deriving toughness values for real
structures from small-scale tests, addressing the problems associated with determining the level of toughness needed to
avoid catastrophic fracture in a particular structural application. Again, further work is required to clarify the geometry and
crack length dependence of D and to understand the relationship of the method with the conventional R-curve approach.
Also, a simple semi-empirical method of upward extrapolation of existing Kr curve data has been proposed which could
allow valid critical stress intensity factors to be determined from comparatively small test panels.

2.4.10 Fatigue, Fatigue Crack Propagation and Fracture Toughness of ALFSOTATS Sheet (S Scott, British
Aerospace Airbus)

A collaborative venture between British Aerospace Airbus, DERA Farnborough and British Aluminium has developed an
aluminium lithium aloy defined as ALFSOTATS (Aluminium Lithium Fuselage Sheet Optimised for Toughness and
Thermal Stability). Programme aims were to develop a damage tolerant fuselage skin material capable of achieving plane
stress fracture toughness levels equivalent to that of alclad 2024-T3 sheet after a representative lifetime of thermal exposure
due to the combined effects of high ambient temperatures and intense solar radiation. This work built on earlier experience
with the 8090 RS-W alloy which has been reported previously.

Fatigue In general the fatigue endurance of ALFSOTATS tested in different environments and thermal exposure conditions
was found to be superior to that of alclad 2024-T3 tested in air at room temperature. Fatigue properties of both plain (k; = 1)
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and notched (k; = 2.5) specimens tested in the T-L orientation were characterised. Material was tested after different levels

of thermal exposure, (no thermal exposure, 2000 hours at 90°C and 4000 hours at 90°C). The effects of different test
environments (air at room temperature, air at -50°C and water) were also determined. For plain specimens the effects of
chromic acid anodising were also determined.

The fatigue endurance of plain specimens was reduced by increasing levels of thermal exposure and by testing in water.
Conversdly, testing at -50°C improved fatigue endurance compared with that in air at room temperature. Anodising was
found to provide an improvement in the endurance of thermally exposed material, but had no significant effect on unexposed
material. The improvement associated with anodising was anticipated, and was similar to that observed in previous testing of
8090 RS-W material. The absence of improvement for unexposed material may be attributed to the testing being conducted
at stress levels above the yield strength of the material, resulting in deformation of the substrate and cracking of the anodic

layer.

The detrimental trends observed for plain specimens with respect to thermal exposure and testing in water were reversed for
notched specimens. Testing at -50°C improved fatigue endurance compared to testing in air at room temperature.

Fatigue Crack Growth The fatigue crack growth performance of ALFSOTATS tested in either an unexposed or thermally
exposed condition, in al orientations and environments of air or water, were substantially improved compared to alclad
2024 -T3 tested in air, with order of magnitude reductions in crack growth rates regularly apparent.

An extensive evaluation of the ALFSOTATS sheet has been made which involved an assessment of the effects of sheet
gauge, test piece orientation, thermal exposure condition (material was tested in the unexposed condition and after both
2000 and 4000 hours thermal exposure at 90°C), and test environment (testing was conducted in air at room temperature, in
air at -50°C, in water and in a 3.5% NaCl solution). 160 and 400mm wide CCT specimens were tested to establish fatigue
crack growth rates over the range 7-50 MPaOm.

ALFSOTATS was found to be more isotropic in terms of fatigue crack growth than for 8090 RS-W with the difference
between the (faster propagating) L-T orientation and all the other orientations being relatively small (figure 18). Testing at
sub-zero temperatures was found to have little effect compared to testing in air a room temperature. In general thermal
exposure had little effect on the fatigue crack growth performance of the material. Testing in water at 1 Hz was found to be
similar to testing in air at 10 Hz (figure 19).

Tests were also undertaken to compare ALFSOTATS with alclad 2024-T3 tested using a simple block spectrum (1 cycle
with R = 0.1 plus 10 cycles with R = 0.7, same peak stress). The tests were undertaken with 160mm wide CCT specimens
tested in the L-T orientation. Results indicated that both materials tested using the block spectrum showed a reduction in
crack growth performance compared to testing with R = 0.1. However, ALFSOTATS tested using the block spectrum was
found to have a superior fatigue crack growth performance when compared with alclad 2024-T3 tested with R = 0.1.

Fracture Toughness Plain stress fracture toughness testing using 2m wide CCT test panels has been conducted.
ALFSOTATS was shown to retain a high level of toughness even after prolonged exposure at elevated temperatures.
ALFSOTATS thermally exposed for periods of up to 6000 hours at 90°C achieved greater or comparable levels of Ko
when compared with alclad 2024-T3 in an unexposed condition.

2411 Development of Models for the Prediction of the In-Service Performance of Metal Matrix Composites (P M
Powell and R Cook, DERA Farnbor ough)

DERA is participating in the Brite-Euram project ‘ Development of models for the prediction of the in-service performance
of metal matrix composites (MISPOM)’ aong with Aerospatiale (France), Teksid (Italy), Erich-Schmid Institute (Austria),
University Politecnica Catalonia (Spain), University of Ancona (Italy) and National University of Ireland Galway (Ireland).
This three-year collaborative project commenced in April 1997 and will develop models to predict the static and fatigue
behaviour of auminium alloy based MMCs, reinforced with silicon carbide particulate. Two materials are being considered,
namely wrought 2124-T4 + 17% SiC,, for aerospace applications and cast A359-T6 + 20% SiC,, for automotive applications.

A wide ranging programme of experimental characterisation is being carried out on the MMCs and on their unreinforced
matrix aloys. This includes microstructural studies, residual stress measurement, tensile properties, S/N fatigue behaviour
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and fatigue crack growth behaviour. DERA have studied the effect of stress ratio and stress concentration factor on the S/N
fatigue behaviour of the MM Cs and matrix aloys and have studied the fatigue crack growth behaviour of the 2124-T4 based
MMC under constant amplitude loading and following overloads and underloads. Future tests will address the crack growth
behaviour of the 2124-T4 based MMC under variable amplitude loading.

The experimental data is being used by partners to develop and validate micromechanical and fracture mechanics based
models for predicting the fatigue performance of a helicopter rotor blade sleeve and an automotive brake drum under service
loading. NUIG have modelled the static behaviour of the MMCs at the microscale using a finite element method (ABAQUYS)
and have obtained good correlation with the experimental data. They are devel oping the micromechanical models to predict
the effect of microstructure (particles, porosity) on the fatigue behaviour. The R-curve threshold technique was used by
Erich-Schmid Ingtitute to predict the relationship between initial defect size and fatigue limit for the cast MMC and
reasonable agreement was demonstrated with the experimental S/N data measured by DERA (see figure 20)[51]. DERA are
also investigating the application of fracture mechanics based models (e.g. LOSEQ) to predict crack growth in the MMCs
when subjected to overloads, underloads and variable amplitude loading. The final stage of the project will entail bench
testing of the aerospace and automotive components under representative service loading, in order to assess and validate the
models.

2.4.12 Fracture Resistance, Fatigue and Corrosion Fatigue of Candidate Weldable Aluminium Alloys for Primary
Aircraft Structure (P M Powell, M W Squibb and G R Sutton, DERA Farnborough)

Welding offers airframe manufacturers the potential for labour saving assembly and increased cost efficient structures. At
present however, welding of aluminium alloys is not generally approved or proven for airworthiness, mainly due to the
historical inability to produce reliable defect-free welded joints. A collaborative research project, which has the aim of
developing joining technology for the UK aerospace industry, has been carried out under the Innovative Manufacturing
Initiative. The project is entitled “ Cost Effective Manufacture: Welding Aerospace Materials (CEMWAM)” and includes sub-
projects, which have addressed the structural welding of airframes using advanced welding process technology and the
development of weldable airframe materials.

DERA has studied the damage tolerance of butt welded aluminium aloy sheet in a range of aloys, welded using the
tungsten inert gas (TIG), plasma and metal inert gas (MIG) processes. The work demonstrated that the alloys could be
welded successfully to produce good quality butt welds having consistent damage tolerance properties. In the damage
tolerant alloys 2024-T3 and 6013-T4, R-curve fracture resistance was reduced by between 10 and 20% by TIG or plasma
welding (see figure 21) and fatigue crack growth rates were up to five times faster in butt welds than in the parent sheet (see
figure 22). In the higher strength 7475-T761 alloy, fracture resistance was reduced by up to 35% by TIG or plasmawelding
but little difference in fatigue crack growth rates were observed for butt welds and parent sheet. Welding of 8090-T34
aluminium-lithium alloy was shown to give rise to linear porosity along the fusion boundary and to prevent this, it was
necessary to remove the surface of the sheet by milling prior to welding. It has been demonstrated however that the porosity
had no significant effect on fracture resistance; the R-curves for welded 8090 panels were approximately 20 MPaOm lower
than those for the parent aloy but the R-curves for the surface milled and welded sheet bracketed those for the unmilled
sheet. The effect of the porosity on fatigue crack growth resistance is being assessed.

The corrosion fatigue behaviour of (TIG) and plasma butt welded joints of 6013-T4 and 2024-T3 aloys, in 3.5% sodium
chloride solution, has been investigated and the results have been compared to those obtained in laboratory air. Radiographic
and fractographic examinations of the welded joints have also been conducted. It was found that for 6013-T4 welded joints
and parent sheet, fatigue crack growth rates were enhanced by a true corrosion fatigue mechanism at low values of stress
intensity factor range (DK). For 2024-T3 parent sheet, evidence of stress corrosion fatigue was observed at a test frequency
of 1 Hz, athough this behaviour was not observed for the welded sheet. In addition, the fatigue performance of the welded
2024-T3 sheet was influenced by the position of the starter notch. Work is continuing and will evaluate two additional
alloys, namely 7475-T761 and aluminium-lithium alloy 8090.
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25 FATIGUE AND FRACTURE PROPERTIESOF METALSOTHER THAN ALUMINIUM

251 A Fundamental Investigation of the Effect of Dwell Time, Grain Size and Environment on the High
Temperature and Creep-Fatigue Resistance of Turbine Disc Alloys (N J Hide and P A S Reed, Southampton
University; M B Henderson, DERA Farnborough)

Sub-surface fatigue crack growth in turbine discs may lead to creep-fatigue in vacuum. High Cr content alloys are proneto s
phase formation (poor creep resistance) but are known to show better f.c.p. resistance. Small grain size is thought to promote
grain boundary failure (through oxidation or creep) and promote irreversible dlip (crack-tip plastic zone size containment)
thus leading to more damage accumulation per cycle (poor f.c.p.). The g¢ size effect is unclear as finer g¢ increases dip
heterogeneity affecting O, transport and possibly oxidation damage ahead of the crack tip. Finer precipitates may also be
sheared more easily presenting a reduced resistance to crack advancement. This study considers f.c.p. behaviour of high Cr
(U720) and low Cr (U720Li) aloys under cyclic and time dependent conditions in vacuum and air[52]. Variations in grain
sizeand g¢ size have also been studied.

In vacuum, cycle dependent behaviour is found at 650°C in both alloy variants, indicated by similar slopes (m values) of the
crack growth curve and a predominantly transgranular cracking mode. Time-dependent behaviour is observed at 725°C in
vacuum, with increasingly intergranular crack growth mechanisms observed at higher temperatures and longer dwell times.
“True” creep-fatigue behaviour is apparently observed, with increased m-values under the most severe conditions indicating
a contribution from static creep modes. In air, oxidation effects overwhelm any creep-fatigue behaviour and an intergranular
oxidation mechanism of crack propagation predominates at all temperatures (similar m-values are observed at all
temperatures). The lower Cr variant exhibits the best high temperature fatigue and creep-fatigue resistance. A larger grain
sized variant of the low Cr U720Li alloy has been found to offer little advantage in the cycle dependent fatigue regime, but
exhibits a significant improvement in creep-fatigue resistance.

Further work will evaluate the effects of g¢ size variation on the high temperature fatigue and creep-fatigue mechanisms. By
comparing the results from the grain size variant, then grain size and precipitate effects can be separated out. Interrupted
tests will also identify the conditions ahead of the crack tip and FEG-SEM+EBSD techniques will alow subsequent
elucidation of any element diffusion around the process zone as well as the degree of plastic damage ahead of the crack tip.

25.2 Fatigue Life Studies of Sigma SIC Fibre Reinforced Titanium Metal Matrix Composites (Ti MMCs)
(M P Thomas, PH Tranter, D Martin and S Sweby, DERA Farnborough)

Low cycle fatigue behaviour of Ti-6-4 and Timetal 834 matrix MMCs, reinforced with two types of DERA Sigmafibre, is
being studied. Tests are being performed over the temperature range room to 600°C, to simulate the gas turbine LP
compressor environment. As well as fatigue-life curves, cyclic loads, strain and modulus are monitored throughout the tests.
Data obtained from monoalithic Ti specimens, fabricated using identical parameters as the MMCs, act as a baseline. Acoustic
emission, emanating from fibre fracture and interfacial failure in the MMC specimens, is also collected and related to
changes in cyclic strain. Figure 23 presents the S-N curves for one unidirectionally reinforced MMC, tested in the
longitudinal orientation.

Additional studies are characterising the effect of the control mode (load or strain) on fatigue lives and damage
accumulation in both monolithic and MMC material. The effect of the fibre orientation on fatigue lives of unidirectionally
reinforced Ti MMCsis also being studied in both load and strain control.

Cyclic data obtained in these tests is being used to develop modelling techniques to predict the cyclic stress-strain response
of Ti MMCsin gas-turbine component geometries.

25.3 Fatigue Studies of g TiAl-based Alloys (A Partridge, E F J Shelton and G F Harrison, DERA Farnbor ough)

g TiAl-based alloys have been identified as candidate materials for both high pressure compressor and low pressure turbine
blades in future military and civil gas turbine aero-engines. TiAl aloys have a high modulus combined with a low density
and excellent high temperature properties up to 700°C. However, they are inherently brittle and have very low fracture
toughness compared to conventional aloys.
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As part of an ongoing programme of work the tensile, creep and fatigue behaviour of two “XD alloys’ (Ti-47Al -2Mn-2Nb-
TiB,/Ti-47Al -2Mn-2Nb-TiB,) have been characterised. Constitutive equations and the relevant parameters needed to define
the tensile, creep and LCF behaviour of these alloys have been developed which describe the material behaviour between
room temperature and 750°C. The development of these equations have enabled lifing algorithms to be established and
applied to conventional blade designs. This work has made a significant contribution to improving the understanding of the
mechanical properties of TiAl alloysin the UK, and the ability to design and life TiAl components.

However, concerns do remain regarding the effect of Foreign Object Damage on TiAl components, due to their inherent
brittleness and low fracture toughness. Therefore a further programme of work has been identified to assess the effects of
damage and surface condition on the properties of TiAl components. Fatigue specimens with both cast and ground surfaces
will be characterised, and the influence of introducing controlled damage (scratches) and uncontrolled (FOD) damage on the
HCF/LCF behaviour will be assessed. The influence of complex loading on both specimens and components will also be
evaluated and modelled. This work should lead to the formulation of a robust lifing strategy for TiAl components and
increased confidence in our ability to predict safe lives for compressor and turbine components.

26 FATIGUE OF METALLIC JOINTSAND STRUCTURES
2.6.1 Scatter Considerationsin the Interpretation of Major Fatigue Tests (A Cardrick, DERA Farnborough)

The author has considered how the philosophy used in deriving fatigue test factors for British military aircraft might be used
to assist in the interpretation of the tests, to a minimum of twice the design service life, now required by FAR 25.571. The
development of test factors has been traced from their introduction into AvP970 in 1959 to the present day. Reference has
been made to the former use of alog,, standard deviation of 0.176, the first measurements of the scatter of structures under
variable amplitude loading (tests on Mustang wings) and the introduction of the * Safe S-N’ philosophy to enable account to
be taken of the variation in scatter with endurance — the procedure has since been developed for adapting usage spectra for
test purposes, identifying where supplementary evidence is needed to support these tests and positioning SN curves for
service loads monitoring. The application of this Safe SN philosophy to the interpretation of the tests now required by the
FAA, has been examined. Consideration has been given to the effectiveness of these tests, followed by tear-down
inspections, in revealing those features which must be subject to a damage-tolerance evaluation and the extent to which the
safe-life scatter factors might be reduced when failures originate from multiple-site damage (groups of nominally-identical
features under the same loading). Finally, the author has considered how the Safe SN philosophy might be used to derive
the test factors needed to determine the inspection threshold (time to first inspection) corresponding to a prescribed
probability of cracking, as might be required as part of a probabilistic analysis. This work will be described in a poster paper
at the 20™ ICAF Symposium.

2.6.2 Hawk —Structural Life Extension (R Shooter, British Aerospace MA& A, Brough)

The successful in-service operation of the Hawk aircraft in both flying training and weapons training roles as well as the Red
Arrows aerobatics team led, in 1987, to the RAF requesting BAe to undertake a study to assess the possibility of extending
thelife of the airframe. A number of life extension targets were discussed, finally settling at 10200 Operational Hours, which
equated to 15000 hours when viewed in terms of the normal accel eration design spectrum and 25000 Landings.

The main components of the life extension programme were:-

a) The installation of a new wing standard to the Full Scale Fatigue Test, (FSFT), and its continuation as the Life
Extension Fatigue Test, (LEFT).

b) The assessment of items/components not fitted to the FSFT, such as the aileron which was tested separately and the
flaps which had been cleared analytically.

c) The assessment of build concessions (~5000), in-service modifications and repairs which were cleared against the
origina design requirements and again were not fitted to the FSFT.

d) The development of modification, inspection and replacement strategies as required.
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The volume of work generated from b) and c) in particular demanded that an efficient and systematic approach was
developed, including the widespread use of Operational Loads Measurement (OLM) data and coupon testing where
necessary. A poster paper describing the above programme will be presented at the 20" ICAF Symposium.

2.6.3 Fatigue Analysisof Obliquely-Loaded Lugs (S K Walker, British Aerospace MA& A, Brough)
Littleinformation is currently available in published sources to allow estimation of fatigue life of obliquely-loaded lugs.

Stress concentration factors have been generated by finite element modelling of round-ended lugs with a range of width to
diameter ratios. It was found by comparison with strain-gauge measurements that sinusoidally-distributed pin loading was
inaccurate, particularly for low width to diameter ratio lugs. The use of non-linear elements to simulate contact between the
pin and lug gave a much closer approximation of test results. Thirty-six load cases were run for each lug geometry
representing varying pin loading angle.

The resulting database of stress concentration factors is being used as input to a computer program which will calculate
fatigue life of lugs loaded at constant or varying pin load angle. The fatigue life will be either calculated internally via a
nominal stress approach, or output of stress concentration factors will alow life to be calculated externally by other means,
such aslocal strain analysis.

264 PC-9Fatigue Testing “at a distance” (J Parish, British Aerospace MA& A, Brough)

The Pilatus PC-9 trainer has been developed from the PC-7 and certified under FAR part 23 regulations. There has been no
full scale fatigue test (FSFT) of the airframe. British Aerospace (BAe) supplied the aircraft to the Royal Saudi Air Force
(RSAF) from 1987. As co-ordinating Design Authority, BAe have underwritten the Fatigue Life of the airframe to satisfy
RSAF requirements. However, the opportunity arose to participate in the Royal Australian Air Force (RAAF) FSFT program
for their PC-9/A aircraft. This would give additional confidence in the airframe and assist in management of the structure
over the full life of the aeroplane.

Two staff (an Aerodynamicist and a StructuresOLM specialist) were deployed for 18 months from mid-1993 to the
Aeronautical and Maritime Research Laboratories (AMRL) in Melbourne to assist in the program, with a further Structures
Engineer in support. Their main achievement has been the integration of the loads development activities with the rig design
effort. The test formally started in December 1995 and had successfully completed the target life of 50,000 hours by
February 1999. AMRL are now engaged on carrying out additional running to ensure full clearance for the structure, also
clearance for some of the repairs that have been applied.

Once the BAe staff had finished their deployment, BAe continued to provide advice for the rig design and commissioning
process and for the test-running phase, especialy at the time of major reviews. In 1998 Pilatus also dedicated a Structures
Engineer to AMRL to provide design information on repairs.

The main activity currently at BAe is to read the test data across to fatigue life clearance of the RSAF fleet, especially
comparison of fatigue consumption and the possible application of inspection/repair techniques to the fleet. Pilatus are
closely involved, covering the world-wide fleet of PC-9's as well as those for the RAAF and RSAF. One particular area that
suffered damage was in the upper wing skin under mainly compression loading. AMRL, BAe and Pilatus all had a part to
play in the design of the final repair at their respective offices, with BAe using their expertise in local strain fatigue analysis
(Neuber) techniques.

265 Buffet Test Programme (R Randell and P C Cross, British Aerospace MA&A, Brough & Dunsfold
respectively)

A number of test programmes are currently in progress to simulate buffet in combination with steady aerodynamic loads on
large aircraft sections. This work is important for the clearance of aircraft extremes where dynamic contributions can be
large and numerous when compared to steady manoeuvre loads.



2/21

A building block approach has been taken, from a proof-of-concept simple beam through to aircraft rear empennage testing.
Using the vibration facilities, it is possible to control a number of response modes concurrently and work is continuing to
develop an automated, combined buffet and manoeuvre load, flight spectrum.

One of these tests is being used to qualify, to United Kingdom requirements, the aft fuselage, fin and tailplane of Royal Air
Force Harrier 11 Vertical/Short Take-Off and Landing aircraft. The structure in question is subjected to significant quasi-
static manoeuvre loads, dynamic loads due to buffet at high Angles of Attack and jet turbulence on the ground. Previous
Harrier |1 United States Marine Corps experience of fatigue cracking in the tailplane and UK fatigue predictions, which
identified fatigue critical areas in the fuselage, have led to the need for a representative fatigue test. This would enable
service aircraft to be flown safely without the need for extensive inspection requirements. The culmination of the
development work was a test which could put the structure in multi-mode resonance under narrow band random excitation
whilst under representative static manoeuvre loading. The fatigue test started running in June 1998 and reached 4,800
Equivalent Flying Hours in February 1999, producing useful results. It is due to restart in June 99; the test set-up is shown in
figure 24.

A programme is about to commence on the development of test techniques to apply dynamic loads in combination with
steady loads on major airframe fatigue test articles; initial work will be undertaken on the ex EF2000 development aircraft
fatigue test article.

26.6 Hawk Tailplane (J A Anderson, British Aerospace MA& A, Brough)

Discovery of in service damage to the Hawk Tailplane has led to a detailed examination of the buffet environment
experienced by tailplanesin service. The nature of the buffet was explored through Operational Loads Measurement (OLM)
exercises which yielded the nature of the buffet in terms of magnitude, the frequencies at which the buffet was causing the
tailplanes to resonate, the interaction of the buffet load with the mean load of the manoeuvre loading, the level of the buffet
magnitude and the duration of buffet for any manoeuvre which induces the response. Analysis of the data produced fatigue
allowables which were used for the design of the new tailplane. As fatigue testing formed part of the route to clearance for
the newly designed tailplane, the data collected through the OLM exercise was used extensively to decide the testing
spectrum which is formed by the excitement of 8 modal responses, 4 symmetric and 4 asymmetric and the level of
manoeuvre loading. Known failures of pre-modification tailplanes were also used to correlate the theoretical spectra and the
spectrum which has been applied to the test specimen.

The significant criteria for the test was to generate the correct modal response across the tailplane for each of the modes
whilst simultaneously applying up to 4 modes, this was achieved with the use of a pair of electromagnetic shakers, one
situated on the port side and one on the starboard side. Manoeuvre loading applied independently of the dynamic loading
has been achieved by a more conventional wiffle tree and hydraulic actuator arrangement. Allowance for the mean
manoeuvre load at which the buffet is applied to the aircraft is achieved through additional manoeuvre cycles, although the
OLM data have shown that the level of the buffet mean load is much less than the peak tailplane load of a typical
manoeuvre.

The test tailplane has been mounted on a rear fuselage (figure 25) and adjustments have been made through addition of
ballast weights inside the fuselage such that the modal response of the tailplane was the same as that measured on the
aircraft, confirmation of this was achieved by comparison of Ground Resonance Test results. Testing of the tailplane is
currently underway with the program due to finish early 2002.

2.6.7 Multiple Site Damage (R Cook and A Young, DERA Farnborough; S Chamberlain and | Taylor, RAF)

Work to examine strategies for dealing with MSD in ageing aircraft structures is being performed at DERA in conjunction
with the RAF, as described in the last UK ICAF review. Work on multiple column open hole coupons, 1.6 mm thick, has
demonstrated that significant benefits in fatigue endurance can be obtained by cold expanding holes at which fatigue cracks
have formed, and MSD is present. The programme showed that cold expansion was most beneficial where residual cracks
were small, although crack growth was also slowed with cracks of up to 3mm present at 4.8mm diameter holes. Tests were
also performed with lead cracks in addition to MSD type cracks. Lead cracks of 1, 2 or 4 fastener pitches were introduced
prior to cold expansion. Benefits in fatigue endurance were found in all cases which accrued from crack retardation at
successive holes as the lead crack propagated. Typical results are shown in figure 26 for 1 and 2 pitch lead cracks.
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It was concluded that significant benefits could be gained from cold expanding holes in structures known to be susceptible to
MSD. It was further recommended that this be carried out at an early stage of the life before any significant cracking was
observed. The work is continuing and will examine the effectiveness of this procedure in lap and butt joints. Further work
will aso be undertaken to examine the effectiveness of over-pressurisation loads and composite patches to repair MSD
where significant cracking has been found.

2.6.8 Assessment of Flaw Tolerance on the EH101 Airframe Structure (D Matthew, GKN Westland Helicopters
Ltd., Yeovil)

In response to the 1989 changes to FAR/JAR 29, the certifying authorities (UK CAA and Itaian RAI) required an
assessment of the damage tolerance characteristics of the EH101 helicopter. A ‘Fail Safe Design Considering Flaw Growth’
approach was adopted and a major programme of testing and analysis undertaken to develop a viable method for application
to helicopter structures. The test programme had four phases, each phase examined crack growth behaviour under
progressively more complex load and geometry. In phase one, crack growth material data was generated for the aluminium
lithium forging material (8090-T852) that forms the EH101 Main Load Path. The crack growth behaviour at R-Ratios of 0.1,
0.4, 0.7 and 0.9 was determined using compact-tension specimens. In phase two, structural elements representing the
geometry of an ‘I’ section roof beam with a lightening hole were tested under constant amplitude load. Four tests were
performed with artificially introduced flaws located at either the edge of the lightening hole or at the edge of the flange. In
phase three, a full scale roof and side frame were tested under loads representative of three manoeuvre load levels. Cracks
were successfully grown at three locations, though initiation of cracks from initial flaws proved difficult.

Each test from the first three phases was analysed using linear elastic fracture mechanics. The modelling procedure was
refined based on the test results. The analysis demonstrated that flaw growth could be predicted to a reasonable level of
accuracy. Flaw growth was then predicted at over thirty critical locations on the EH101 Main Load Path. The results
showed that the high frequency vibratory flight loads cause rapid crack growth at short crack lengths, resulting in
unacceptably short inspection intervals. Analyses of critical sites on the Lynx and Sea King airframe structures has led to
similar conclusions to that on the EH101.

In the fourth phase, afull scale airframe (figure 27) was tested under low frequency manoeuvre and high frequency vibratory
loads. An initial 5mm corner flaw was located on the top flange of a main roof beam. The crack was initiated using a
factored load level and then grown under the representative flight loads. Fast fracture occurred when the crack was 10.5mm
long after the equivalent of 28 flight hours. The fast fracture arrested at a lightening hole. After the equivalent of 0.6 flight
hours, fast fracture occurred from the lightening hole and failed the rest of the frame (figure 28).

These results have led to the adoption of the ‘Flaw Tolerant (Enhanced) Safe Life Approach’ for the EH101 Main Load
Path. An extensive programme of testing has begun using coupon specimens with either corrosion, impact or score damage.
Reduced S-N curves derived from the test results will enable the generation of flaw tolerant safe lives.

2.6.9 Multi-Axial Fatigue Life Prediction of Ti-6246 Compressor Discs (P H Tranter, M B Henderson,
G F Harrison, R Sahota, M J Lunt, M R Brown and D Painter, DERA Farnborough; R J Wilson, M Bache,
J Evansand R Evans, IRC, University of Wales, Swansea)

Advances are being made in our ability to predict accurately the life of aeroengine Ti-6246 compressor discs. For such
fracture-critical components it is necessary to declare lives so that the possibility of failure is extremely remote. Currently
disc service lives are predicted using statistical analysis of results from full-sized disc spinning tests, where the low cycle
fatigue life is given as the number of cycles required to nucleate an engineering crack of predefined dimensions. Nucleation
and growth of such fatigue cracks is determined predominantly by the total equivalent stress range and maximum principal
stress range respectively.

However, disc components with non-uniform sections are subjected to multi-axial cyclic loading owing to stress
concentration features such as bolt holes and blade root fixings and thus the calculation of equivalent stressis not trivial. It is
necessary therefore to use finite element (FE) methods to determine the equivalent stresses in the component. To this end, an
extensive experimental programme is underway so that the constituents of constitutive FE models, such as an initia yield
criterion and hardening rule, can be determined by correlation with results from specimens fabricated from actual Ti-6246
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disc components. The construction of such congtitutive models is further complicated because at high temperatures time-
dependent (creep) deformation is active concurrently with low cycle fatigue deformation which can lead to over estimation
of the relaxation of peak stresses. Therefore creep modelling is also included in the experimental programme as are non-
proportional tension-torsion loading experiments and full-sized disc spinning tests.

Analysis of the results obtained to date, from plain Ti-6246 fatigued specimens, has shown that a rather complex modified
hardening rule, combining components from other rules, predicts well the cyclic stress-strain behaviour of the material. The
hardening rule is being used in the FE analysis of the multi-axial stressfields in notched specimens subjected to fatigue.

2.6.10 Prediction of Fatigue Lifefor Bolted Joints (W Zhu, British Aerospace Airbus, Filton)

In this project, a method has been developed to calculate the local stressin a bolted joint, which is used in combination with
the material SN curve and a multiaxial fatigue model to predict the fatigue endurance of the joint.

In order to determine the local stress, an analytical model has been developed to calculate the elastic stresses in a plate
containing a fastener under any fastener load and remote applied stress. The results of this analysis have been validated
against existing solutions and against finite element models. FE analysis has also been also used to consider parameters
which are currently not included in the analytical model (e.g. plasticity, friction between the fastener and hole and between
the two plates, three-dimensional effects and clamping forces). As an example of this analysis, figure 29 shows the predicted
stress around a titanium fastener in an aluminium plate. The multiaxial fatigue model is based on a combination of the
maximum shear stress amplitude and the mean normal stress on the critical plane. The effect of the maximum shear stress on
the fatigue life is aso considered when the maximum stress reaches yield. However, more experimental data are required to
determine the functional form of the relationship, and it may prove necessary to introduce other parameters, such as the
equivalent shear stress amplitude.

The method has been used to predict the fatigue life of high load transfer joints with clearance fit fasteners, as shown in
figure 30. In this case, the local stress was calculated through a 2D finite element analysis which included the effects of
material plasticity, clamping force, friction between the fastener and the hole and friction between the plates. The friction
between the two plates provides an aternative mechanism for load transfer, so reducing the stress at the edge of the fastener
hole. A good agreement can be seen between the predicted endurance of the bolted joint specimens and the material S-N
curve. However, it is apparent that there may be other influencing factors that were not included in this analysis.

In future work, the analytical model for calculating local stresswill be extended to include plasticity, and load transfer due to
friction between the two plates. The fatigue model will be improved to better represent the stress state of a bolted joint, and
suitable parameters will be found to quantify fretting damage.

2.6.11 Full-Scale Panel Testsin Support of the A300 Life Extension Programme (S Kimmins and R Callins, British
Aerospace Airbus, Filton)

Current operational statistics for the A300, the first generation Airbus, indicate that some early examples will reach their
Design Service Goal (DSG) at the beginning of the next decade, at which point they would ordinarily be retired. However,
as the aircraft continue to generate useful revenue, it has been suggested that the service life of the type be extended on
economic grounds, provided that safety levels can be maintained. Airbus Industrie has therefore launched a genera ‘life
extension’ programme to justify these revised operational limits, and to allow the high-time A300 fleet to continue beyond
2003. This study will include an evaluation of the susceptibility of the design to Widespread Fatigue Damage (WFD), and
the development of a programme for corrective action.

The prevention of WFD is central to the continued safe operation of ageing aircraft. In general, the primary source of test
evidence in support of an assessment of Multiple Site Damage (MSD) or Multiple Element Damage (MED), the sources of
WEFD, follows from the full-scale aircraft structural fatigue test. It is generally recognised that full-scale fatigue test evidence
is more accurate than the results of major component tests or coupon tests in predicting the fatigue endurance and the
associated scatter in airframe structural components. Coupon or component test specimens are more likely than full-scale
test specimens to have manufacturing processes, boundary conditions, and secondary load effects that are not fully
representative of service aircraft. The experimental techniques adopted during coupon or components tests, such as the
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environmental conditions and the cycle rate, may also be significantly different to that experienced by the aircraft during
operational service.

Since the A300 full-scale wing fatigue test was limited to twice the DSG, the test does not provide evidence in support of
continued operation beyond DSG. The A300 life extension programme will therefore include additional fatigue endurance
and residua strength tests of the wing structure, with the specimens produced on a ‘new-build’ basis. The tests will be
performed on full-scale (2m x 1m) panels representative of three areas of the wing structure identified as being susceptible
to MSD/MED - the top and bottom chordwise skin joints at rib 9, and the stringer run-outs at rib 14. The test results will not
be used directly to establish revisions to the inspection programme to prevent WFD; this will be done by analysis, using
methods validated by the experimental evidence and calibrated against service experience

2.6.12 Methodologies for the Assessment of Widespread Fatigue Damage in Aircraft Wing Structures (R Collins
and S Kimmins, British Aerospace Airbus, Filton)

In this study, the development of multiple site damage in typical wing structural assemblies was modelled. Simple analytical
approximations were used to assess the fatigue aspects of the process, whilst an exact analytical approach formed the basis
of the fracture mechanics calculations used to estimate the residua strength of a multiply cracked joint.

A probabilistic approach was used to model the crack initiation stage in a structure with multiple potential crack sites. The
natural initiation of multiple fatigue cracks is linked to the fatigue endurance behaviour of simple laboratory test coupons,
and a Monte Carlo procedure was used to generate a large number of different crack pattern scenarios. A deterministic
approach was adopted to model the subsequent fatigue growth of cracks, with the assumption that a simple crack growth
law, derived from single crack specimens, could be used. However, the fracture mechanics calculations requires that the
interaction of adjacent cracks (or cracks with adjacent uncracked fastener holes) be alowed for, which was done in this
study by using the approximate compounding approach to estimate the stress intensity factors. Although simplifying
assumptions were made to facilitate the computational efficiency of the fatigue calculations, their accuracy was validated by
supporting finite element studies.

These separate components were assembled into an overall methodology for the assessment of widespread fatigue damage in
aircraft wing structures, which was used to investigate the behaviour of a number of representative test specimens. Current
studies confirm other work in the field in that extensive secondary cracking can induce a significant reduction in the residual
strength of a structure with a primary crack. The probability that such a scenario will develop can be determined using the
procedures developed in this work, athough the assumption of natura fatigue crack initiation makes such a scenario
extremely rare. Scenarios of this type are more likely to develop if the scatter in the initiation process is reduced
significantly, by corrosion for example.

2.6.13 Structural Maintenance of Ageing Aircraft (SMAAC) (S Kimminsand R Coallins, British Aerospace Airbus,
Filton; R Cook and A Young, DERA Farnborough)

The SMAAC (Structural Maintenance of Ageing Aircraft) project, which finished at the end of 1998, was a three-year
collaborative research project partly funded by the European Union under the Fourth Framework Programme. The
consortium of twelve partners included representatives from a range of European aircraft design, maintenance and overhaul
organisations, as well as theoretical and experimental research centres.

As commercia aircraft approach the end of their original design service goal, there is an increased possibility of the
development of Multiple Site Damage (MSD) or Multiple Element Damage (MED). These phenomena may eventually lead
to Widespread Fatigue Damage (WFD), in which the residua strength of the structure is degraded below the required
minimum level. The major objective of the SMAAC project was to develop methodologies and engineering tools for the
assessment of MSD/MED, in order to determine the effect of extended service on the structural airworthiness of an ageing
aircraft. This objective was addressed by:

collecting in-service experience and data from teardown inspections, covering a wide range of the areas on the fuselage
and wing identified as being susceptible to MSD/MED;

conducting an experimental programme to enable detailed studies on different MSD/MED phenomena, including the
influence of environmental effects such as corrosion on the development of MSD/MED, and
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developing and validating theoretical models, of different degrees of complexity, to assess the behaviour of structural
components in the presence of MSD/MED.

As aresult of these investigations, a common ‘ European’ approach to the assessment of MSD/MED was established among
the project partners. The conclusions of the SMAAC project have had, and will continue to have, a significant influence on
discussions with regulatory authorities regarding continued airworthiness. The proposed methodology will be adopted in
forthcoming ageing aircraft initiatives, and will enable revised inspection and maintenance programmes to be established in
accordance with airworthiness requirements.

2.7 OTHER ASPECTS OF FATIGUE
2.7.1  Monitoring the Fatigue Exposur e of Helicopter Components (A Cardrick, DERA, Farnbor ough)

Progress has been made in responding to the challenge of increasing the permissible fatigue lives of helicopter dynamic
(rotating) components by providing a way of monitoring their fatigue exposure. Conventional |oads-monitoring technology
is difficult to apply because de-rotation problems inhibit the use of strain gauges for other than flight-test aircraft and the
interpretation of parametric measurements is complicated by mechanical considerations. However, it has been recognised
that for most components, the allowance for uncertainty in loading is sufficiently high and the stresses sufficiently low that
there is scope to fit them with a miniature fatigue coupon that will indicate, by its fracture, when the component has received
a prescribed amount of fatigue damage - the coupon always cracking well before the component, but having a substantially
longer life than the permissible (safe) life of the component. There being no suitable miniature coupon available for this
application, the feasibility of producing one has been examined. This has led to the definition of a prototype ‘fatigue
exposure indicator’ (FEI) that seems likely to meet the challenging objectives that have been set. Exploratory tests have
indicated that the coupons exhibit very low scatter and that, when they are fitted with miniature crack-growth gauges, it may
be possible to monitor damage growth over the last 50% of the life. It is envisaged that, for service applications, the
performance of the coupons, would be substantiated by fitting them to those components used for normal substantiation
tests; the mean S-N curves for the coupons and the host components would then be located at the same time with no need for
special component tests. The substantiation tests, which are done under mixed loading, would also reveal any significant
differences between the cumulative damage characteristics of the coupons and the host components. For these substantiation
tests and for production components, coupons, complete with crack gauges and a re-sealable connector, would be fitted
under laboratory conditions. The whole would then be encapsulated to provide robustness and environmental protection; the
encapsulated coupons would be termed ‘Ladybirds' to reflect their small size and shape. At suitable maintenance intervals
the [at-rest] crack-gauge readings would be taken in-situ. It is planned to develop Ladybirds with a range of cumulative
damage characteristics so that component utilisation can be further increased by matching the Ladybird characteristics more
closely to those of the component.

2.7.2  Fatigue Regulationsfor British Military Aircraft (A Cardrick and A Mew, DERA Farnborough)

There has been a second major review of the requirements since they were introduced in 1959. The new regulations, to be
included in Issue 2 of Def Stan 00-970, overcome differences in interpretation that have arisen over the years, introduce
improved compliance procedures and harmonise the aeroplane and helicopter requirements. Notable changes include the
introduction of mandatory Operational Loads Measurement (Operational Data Recording for helicopters) and guidance on
the use of the Safe SN approach in adapting usage spectra for test purposes, identifying where supplementary evidence is
needed to underpin tests and in positioning the S-N curves to be used in service loads monitoring.

2.7.3  TheEffect of Environment on Fretting Fatigue (D B Rayaprolu, DERA, Farnborough)

The fretting fatigue behaviour of BS L65 aluminium alloy specimens in contact with steel or BS L65 pads has been
investigated for various test environments, including air, water and water displacing penetrant WD40. Fretting pads were
clamped onto two flat surfaces on each BS L 65 specimen and fretting fatigue tests were carried out under constant amplitude
loading at R = -1.
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The fretting fatigue lives obtained in air with steel or BS L65 pads were much shorter than corresponding plain fatigue lives.
At high axial stresses longer lives were obtained for BS L65 pads than for steel pads. These observations were consistent
with corresponding variationsin frictional coefficient.

When tests were carried out in the presence of WDA40, rather than in air, significant improvements in fretting fatigue lives
were obtained. Pad type had little effect, although slightly longer lives were obtained for BS L65 pads. When fretting fatigue
tests were carried out in water, the lives obtained with steel pads were longer than in air but, in general, not quite as long as
in WDA40. For tests with BS L65 pads, the fretting fatigue lives in water were shorter than in WD40 and approached those in
air. These observations were consistent with corresponding variations in measured frictional forces, i.e. the increased fatigue
lives resulting from the presence of WD40 or water may be explained in terms of the observed reductions in frictional
forces. For fretting fatigue tests where WD40 and water were sprayed alternately, average frictional coefficients and fatigue
lives were similar to those observed for tests involving continuous spraying with WD40. Although relatively high frictional
coefficients were observed initially in the presence of water, low values were rapidly obtained on application of WD40 and
low average values were observed during subsequent alternate application of water and WD40.

Waveform analysis during fretting fatigue identified stick, micro-slip, macro-dlip and slide regimes. In the presence of
WDA0, frictional force vs. axial force hysteresis loops were influenced by the rate of loading. In the case of similar metal
contact, it was shown that fretting fatigue could lead to partial welding in the case of combined stick and macro-dip
conditions. For R = -1 loading, with apeak stress of 140 MPa, it was shown that fusion occurred within the first 900 cycles
of testing and that further fretting fatigue occurred mainly under stick conditions. Fast fourier transform analysis of frictional
force data showed promise as a method for monitoring crack growth during fretting fatigue and will be investigated further.
In addition, the effects of variable amplitude loading and surface treatments will be studied and an improved fracture
mechanics model will be developed.

2.74 Boundary Element Analysis of Cracked Sheets Reinforced by Composite Patches (M H Aliabadi and
D Widagdo, University of London)

In this project a new dua boundary element formulation is being developed for modelling cracked sheets reinforced by
adhesively bonded composite patches. The formulation is the extension of the one developed by Salgado and Aliabadi[53]
for isotropic patches. The discretization of the patches and corresponding region in the sheet into cells will be avoided
through the use of fundamental and particular solutions used in the DBEM/DRM formulation, the crack boundaries can be
excluded from the attachment regions boundary where the interaction between the sheet and patch takes place. Hence, after
each increment of a crack propagation analysis, no changes are required to the existing attachment region even in cases
where the sheet region overlaid by the patch contains a crack tip.

2.75 Thermal-Acoustic Fatigue Programme (P D Green, British Aerospace MA& A, Warton)

Endurance data for CFC/Nomex and SPF/DB Titanium sandwiches have been generated by random-amplitude vibration
excitation of beams. This work[54] has shown that the integrity of “thin” sandwich panels under simulated acoustic loading
are affected by design stress limits for Nomex core materials where particular ramp geometries are employed.

Three sheset corrugated core SPF/DB Titanium specimens have been tested and for the design tested, this has shown the
landing to be more critical than the formed section. Depending on the magnitude of the RMS stress levels, failures were
generated at the inner fastener line or at the bottom of the ramp diffusion bond line.

2.7.6  Thermal-Acoustic Stress Prediction Programme (P D Green, British Aerospace MA& A, Warton)

Structural response anaysis tools are required by engineers who design and qualify structures subjected to severe
environments such as acoustic, buffet and thermal sources. Structures exposed to these sources are also subjected to steady
manoeuvre/steady in- or out-of-plane loads which modify the dynamic response making both stress magnitudes and
accumulated cycles difficult to evaluate.

Analysis methods ranging from datasheets through to frequency- or time-domain finite element codes have been assessed
and correlated against available test data. In most cases the level of stiffening caused by large deflection dynamic response,
or by structures pre-stressed by tensile in-plane loads, is over predicted. A similar situation exists in panels with compressive
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in-plane loads but here the complications caused by buckling make analysis difficult. Work is continuing to develop and
fully evaluate suitable analysis methods and tools.

2.7.7 Thermal-Acoustic Test Facility (R Randell, British Aerospace MA& A, Brough)

The qualification of structures subjected to thermal-acoustic loads requires well proven and accurate tests to generate the
required dynamic response. A new facility has been erected at the Warton site which will be capable of applying acoustic
excitation at 175dB, with temperatures up to 300°C in combination with a range of in-plane loads up to 700KN on large
structural elements.

Work to date has included facility running at 174dB with an acoustic progressive wave at grazing incidence to test articlesin
a duct. Efforts are continuing to provide the thermal loads within the duct and diffuse acoustic fields within or on the
external wall of areverberation chamber.

2.7.8 Strain-Life Datafor Design (SH Spence, British Aerospace MA& A, Warton)

British Aerospace Military Aircraft has employed the local strain approach in the design process for fatigue durability for
many years, particularly for the Goshawk T45A and some Harrier variants. A programme is currently underway extending
the database to other materials and forms. This will allow the use of this fatigue lifing technique to be further extended
across other aircraft structure where required.

Also within this programme of work is an evaluation of the effect of pre-strain on life. This involves testing at an applied
strain amplitude which would give a life in the region of 10" cycles. However, the first cycle to be applied is of a
significantly larger amplitude. The full database will be employed to investigate fatigue design curve rationalisation
alongside a similar programme for stress-life data.

2.7.9  Effect of Service Temperature and I mpact Damage on Bonded Composite Patch Repair of Aluminium Alloy
Structures (P Poole, K Brown, D SLock and A Young, DERA Farnborough)

Theoretical and experimental research has been carried out to investigate the effects of service temperature and impact
damage on the efficiency of bonded composite patch repairs to aluminium aloy test pieces containing central, through-
thickness fatigue cracks. CFRP and BFRP patches of similar stiffness were applied using a 120°C curing epoxy film
adhesive. Some of the CFRP patches were manufactured with a layer of woven GRP on the surface to be bonded to the
aluminium alloy specimen, and it was shown that the GRP layer had no significant effect on the retardation of fatigue crack
growth due to patching. Thus, if it is necessary to use a layer of GRP to prevent galvanic corrosion, there will be no
associated penalty of reduced patch effectiveness. An increase of the test temperature from ambient to 70°C resulted in very
small reductions in crack growth rate for single sided BFRP or CFRP patched specimens. This observation was consistent
with theoretical analysis which predicted that the opposing effects of reduced residual stresses and reduced adhesive
modulus would result in a small reduction in crack growth rate. In contrast, for double sided repairs, a small increase in
crack growth rate at 70°C was predicted. Theoretica analysis predicted that reducing the test temperature to -55°C would
result in an increase in crack growth rate for patched specimens, owing to increased residual stresses having a greater effect
than any accompanying increase in adhesive shear modulus. Fatigue testing at -55°C has not been carried out. However,
when a single sided CFRP patched specimen was tested at -20°C, a significant decrease in crack growth rate was observed.

High energy impact [45 joules] resulted in severe damage of CFRP+GRP patches and acceleration of fatigue crack growth
during subsequent testing of a double sided patched specimen. The increase in crack growth rate, and its variation with crack
length, were consistent with theoretical predictions based on a conservative representation of the damage. Theoretical
analysis of the effects of different forms of impact damage indicated that detailed information concerning the size and
location of the damage was essential for accurate prediction of the effectiveness of damaged repair patches. Low energy
impact [9 joules] resulted in localised patch damage and small increases in fatigue crack growth rate for double sided
patched specimens. C-scans before and after fatigue testing did not detect significant growth of the damage introduced by
either low or high energy impact. However, a narrow debond which developed at the patch/metal interface during fatigue
testing was detected. In general, the effectiveness of the patch repairs predicted by numerical analysis was in very good
agreement with that indicated by fatigue test results.
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2.7.10 Repair of Battle Damage (P Poole, K Man and A Young, DERA Farnborough)

Theoretical and experimental research has been carried out to assess the use of adhesively bonded composite patches for the
“permanent” repair of battle damage in auminium alloy panels. The investigation involved the repair of simulated battle
damage in the form of holes [up to 40mm diameter] with multiple cracks round the edges of the holes. Fatigue testing
established that various damage configurations can be repaired effectively using precured carbon/epoxy patches bonded with
a 120°C curing epoxy film adhesive. A 3-D BE/FE model was modified to alow the analysis of single and double-sided
patch repairs to panels containing various hole/crack damage configurations, including multiple cracks at holes and kinked
cracks. The model has been used to study the effects of damage configuration and crack front shape, as well as patch and
adhesive variables. In general, good agreement has been obtained between theoretical predictions and experimental
observations. Studies involving thick section repairs indicated that little improvement in patch repair efficiency was gained
by reducing residual thermal stresses by the use of lower temperature curing materials. Work to investigate repair of surface
battle damage in thick aluminium alloy sections commenced recently.

2.711 Exposure Trialson CFRP Patch Repairs (G R Sutton and P Poole, DERA Farnbor ough)

Earlier work has shown that fatigue damage in aluminium aloys can be successfully repaired using adhesively bonded
CFRP patches. It was also shown that the durability of the patch bonds was good in hot/wet conditions. However, it was
recognised that the exposure conditions used (2150 hours, 70°C, 84% RH, unstressed) were not particularly severe and that
more searching trials were needed, using the materials that the RAF had adopted as standard. As a result two trials,
comprising 6 years natural weathering under constant load at the hot/wet Pin Gin Hill cleared jungle and the Cowley Beach
maritime sites in Australia, and 4 year exposure to cycling between 50°C/96% RH and -55°C, have been conducted. In the
latter trial the patched panels were not under applied load, but the bond experienced considerable thermal stress during the —
55°C phase of the cycle.

Pre-cracked 7075-T76 aluminium alloy test pieces were prepared for patching using a range of treatments which included
grit blasting, silane swabbing and phosphoric acid anodising. Both pre-cured patches (bonded using epoxy adhesives) and
wet lay-up patches were used. The panels for the natural weathering tests were primed and painted using a polyurethane
topcoat.

For the panels exposed to the hot/wet/freeze cycle, it was clear that deterioration in patch performance occurred with
exposure, particularly for wet lay-up patches. The wet lay-up pand treated by grit blasting only was completely disbonded
with gross corrosion under the patch, whereas the panel with silane treatment was disbonded only at one corner only. Neither
of the pre-cured, bonded patches showed any visua sign of disbonding at the edges.

The test panels for the natural weathering trials are currently being analysed. After exposure, the paint coatings were sound
although slightly duller and faded. All except two panels withstood the exposure trial well, the exceptions being the wet lay-
up panels from the beach site. These panels showed signs of lifting off after 5 years, and at the end of the 6 year trial these
patches were completely disbonded with heavy corrosion over the patched area. At the end of the tria, all other panels were
still fully bonded and showed no sign of degradation in fatigue performance when compared with the unexposed patched
results. The wet lay-up patches from the jungle site showed an improvement in performance, probably due to an ongoing
curing of the epoxy resin.

Panels containing central fatigue cracks have been repaired using pre-cured BFRP, CFRP or CFRP+GRP patches applied
with a 120°C curing epoxy film adhesive. The CFRP+GRP patches had one ply of woven glass prepreg on the surface of the
patch to be bonded. All panels have been exposed to 70°C/85%RH for 50 weeks. Fatigue testing in air at room temperature
has commenced; additional tests will be carried out at 70°C/85%RH.

2.7.12 Fatigue Crack Patching (A S Ball and C Edge, British Aerospace MA& A Farnborough; P Poole, DERA
Farnborough])

Work has been carried out to develop methods of repairing primary metallic aircraft structures using adhesively bonded
composite patches. Following a review of known defects and potential applications of bonded composite patches, it was
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decided that the early phase of the programme would investigate repair of a mechanically fastened splice joint and a wing
spar.

A metallic splice specimen, representing a typical butt strap/splice configuration, was developed. The specimen was based
on Harrier guidelines, using typical fastener pitches and assembly methods. The main objective was to demonstrate that
bonded patches enhanced the fatigue performance of wet assembled splice joints when applied over counter-sunk fasteners.
20mm length fatigue cracks were grown from the central fastener holes in the two outer rows of holes. For selected
specimens the two fatigue cracks were repaired using two precured CFRP patches bonded with a 125°C curing epoxy film
adhesive. Constant amplitude fatigue testing established that patching reduced the rate of fatigue crack growth by a factor of
8; there was no evidence that significant debonding occurred during testing. However, it was shown that the fatigue
performance of the unpatched wet assembled joints was influenced by the adhesive cure cycle, particularly if the cure
temperature was increased from 125°C to 175°C.

Wing spar test specimens were cut from the rear spar of two scrap Hawk Mk1 wings supplied by the RAF. A 20mm long
crack at atransfer hole in the spar web was introduced by spark erosion and fatigue loading. Constant amplitude fatigue
testing under three-point bend loading established that patching was extremely effective in retarding crack growth. For
example, patching was shown to arrest crack growth for 16.5 times the number of cyclesit took the unpatched crack to grow
1mm. Furthermore, when the patch was removed from one specimen crack growth restarted within 750 cycles, which was
1% of the number of cycles the specimen achieved with the patch applied and no crack growth. There was no evidence of
patch debonding due to fatigue loading. Compared to conventional metallic repairs, it was estimated that bonded composite
patch repair of the spar web would result in manpower savings of 69% for repair application.

2.7.13 Repair of Wing L eading Edge Skin Structure on In-Service Commercial Aircraft by Solid Phase Welding (G
E Shepherd, British Aerospace Airbus, Filton)

This project investigates the potential of using solid phase welding to repair skin cracks on in-service aircraft as a means of
obtaining a better repair solution for the airline customer. The application of Friction Stir Welding in the In-service
environment is being assessed and trials undertaken to explore the practical aspects associated with skin repair. The joining
process requires a rotating tool to be plunged into the joint line of the material section. Frictional heat is generated by the
tool, which contains the plasticised material under the tool head. The weld length is achieved by traversing the tool along the
weld line and stirring the softened material together without it reaching melting point.

Coupon tests are being conducted to establish a life factor between the conventional skin structure and skin structure
repaired by Friction Stir Welding. Fatigue analysis will be carried out to demonstrate the improved benefit that can be
achieved by Friction Stir Welding to remove the notch created by the crack. For a conventional repair the crack may be
stopped by a crack stop hole and reinforced by a skin plate for which the analysis considers a stress concentration for the
notch and a stress reduction factor for the reinforcement. Asthe joining process will eliminate the notch, the local stress will
be reduced, but the resulting fatigue life will need to be adjusted according to the life factor established.

Commercia and business implications, such as cost and benefit to the customer, are also being examined.

2.7.14 Integrating P-S-N Curves Over Non-uniform Stress Fields (D Shepherd, G Harrison, M Lunt, A Boyd-L ee,
M Brown and M Henderson, DERA Farnborough)

The objective of the work is to provide the capability to integrate probabilistic S-N curves over arbitrary stress fields to give
an estimate of the life distribution for components. This is achieved by deriving the equations giving the distribution of the
life to failure as a function of both stress field and volume. However, this type of model differs from the conventional
volumetric strength integrals common in the study of ceramics in that the random variable is cycles and not stress. Thus, the
stress term only appears in the parameters of the model.

In this situation, the Weibull distribution suggests itself as a natural model, since it satisfies certain basic relationships with
respect to volume. Initially, a smple 2-parameter based model was devel oped, which incorporates the assumption that the
component has a non zero probability of failure for any life above zero cycles. However, this was subsequently extended by
incorporating a more complex 3-parameter Weibull distribution which can account for features such as fatigue threshold and
lower bounds for fatigue life. Also, a different approach has been developed which assumes that the life-to-first crack of a
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component is distributed according to a lognormal density function. This has the advantage that it can be related to current
aeroengine component lifing procedures much more easily, since the procedures which they use are based on Lognormal
gtatistics.

2.7.15 FatigueLife Prediction (R S Sahota, DERA Farnborough)

Mechanical loads of a cyclic nature are often experienced by aeroengine components such as blades and discs. Such
conditions may induce failure in components with the choice of material and the component geometry being important
factors in determining its occurrence. The ability to be able to forecast the transient mechanical behaviour is an important
prelude to being able to predict failure. The fact that many elements of a gas turbine operate at high temperatures further
accentuates the difficulty of this task

A study was carried out to compare and evaluate the material hardening rules available within the ABAQUS finite element
package in order to discover whether or not they can be used to enhance fatigue life predictions. The relative merits of the
isotropic, linear kinematic and nonlinear kinematic models were all investigated. Further work looked at the appropriateness
of combining the isotropic and nonlinear kinematic rules.

The accuracy of each model was validated by comparing stress-strain hysteresis loops produced by a strain controlled
uniaxial experiment with those of a finite element simulation. Peak stresses and total stress range were used to judge the
suitability of particular models. The number of cycles to shakedown was also considered.

It was found that for the particular case under consideration (IMI1 834 titanium alloy), the isotropic hardening rule gave a
very poor portrayal of the characteristics associated with cyclic loading as seen in figure 31. No relaxation in the mean stress
was evident and hence, with the exception of the first half cycle, the simulated hysteresis loops bore little resemblance to
those produced by experiment. The prediction of total stress range was also poor.

The linear kinematic rule was also found to be unsuitable with again, extremely bad predictions of total stress range and the
number of cycles to shakedown being a feature. The more advanced nonlinear kinematic rule was able to exhibit the
phenomenon of stress-strain hysteresis loops dropping down along the stress axis. Cyclic softening was also in evidence but
the simulation was till far from accurate. A number of attempts at improving the behaviour of the model failed and included
modifying the input data used to describe hardening behaviour.

By contrast we can observe from figure 32 that the combined hardening model was found to produce an excellent prediction
of the total stress range and cyclic softening was present throughout the simulation. Peak and mean stresses however were
not described as well. Suggestions for further work centre on improving mean stress prediction by either modifying the
isotropic component of the model or by altering the position of the yield surface in stress space by imposing a back stress.

FE models of notched specimens have been created for further testing and the analysis of L CF data supplied by a sub-
contractor has been completed as a precursor to using the rules to help with the lifing of actual components.

28 FATIGUE PROPERTIES OF COMPOSITES

28.1 Fractographic Assessment of Fatigue Failures in Multi-directional and Woven Polymer Composites
(M J Hiley, DERA Farnborough)

A fractographic study examining the micromechanisms of fatigue failure, under mode | (opening), mode Il (shear) and
mixed-mode (I+11) loading has been performed on unidirectional, multidirectional and woven carbon/epoxy laminates.

Initial ‘in-house’ fractographic studies examined the fatigue failure mechanisms in unidirectional laminates. Some work was
also performed in conjunction with the European GARTEUR (AG20) Action Group on fractography. The aim of both
studies was to characterise the fractographic features associated with fatigue failure in arange of unidirectional materials and
to establish the use of these features for determining the rate and direction of crack propagation. A number of key
fractographic features, including striations and matrix rollers were identified on many of the mode Il dominated fracture
surfaces. Striations were found in both the fibre imprints and occasionally within the matrix resin. The striations in the fibre
imprints were oriented perpendicular to the crack growth direction and appeared either ‘bright’ or ‘dark’ depending on
which side of the fracture surface was examined. A potential relationship between the crack growth direction and the
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appearance of the striations, ‘bright’ or ‘dark’ was established. Several exceptions, which were attributed to fibre bridging,
were however observed and further research is required to resolve these anomalies. The spacing of the striations, observed in
the fibre imprints, was found to vary considerably across even a single fracture surface. The spacing appears to be
influenced at very local level by stresses within the composite and the use of these features for determining crack growth
rates appears limited. Fractographic studies performed on unidirectional materials, both ‘in-house’ and within GARTEUR
(AG20) have now been concluded and reported[55].

Fractographic investigations have recently been extended to the examination of fatigue failures in laminates with plies of
different orientations and those manufactured from woven fabrics. Mode I, mode |1 and mixed-mode delamination tests were
performed, both statically and in fatigue, on multidirectional laminates containing 0/45 and 0/90 interfaces. Preliminary
fatigue fracture surfaces were also generated in carbon/epoxy, containing a plain weave fabric. Significant differences were
observed in the fracture morphologies of the two configurations of multi-directional laminate. Striations in the fibre imprints
were observed on some of the mode Il dominated fractures surfaces, but matrix rollers were not seen. Mode |1 dominated
fractures generated in both the multidirectional and woven laminates were found to have one fracture surface that was resin
rich and a mating surface that was fibre rich. The former tended to contain more striations within the fibre imprints. Initial
studies of the fatigue fracture surfaces produced in the woven laminates, revealed the presence of striations in the matrix. At
the point where the warp and weft fibres overlap, resin pockets were seen formed; this is where matrix striations tend to be
observed. Preliminary experiments have also shown that R-ratio has a significant effect on the fracture processes occurring
in polymer composites. Studies are currently evaluating the effect of R-ratio on fracture morphology.

28.2 Delamination Growth in Carbon-Fibre Structural Elements under Fatigue Loading (S Singh and
E Greenhalgh, DERA Farnborough)

In this programme the fatigue behaviour of delaminations in tensile-loaded tapered structural elements was characterised
experimentally, and analytical techniques for predicting such behaviour were assessed. The programme followed on from an
earlier investigation into mixed-mode delamination growth in carbon-fibre coupons, results of which were reported at
ICAF 97.

The structural elements, manufactured from carbon-fibre/epoxy matrix (Hexcel T800/924) pre-preg, were based on tapered
ply drop-offs, as can be found at joints with stringers and at section changes. The specimens and their sub-laminates were
balanced and quasi-isotropic (for short crack lengths the taper tips were unbalanced). Some of the specimens were curved.
Delamination growth initiated from an artificial defect extending 10mm from the taper tip at 0%/0°, 0°/45° or 0°/90° strap/lap
interfaces. Although the elastic load-displacement curves had the same gradient in all specimens, significant differences both
in fatigue life and static strength were observed, depending on the interface and curvature. In 90%0° specimens, crack-plane
jumping[56] occurred immediately and the subsequent fatigue behaviour was very different from that of other specimens,
which had stacking sequences chosen to generate single-plane delamination.

Strain energy release rates for the different specimens were evaluated using finite element analysis in conjunction with the
virtual crack closure technique. The differences in the static strength were predicted using static mixed-mode (I/11) failure
criteria; these were due to differences in the stiffness and in coupling terms of the unbalanced taper tip. When the finite
element models were used to convert the load amplitudes to strain energy release rates, data obtained in this experimental
programme fitted very well to the Paris curves previously measured for coupons. This indicates that these modelling
techniques can be used in conjunction with coupon data to predict the behaviour in structural elements, when single-plane
delamination is a valid assumption. It is becoming clear, however, that single-plane delaminations in real structures often do
not remain single-plane[57,58] .

The scatter in results, the steepness of the Paris plot and the narrowness of its domain result in the model being of far less
value for composites than for metals (figure 33). Until better models are available, for components where delamination
growth over short distances could prove critical, cyclic loads should be kept below the threshold levels for delamination
growth[59], although limited smaller-scale degradation might be tolerated. The proportionately high fatigue threshold
relative to static strength (when compared with metals) provides justification for accelerated testing by load truncation
(though not by increased test frequency).

The next phase of work relating to delamination in structures will focus on developing realistic models for static failure,
accounting for crack-plane jumping and statistical variation in properties; these will later be adapted for fatigue. A separate



2/32

new research programme will look at developing a general methodology for predicting fatigue life of composites under
conditions not primarily governed by delamination growth. DERA and FFA (the Aeronautical Research Institute of Sweden)
have been sharing information and comparing results relating to delamination fatigue and may collaborate in this areain the
future.

2.8.3 Characterisation of Fatigue Crack Growth in Smart Hybrid Laminate Materials (M M Singh, J P Dakin, T
SP Austin and P J Gregson, Southampton University; P M Powell, DERA Farnbor ough)

Hybrid laminates consist of alternate aluminium aloy and polymer composite laminae. The aim of the present work is to
develop a unified model for crack growth and damage mechanisms encountered within the hybrid laminate, where fatigue
cracks initiate at through-thickness fastener holes. Of particular interest is the interaction between regions of delamination
associated with fatigue cracks and the fatigue crack growth rate. Incorporating fibre optic strain sensors into the fibre
reinforced plastic laminae allows both experimental assessment of the fatigue damage process, and may provide an
important in-situ monitoring tool in structural applications.

To minimise disruption, and hence deterioration, of the composite matrix, procedures for processing and embedding require
that the optical fibres are carefully prepared. Fibres must be stripped of UV absorbent polymer buffer prior to the laser write
process, after which a silane treatment is required to optimise the glass/epoxy interface. These techniques are already
standard procedure in the telecomms and FRP industries respectively and, with a degree of care, facilitate reliable
production of embedded sensors. Problems specific to the hybrid laminate that have been encountered include sensitivity to
embedding losses and sensor reflectivity, but both have been addressed successfully. During the present investigation[60-
63], hybrid laminate panels consisting of a single layer of unidirectional CFRP sandwiched between two layers of AA8090
have been manufactured. During the lay-up process a series of five fibre optic lines, each contained 8 in-fibre Bragg sensors
distributed non-linearly over a 20mm length, have been embedded at 5mm intervals, the first located 20mm from the centre
line of the panel. A multiplexing interrogation system has been implemented, continuously monitoring all 40 sensor
locations during fatigue loading. In conjunction with an in-situ ‘dry’ C-scan technique for monitoring delamination
development, load transfer in the fibre bridging region has been quantified. These results are being used to validate a three-
dimensional finite element model of the crack growth/delamination process which incorporates crack growth behaviour in
the skin aloy, the evolution of the delamination zone during crack growth and the load redistribution that occurs with
ongoing crack growth.

284  TheFracture Resistance of Fibre Reinforced Metal Laminates (G R Sutton, DERA Farnborough)

Research on the damage tolerance of new and novel materials has included evaluation of the fracture toughness of glass fibre
reinforced metal laminates (GLARE) in the presence of fatigue cracks. Plane stress fracture toughness tests have been
conducted on three forms of typical aerospace structural GLARE laminates in the transverse orientation, i.e. at right angles
to the design loading direction, on panels containing through-thickness cracks. Also, the effects of various amounts of
fatigue damage on fracture toughness in panels loaded longitudinally, and the effects of limited buckling, have been
evaluated.

The transverse fracture toughness properties of the GLARE materials were significantly affected by the type of aluminium
alloy/glass fibre lay-up used. For laminates with balanced glass fibre lay-ups (i.e. equal number of fibresin the longitudinal and
transverse directions), there was little effect of fibre orientation; the through-thickness-crack fracture toughness properties
were dominated by the properties of the metallic unclad 2024-T3 layers. However, the transverse fracture toughness of a
laminate with an unbalanced glass fibre lay-up was 17% less than in the longitudinal direction.

It was also shown that fatigue produced an area of delamination at the metal/prepreg interface which started to form at the
fatigue initiation site. For a wide range of fatigue stress levels, and associated delamination areas, only a relatively small
effect on the subsequent apparent fracture toughness occurred and the toughness integrity of the laminates was maintained.

Uncontrolled buckling in the region of afatigue crack for a thin laminate, with one layer of cross ply glass prepreg between
two aluminium alloy layers was shown to introduce a significant effect on toughness. Although the fatigue crack growth rate
was unaffected by an increase in buckling, the toughness was reduced by 9%; however, the laminate material till out-
performed the unclad 2024-T3.
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285 Ceramic Matrix Composite Lifing (P M Farries, M P Thomas and R Sahota, DERA Farnborough)

The high temperature strength and stability of CMCs make them serious candidates for application in future gas turbine
combustion and nozzle systems. A pacing technology, which is inhibiting application, is the lack of design data and
appropriate lifing methodologies. Work has recently been started on the mechanical characterisation and modelling of
ceramic matrix composite materials (CMCs) with the aim of formulating generic analysis and lifing methods for such
materials. Testing will be carried out under conditions relevant to application of these materials in agroengines. Low Cycle
Fatigue testing at temperatures up to 1200°C will be included in the programme, as well as tensile and creep tests.

29 FATIGUE OF JOINTSAND COMPONENTSOF COMPOSITE MATERIALS
29.1 Fatigue of Adhesively Bonded Joints (I A Ashcroft, D J Hughesand SJ Shaw, DERA Farnborough)

The aims of this work are twofold: firstly to investigate the failure mechanisms of adhesively bonded joints in fatigue, and
secondly to develop the capability to predict the performance of adhesively bonded joints in service. Most of the
experimental work has been concerned with CFRP materials bonded with epoxy adhesives, however, some work on the
joining of PEEK and GFRP has aso been undertaken. In service, environmental effects can significantly affect the
performance of bonded joints and a major part of the current work has been an examination of the effects of temperature,
humidity and pre-ageing on the fatigue performance of bonded joints. Other variables investigated include the effect of ply
lay-up with CFRP adherends, the effect of joint geometry and the use of paste adhesives instead of film to investigate cost
effective manufacture. A design methodol ogy has been created based on a stress analysis and fracture mechanics approach.
Lap-strap samples have been used to study fatigue crack initiation thresholds in unidirectional CFRP joints bonded with an
epoxy film adhesive[64,65]. Temperature had little effect on the fatigue threshold for unaged joints tested at ambient
humidity, however, there was a change in the dominant fracture path. Interlaminar failure of the composite was dominant at
low temperatures whilst cohesive failure of the adhesive dominated at higher temperatures. Specimens that were aged in a
humid environment and tested under high humidity at ambient temperatures showed little difference to those unaged.
However, ageing in a humid environment and testing at high temperatures resulted in a large reduction in the fatigue
threshold. A combination of temperature and high moisture content is therefore extremely detrimental to the fatigue
resistance of these bonded joints. This was attributed to a lowering of the glass transition temperature of the adhesive by
absorbed moisture, which meant that the test temperature was close to the reduced Tg of the adhesive. Results with a
multidirectional CFRP substrate showed similar trends, with respect to environmental performance, to the unidirectional
CFRP, but at significantly reduced threshold loads. This was consistent with both a stress analysis of the joints and
calculations of strain energy release ratesin the joints at failure.

Double lap joints with both unidirectional and multidirectional CFRP substrates bonded with an epoxy film adhesive were
tested at —50, 22 and 90°C to produce S-N curves. The fatigue thresholds were significantly lower at 90°C for both substrate
types. This difference to the behaviour of the lap-strap joints was attributed to the fact that creep of the joints was
constrained in the lap-strap joint but not in the double lap joints. The existence of creep in the double lap joints at 90°C was
confirmed by monitoring the increase in maximum displacement in fatigue at constant load amplitude. The multidirectional
adherend joints were stronger than the unidirectional joints at =50 and 22°C, which was consistent with a stress analysis of
the joints using maximum principal stress as a failure criterion. At 90°C, however, the unidirectional joints had the greater
fatigue resistance. This could also be explained with the stress analysis, as the stresses in the middle of the joint were higher
with the multidirectional adherend making it more susceptible to creep. Fracture paths in these samples were complex, but
again showed a tendency to shift from the composite at -50°C to the adhesive at 90°C. Double lap joints were also used to
construct S-N curves at room temperature, using two different MD lay-ups and a paste adhesive. One substrate type had 0°
plies at the surface, the other had 45° plies. The failure mechanisms and fatigue threshold loads were similar for both
substrate types.

Double cantilever beam specimens with unidirectional CFRP substrates bonded with an epoxy film adhesive were fatigue
tested in displacement control at —50, 22 and 90°C. Again, there was a tendency for the locus of failure to shift from the
composite at low temperatures to the adhesive at high temperatures. The static fracture energy, G, increased with increasing
temperature, as did the fatigue threshold, Gy, Thisisillustrated in figure 34. DCB specimens with CFRP substrates and an
epoxy paste adhesive were a so tested[66]. Two ply lay-ups were used to encourage failure in the composite or the adhesive.
The results showed that G, and G, were significantly greater for the adhesive than for the composite.
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Single lap joints with CFRP adherends bonded with an epoxy paste adhesive were fatigue tested in load control to construct
SN curves. In this work, it was seen that removal of the adhesive fillet drastically reduced both the static strength and
fatigue threshold, whereas reducing the bondline thickness improved both properties. Sandwich lap-shear joints were used to
investigate the effect of test environment and pre-ageing on the fatigue performance of GFRP and CFRP adherends bonded
to plasma-treated PEEK with epoxy film adhesive[67]. The results showed a deterioration in the fatigue resistance of the
joints under both hot and cold conditions, and also under high humidity.

Work in progress is focusing on pure mode Il and mixed-mode bend testing. In addition, fatigue threshold loads are being
studied on lap-strap specimens manufactured by co-bonding, where the adhesive and composite and adhesive are cured in a
single curing schedule.

29.2 Lynx Composite Tailplane Fatigue Substantiation (J Nickolls, GKN Westland HelicoptersLtd., Yeovil)

Due to the uncertain dynamic environment of helicopter tail structures, higher than anticipated loads were measured on the
original Lynx metal tailplane. Various attempts have been made to address this, including reduction in span, addition of
weights, and aerodynamic modifications. None of these have prevented limitations in the fatigue life, leading to frequent and
difficult inspections. Therefore, a replacement composite unit has been designed which can be fitted without ateration of the
surrounding aircraft structure (figure 35).

The new design consists of atapering circular spar made from 44 plies of uni-directional carbon and glass pre-preg material.
Spanwise glass and carbon plies provide the required strength and stiffness in bending, while +/-45 carbon plies satisfy the
torsional requirements. The spar is bonded into the existing root end cuff with steel shear pins included in case of bond
failure. An aluminium reinforcement is bonded inside the cuff to support the spar against local contact loads. The tailplane
skins are two plies of woven glass pre-preg, bonded to a Rohacell foam core, which isin turn bonded around the spar. There
are Stycast 2651 filled epoxy resin reinforcements top and bottom at the root end of the spar. Inboard and outboard closing
ribs, and the trailing edge Gurney flap, are also made from woven glass.

Two fatigue tests were performed, a bare spar and a tailplane assembly. A bare spar was loaded to Ultimate Static Load
prior to commencement of fatigue testing. Fatigue test loading was derived from high frequency flight loads measured on
the existing metal standard tailplane. Loading was applied offset from the spar, at the centre of pressure, via a rig fitting
clamped and pinned through a reinforced section of the spar. A single load level was applied, conservatively assuming that
the maximum values of flap and lag bending, and torsional moment, occur together and in phase. A factor of 2.08 was
included to account for strength and flight load variability. A total of 2.5x10° cycles were completed without failure or any
sign of distress in the spar. After completion of the fatigue test, a residual static test demonstrated a strength of
1.73 times composite factored Limit Load.

A tailplane assembly fatigue test was performed to confirm the strength of the skins and foam core. Fatigue test loading was
derived from flight test measurements using the new design. Loading was distributed over the tailplane lower skin via a
whiffle tree, with the jack load at the centre of pressure, aft of the spar. A single load level was applied, which included the
same 2.08 factor as the spar test and an additional 1.2 extrapolation factor. A total of 1.0x10° cycles were completed without
failure. A residua static test demonstrated a strength of 1.34 times composite factored Limit Load.

The results of the fatigue tests were analysed against flight loads, demonstrating unlimited fatigue life. Fatigue Reserve
Factors for the main components were 1.01 for the foam core, 1.11 for the spar, and 1.31 for the skins.

2.10 NON-DESTRUCTIVE EVALUATION

2.10.1 A Systematic Approach to the Selection of Economic Inspection Methods and Intervals (SH Spence, British
Aerospace MA& A, Warton)

This study addressed the factors which must be considered when selecting inspection techniques and determining the
associated inspection periods[68]. Fatigue related inspections are required when the safe life of a structure is less than the
target service life (as a result of shortcomings in design, changes in usage, etc.) or where structural integrity support by
inspection has been identified by a damage tolerance analysis. The increase in life extension programmes arising due to
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contracting defence budgets is leading to an increasing dependence on inspections. Under these circumstances the structural
integrity of afleet or individual aircraft is safeguarded by inspection for fatigue cracks.

This study[68] specifically considered the inspection and repair of fastener holes, since the majority of fatigue cracks in
airframe structures occur at such features. The inspectable crack size, inspection interval and cost are interdependent. The
smaller the crack inspected for, the longer will be the period of growth to reach a maximum acceptable size. However, the
associated preparation, inspection and down time costs will be greater. Further, for a given inspection technique, the
probability of detection will be lower for a smaller crack and the chances of afalse call are likely to be higher.

By optimising the inspection process, life-cycle cost benefits can be realised without compromising structural integrity. A
schematic approach was developed in which a balance may be struck between inspection effectiveness, required inspection
interval and the associated costs. This will enable the end users to determine the most economic maintenance programme
provided that the effectiveness of potential inspection techniques can be sufficiently quantified.

2.10.2 Eddy Current (EC) Imaging and Inversion (D J Harrison, DERA Farnborough; J Bowler, Surrey Univer sity)
A. High frequency EC inversion methods for fastener hole inspection

A theory of eddy current interaction with surface cracks in the thin-skin limit was developed using a scalar Hertz transverse
magnetic potential approach. The theory reduces the change in impedance of an EC coil due to the presence of a crack to
three components each of which can be evaluated by a single integral along the crack mouth, greatly reducing computational
time. This theory wasiinitially used to calculate the EC response from long slots, showing good agreement with experimental
data for both aluminium and mild steel.

A crucia feature required for the inspection of fastener holes is the ability to detect and measure cracks growing from
corners at the edges of the layers or possibly around the fastener countersink. The theory was first extended to calculate the
interaction with arectangular slot, again showing very good agreement for both materials. The next step was to show that the
EC interaction with slots of a much more realistic geometry than the rectangular slot could be calculated by first performing
a conformal mapping to transform the slot geometry to an equivalent rectangular domain. The transformation could be
carried out for semi-élliptical dots or for any smooth crack which can be represented sufficiently accurately by a series of
eliptical cycloids. Using these solutions for realistic crack shapes the theory was used to predict the impedance changes for
the four symmetric and asymmetric slots used in a TTCP collaborative programme, and again good agreement with
experimental data was obtained.

Following the successful development of the forward models in the thin-skin theory, the model for curved slots was used as
the basis for an inversion algorithm. The algorithm used the forward model to calculate the expected impedance changes as
the coail is scanned along the crack axis, iteratively refining the assumed crack shape to minimise the error between the
predicted impedance changes and the experimental. This was tested using data from the TTCP programme. The results
showed that the algorithm could give a good representation of the slot profiles within about 10 iterations for the semi-
elliptical slots and 35 iterations for the asymmetric ones. The accuracies obtained were within 10%, the algorithm showing a
dlight tendency to underestimate the maximum depth. The study concluded with an assessment of the application of the
method to fastener hole inspection. The thin skin model has also been used to investigate the effects on EC inspection of
current leakage across the face of apartialy closed crack.

B. Inversion methods using transient eddy currents

A method of analysing the transient eddy currents was investigated using a Green’s function formalism which would be
suitable for incorporating in an inversion algorithm. The theoretical method used for describing the transient eddy current
response to a planar crack followed the method which had been used successfully in the case of continuous excitation, by
representing the crack as a sheet of current dipoles. An initial experiment to verify the theory compared predictions of the
transient field to experimental measurements using a plate containing a rectangular slot cut into the blind side.
Measurements and calculations were performed at severa points along the length of the slot. These showed a reasonable
agreement. It was noted that the calculation is very sensitive to the distance from the surface to the nearest point on the
defect In parallel studies the theoretical modelling of transients was investigated for a range of probe types and geometries,
providing further verification of the capabilities of the forward models.
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Following the successful calculation of the transients in the forward problem, the method was incorporated into an iterative
inversion algorithm. This was tested using an aluminium specimen with an asymmetric slot cut in the blind side. The method
was shown to give a good fit to the known dot profile, however it required almost 300 iterations to achieve this. It was noted
that the algorithm was able to reproduce the slot profile most effectively where the slot approaches closest to the surface of
the conductor, requiring only 120 iterations for this. The remainder of the time was required to give a good fit to the
remainder of the slot profile.

Finally, the ability of the transient inversion scheme to represent volumetric defects such as corrosion was considered. A
volume integral formulation was presented showing how the interaction between a transient eddy current and a defect in an
unbounded medium could be calculated by a similar technique, again representing the defect by a cavity enclosed by a
surface of current dipoles.

2.10.3 Detection and Characterisation of Corrosion (E A Birt, D A Bruce, D J Harrison, L D Jones and R A Smith,
DERA Farnborough)

DERA has investigated the use of the following techniques for the detection and characterisation of corrosion:

- Conventional, single frequency eddy current methods
- Multi-frequency EC methods

- Transient EC methods

- Ultrasonic methods

DERA participated in an international comparative study of corrosion detection methods organised by TTCP. The study
involved circulation to all of the participants of three specimens from the Canadian Institute of Aerospace Research
specimen library. The specimens were sections of Boeing 737 lap joints, chosen to contain areas of suspected light, medium
and heavy corrosion. Other participating laboratories used various eddy current, ultrasonic, thermal and optical methods for
detection and quantification of the corrosion.

DERA participation included the use of each of the four above-mentioned techniques. EC and ultrasonic techniques were
able to detect and map areas of suspected corrosion, although there were some notable differences between the findings of
ultrasonic and EC methods. In particular it was found that measuring changes in the amplitude of reflected ultrasound
provided the most sensitive technique. The areas of corrosion measured from amplitude changes were consistently greater
than those observed in time of flight scans. The assignment will be concluded with a destructive examination of the panelsto
verify the results.

2104 Adhesive Bond Inspection (D A Bruce, DERA Farnborough)

There is still an urgent need for an effective technique for bond inspection due to the adoption of bonded primary structure and
repairs. The current state of the art is such that only gross faults such as disbonds can be detected with any confidence, although
ultrasonic methods can detect suspect areas which may be partially bonded. A DERA-sponsored project at Imperial College
investigating detection of environmental degradation of adhesively bonded aluminium joints suggested that environmentally
driven failure mechanisms depend on moisture penetration through free volume aong the interfaces rather than through the
adhesive as had been thought. This suggested that there may be a secondary characteristic of the interfaces, such as inadequate
penetration of the oxide layer, which might be detectable and which would give warning of poor environmenta performance. A
follow-on research project at Imperial College has investigated this effect. The results appear to show that it is not possible to
detect any precursor of the environmental damage prior to the occurrence of a disbond. Loading of the specimens to cause
failure has, however shown that cavitation occurs within the adhesive resulting in the formation of many microscopic voids
around the disbond front. These can be detected by normal incidence ultrasound at a high frequency (50MHz).

2105 Ultrasonic Array Transducers (R A Smith and SJ Willsher, DERA Farnborough)

In order to speed up the fairly laborious hand scanning currently undertaken using single transducer systems like the DERA-
developed Andscan® to characterise defects such as impact damage, the use of ultrasonic array transducers has been
investigated. Novel array transducers have been developed in partnership with Diagnostic Sonar Ltd. and Buehler Krautkramer,
specifically designed for use with scanning systems. The multiplexed active elements provide an array of overlapping square
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transducers, incorporating the multiplexing eectronics in the probe head. Trials of the array probes with the Andscan® system
have shown that it is capable of ingpecting a complete Harrier mainplane in only 6 hours.

2.10.6 NDE Rédiability and Life Management (D A Bruce, DERA Farnborough)

The use of NDE to guarantee the integrity of a structure implies a knowledge of the rdiability of the technique. Determining
Probabilities Of Detection (PODs), or any other index of NDE performance, is a costly procedure and methods which can be
used in the future to provide an inexpensive method of verifying inspection performance or a more efficient method of using the
information would be valuable. In the past, efforts to gain NDE reliability data from service experience have not been successful
possibly due to lack of data. The AGARD structures and materials panel identified this as a possible area for collaborative work.
DERA have investigated the effects of using small samples and field inspection data to predict NDE performance and
corresponding safety levels by the use of simulations. Existing methods for POD determination have been shown to suffer from
systematic errors causing overestimation of the POD for large defects. Otherwise the use of a 95% confidence limit estimate for
the POD is usualy too conservative and results in excessively pessmistic estimates for the safety level. Alternative methods of
interpretation, including a technique based on Bayesian inference which appears suitable for systematic incorporation of field
data to refine safety level estimates, were shown to have considerable potential. This was presented at a NATO RTO workshop
in 1998. The work will continue under a Canadian-led working group.

211 DESIGN DATA (A C Quilter, ESDU International plc, London)

During the period under review, ESDU International has extended and updated both the Fatigue — Endurance Data and the
Fatigue — Fracture Mechanics Series with the issue of the following Data Items.

Data ltem No. 97018 Standard fatigue loading sequences

The Item provides descriptions and analyses of three standard loading sequences for use in the fatigue assessment of aircraft
structures. The three sequences presented are TWIST (and Mini-TWIST), FALSTAFF (and ENSTAFF) and Helix/Felix. A
disk containing the loading sequences for each of the standards will be issued in due course.

Data Item No. 81031 Fatigue crack propagation rates and threshold stress intensity factor ranges for aluminium
alloy plate, extruded bar and forgings

Data Item No. 81031 was updated in 1998. The updated Item included new data for two materials, 5083 and 6061 plate, and
additional data for the 7010 alloy aready featured in the Item. The opportunity was taken to revise the text in the Item to
take account of recent developments in the field of fracture mechanics, particular attention being paid to the effect of stress
ratio on fatigue threshold.

Dataltemson CD ROM

Many of the past eighteen months have been spent converting al the Data Items in the ESDU Series to electronic format in
order that they may be issued on CD ROM. The conversion process has involved re-typing the text and re-plotting the
figures for all the Data Items; this work was completed in 1998 and both the Fatigue Series are now available on CD ROM.
The €electronic version of the Series includes comprehensive search facilities coupled with an index of all ESDU Data Items
and software. Work on providing the facility of web delivery of Data Items and softwareis currently in progress.

Current Work
Data ltem No. 97024 Derivation of endurance curves from fatiguetest data including run-outs

Work on this Data Item is very nearly complete. The Data Item will be accompanied by two versions of a Fortran computer
program; the two versions of the program are identical with the exception that one version provides graphical as well as
numerical output. The method used by the program is applicable to data for both metallic and non-metallic materials as well
as to data from tests on coupons or specimens representing structural features. The method deals with the low-cycle, high-
cycle and endurance limit regimes. The program takes account of censored data such as run-outs in a mathematically
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rigorous manner. The program also allows the user to make use of any knowledge of the expected shape of a particular curve
by alowing certain parameters to be predefined, thus constraining the shape of the curve. The program output includes the
equation of the derived curve, the coefficient of variation of the data, a measure of the goodness-of-fit of the curve to the
data, and, depending on which version of the program is used, a plot of the curve and the data.

Data ltem No. 99002 Computerised crack resistance curves

Work on this Data Item and the accompanying computer program is nearing completion. The Data Item presents a program
based on the method described in Data Item No. 85031. The program uses either data from Item No. 85031 or data provided
by the user to determine either the fatigue crack length that will cause fast fracture of a component under a given applied
stress or vice versa. The program runs as a modul e within the Microsoft Excel spreadsheet program.

Data Items Nos. 82015 and 84003 Fatigue crack propagation rate data

Data Items Nos. 82015 and 84003 which give crack propagation rate data for titanium alloys and high alloy and stainless
steels respectively are currently being updated. The updates will include the extension of the data for alloys already featured
in the Items and the addition of new data for aloys not currently featured in the Items. The opportunity will also be taken to
update the text of the Items to take account of recent developments in the field of fracture mechanics.

Cumulative damage program

Work on a Fortran program to perform cumulative damage calculations is in progress. The program will accompany Data
Item No. 95006, "Fatigue life estimation under variable amplitude loading using cumulative damage calculations'. That
Data Item presents methods of estimating the fatigue life of a component subjected to variable amplitude loading and it is
one of these methods, the rainflow method, on which the program is based.

Metallic Materials Data Handbook, ESDU 00932

Work on providing the Metallic Materials Data Handbook in the form of an electronic database is currently in progress. Two
forms of database are envisaged, one based on the Microsoft Access database package and another that will form part of the
MSC M-vision package. Both versions will include extensive search and information retrieval facilities and the latter will
allow integration with various finite element analysis packages. The completion of both versions is planned for the summer
of 1999.

212 REFERENCES

[1] P Poole, Review of agronautical fatigue investigations in the United Kingdom during the period May 1995 to April
1997, DERA/SMC/SM2/TR970108, (1997).

[2] P E Irving and R A Hudson, The contribution of health and usage monitoring systems to calculations of damage
state and future life of helicopter components under safe life and damage tolerant design, In: Exploitation of
structural loads’health data for reduced life cycle costs, RTO-MP 7 Brussels, (1998).

[3] P E Irving, J E Strutt, R A Hudson, K Allsop and M Strathern, The contribution of fatigue usage monitoring
systems to life extension in safe life and damage tolerant designs, Paper 19-1, CEAS forum on Life Extension —
Aerospace Technology Opportunities, Cambridge, Pub. RAeS, (1999).

[4] L P Pook, An alternative crack path stability factor, ECF 12-Fracture from Defects, (Eds M W Brown, E R de los
Riosand K JMiller), EMAS, pp 187-192, (1998).

[5] T Dirgantara and M H Aliabadi, A new boundary element formulation for analysis of shear deformable shells,
International Journal of Numerical Methods for Engineering (1999)

[6] PH Wen, M H Aliabadi and A Y oung, Boundary element method analysis for shear deformable shallow shells, (to
be published).



(8]

[9]

[10]

[11]

[12]

[13]

[14]

[15]

[16]

[17]

[18]

[19]

[20]

[21]

[22]

[23]

[24]

2/39

PH Wen, M H Aliabadi and A Young, Transformation of domain integrals to boundary integralsin BEM analysis
of shear deformable plate bending problems, (to appear in Journal of Computational Mechanics).

PH Wen, M H Aliabadi and A Y oung, Boundary element method analysis for stiffened shear deformable plate, (to
be published).

P Fedelinski, M H Aliabadi and D P Rooke, The Laplace transform DBEM method for mixed-mode dynamic crack
analysis, Computers and Structures, 59, pp 1021-1031, (1996).

P Fedelinski, M H Aliabadi and D P Rooke, A single region time domain BEM for dynamic crack problems, Int. J.
Solids and Structures, 32, pp 3555-3571, (1995)

P Fedelinski, M H Aliabadi and D P Rooke, Boundary element formulations for the dynamic analysis of cracked
structures, Engng Anal. Bound. Elem., 17, pp 45-56, (1996).

P H Wen, M H Aliabadi and D P Rooke, Mixed-mode weight functions in three-dimensional fracture mechanics,
Dynamic, Eng. Fracture Mechanics, 59, pp 577-587, (1997).

P H Wen, M H Aliabadi and D P Rooke, Cracks in three dimensions: A dynamic dua boundary element analysis,
Comput. Methods Appl. Mech. Engrg, 167, pp 139-151, (1988).

P H Wen, M H Aliabadi and A Young, A time-dependent formulation of dual boundary element method for 3D
dynamic crack problems, Int. J. Num. Methods for Engng., (1999).

P H Wen, M H Aliabadi and D P Rooke, Three-dimensional dynamic fracture analysis with the dual reciprocity
method in Laplace domain, Engineering Analysis with Boundary Element Method, pp 51-58, (1999).

P H Wen, M H Aliabadi and A Young, Dynamic analysis of crack problems by boundary element method, Proc.
ACME 99, pp 203-208, (1999).

R A Tomlinson and E A Patterson, Measurement of residual stress associated with fatigue cracks, Proc. SEM Conf.
On Exptl. Mech., Belluvue, Washington, USA, pp 317-326, 1997.

J D Carazo-Alvarez and E A Patterson, The application to mixed mode cracks of a genera methodology for
automated analysis of caustics, In: Experimental Mechanics, | M Allison (ed.), Balkema, Rotterdam, pp 1217-1222,
1998.

R L Burguete and E A Patterson, The effect of friction on crack propagation in dovetail fixings of compressor disc,
Proc. | Mech. E., Part C, 212, pp 171-181, 1997.

S Gungor and E A Patterson, , A photoelastic determination of stress intensity factors for corner cracks in a bolted
joint, Trans. ASME JOMAE., 119(4), pp 276-280, 1997.

JW Jobbs, E A Patterson and R L Burguete, Photoelastic analysis of crescent shaped cracks in bolts, Proc. Spring
SEM Conf. On Exptl and Appl. Mech., Houston, Texas, pp 128-131, 1998.

R A Tomlinson, A D Nurse and E A Patterson, On determining stress intensity factors for mixed mode cracks from
thermoelastic data, Fat. Fract. Engng. Sruct. And Mater ., 20(2), pp 217-226, 1997.

H Batchelor, E A Patterson and J R Yates, Detection of fatigue crack closure using thermoelastic stress analysis,
Proc. ASVIE 17" Int. OMAE Conf., 1998.

E R de los Rios, C A Rodopoulos and J R Y ates, Fatigue damage design principles of fibre-reinforced titanium
matrix composites, Fatigue in New and Ageing Aircraft (Eds. R. Cook and P. Poole) EMAS, Birmingham,
pp 1051-1062, (1997).



[25]

[26]

[27]

[28]

[29]

[30]

[31]

[32]

[33]

[34]

[35]

[36]

[37]

[38]

[39]

[40]

2/40

E R delos Rios, C A Rodopoulos and JR Y ates, Damage tolerant fatigue design in metal matrix composites, Int. J.
Fatigue, 19, 379-387, (1997).

E R delos Rios, C A Rodopoulos and J R Yates, The fatigue behaviour of metal-matrix composites under single
overloads, Fat. Fract. Engng. Mater. Struct. 21, 1503-1511, (1998).

Liwu Wei and E R de los Rios, Micro-fracture mechanics based modelling of fatigue crack growth in aluminium
aloy Al 7010-T7451 under random loading, Fracture from Defects (Eds. M W Brown, E R de los Rios K J Miller)
EMAS, Birmingham, 37-42, (1998).

C Vadllellano, A Navarro and E R de los Rios, Application of microstructural fracture mechanics to shot peened
components, Fracture from Defects (Eds. M W Brown, E R de los Rios K J Miller) EMAS, Birmingham, 145-150,
1998.

N Glinos, P G Wagstaff and R Cook, The influence of corrosion on the fatigue and fracture behaviour of 7050-T76
aluminium alloy specimens containing cold expanded holes, Proceedings of the 21% ACS congress, Melbourne,
Australia, (1998).

R Cook, N Glinos and P Wagstaff, Role of surface pitting corrosion on effectiveness of hole cold expansion, In:
Fatigue in the presence of corrosion. NATO RTO Meeting Proceedings MP-18, (1998).

A A Garcia-Granada, D J Smith and M J Pavier, A new procedure based on Sachs boring for measuring non-
axisymmetric residual stresses, Accepted for publication in Int. J. of Mechanical Sciences, (1999).

D J Smith, V Lacarac and M J Pavier, Growth of small fatigue cracks in the presence of residual stresses,
Presented at Engineering Foundation Conference, Hawaii, USA, Dec, 1998, to be published.

A A Garcia-Granada, V Lacarac, D J Smith, M J Pavier, R Cook, and P Holdway, 3D residual stresses around cold
expanded holes in a new creep resistant aluminium alloy, In: 4™ Int. Conf. on Surface Treatment, Assisi, Italy,
(September 1999).

G Bussu and P E Irving, Fatigue performance of friction stir welded 2024-T351 aluminium joints, to be Presented
at 1% International Symposium on Friction Stir Welding, California, (June 1999).

R G Buller, Investigation of helicopter loading spectra variations on fatigue crack growth in titanium and
aluminium alloys, PhD Thesis, Cranfield University, (1999).

P E Irving and R G Buller, Prediction of fatigue life under helicopter loading spectra for safe life and damage
tolerant design, In: Fatigue and fracture mechanics, 29" volume, Eds. T L Panotin and SH Sheppard, ASTM STP
1332, (1999).

R Cook, PC Wood, S Jenkins, D Matthew, P Irving, | Austen and R Buller, The development of a robust crack
growth model for rotorcraft metallic structures, In: Application of damage tolerance principles for improved
airworthiness of rotorcraft, NATO RTO Meeting Proceedings, (1999).

JBoselli, P Pitcher, P J Gregson and | Sinclair, Secondary phase distribution analysis via finite body tessellation. J.
Microscopy, in press, (1999).

J Bosdlli, P Pitcher, P J Gregson and | Sinclair, Quantitative assessment of the effects of particle distribution and
morphology on fatigue in Al-SiC, composites. Proc. ICAAG, Toyohashi, 3, pp 1927, (1998).

J Bosdlli, P Pitcher, P J Gregson and | Sinclair, Quantitative assessment of particle distribution effects on short
crack growth in SiIC, reinforced Al-alloys, Scripta. Mater ., 38, pp 839, (1998).



[41]

[42]

[43]

[44]

[45]

[46]

[47]

[48]

[49]

[50]

[51]

[52]

[53]

[54]

[55]

[56]

[57]

2/41

O Femminella, M J Starink, M Brown, |, Sinclair, C J Harris, and P A S Reed, Data preprocessing/model
initialisation in neurofuzzy modelling of structure-property relationships in Al-Zn-Mg-Cu aloys, accepted for
publication in 1.S.1.J., (1999).

Y Liu, I Sinclair, and P J Gregson, Extended slip band mixed mode fatigue crack growth in an AA8090 Al-Li aloy,
In: Engineering Against Fatigue, Rotterdam: Balkema, 381, (1998).

M D Halliday and C J Beevers, Automation of fatigue crack growth data acquisition for contained and through-
thickness cracks using eddy-current and potential difference methods, In: Automation in Fatigue and Fracture:
Testing and Analysis, ASTM STP 1231 (Edited by C Amzallag), pp 164-185, (1994).

M D Halliday, P Poole and P Bowen, In-situ SEM measurements of crack closure for small cracks in aluminium
2024-T351, Fat. Fract. Engng. Mater. Struct., 18, pp 717-729, (1995).

JZ Zhang, M D Halliday, P Poole and P Bowen, Crack closure in small fatigue cracks — a comparison of finite
element predictions with in-situ scanning electron microscope measurements, Fat. Fract. Engng. Mater. Struct., 20,
pp 1279-1293, (1997).

M D Halliday, JZ Zhang, P Poole and P Bowen, In-situ SEM observations of the contrasting effects of an overload
on small fatigue crack growth at two different load ratiosin 2024-T351, Int. J. Fatigue, 19, pp 273-282, (1997).

J Z Zhang, M D Halliday, P Bowen and P Poole, Three dimensional elastic-plastic finite element modelling of
small fatigue crack growth under a single tensile overload, Accepted for publication in Engineering Fracture
Mechanics, (1999).

M D Halliday, P Poole and P Bowen, New perspective on dip band decohesion as unifying fracture event during
fatigue crack growth in both small and long cracks, Mater. Sci. and Tech., 15, pp 382-390, (1999).

I Roungos, The effect of sequential action of corrosion and fatigue on crack initiation and propagation in 2024-T3,
Cranfield University MPhil, (1999).

E RdelosRios, M Trooll and A Levers, Improving the fatigue crack resistance of 2024-T351 aluminium aloy by
shot peening, CEAS Forum: Life Extension - Aerospace Technology Opportunities, Cambridge, UK, pp 26.1-26.8,
(23-25 March 1999).

B. Tabernig, P M Powell and R Pippan, Resistance curves for the threshold of fatigue crack propagation in particle
reinforced aluminium aloys, In: Fatigue Crack Growth Thresholds, Endurance Limits and Design, ASTM STP
1372, Edited by J.C. Newman and R.S. Piascik, American Society for Testing and Materials, West Conshohocken,
PA, (1999).

N JHide, M B Henderson, A Tucker, and P A S Reed, to appear in Proc. ICM8, British Columbia, (May 16-21,
1999).

N Salgado and M H Aliabadi, The boundary element analysis of cracked stiffened sheet, reinforced by adhesively
bonded patches, International Journal of Numerical Methods in Engineering, 42, pp 195-217 (1998).

Study of thermal acoustic fatigue in ASTOVL aircraft structures - Phase 2, BAe-WSS-RP-RES-SOR-000330.

M J Hiley, AG-20 Fractographic aspects of fatigue failure in composite materials, GARTEUR Final Report TP112,
May 1999.

S Singh and E S Greenhalgh, Micromechanisms of interlaminar fracture in carbon-epoxy composites at
multidirectional ply interfaces, Plastics, Rubber & Composites, Processing & Applications, 27, (1998).

E S Greenhalgh, and S Singh, Investigation of the failure mechanisms for delamination growth from embedded
defects, 12" International Conf. on Composite Materials (ICCM-12), Paris, France, (5-9 July 1999).



[58]

[59]

[60]

[61]

[62]

[63]

[64]

[65]

[66]

[67]

[68]

2/142

E S Greenhalgh, S Singh, and K-F Nilsson, Mechanisms and modelling of delamination growth and failure of
carbon-fibre reinforced skin-stringer panels, Symposium on Composite Sructures: Theory and Practice, ASTM
Committee D-30, Seattle, USA, (17-18 May 1999).

S Singh, and E S Greenhalgh, Interlaminar fatigue behaviour of epoxy-matrix composites: Implications for design
and certification, 8" European Conf. on Composite Materials (ECCM-8), Naples, Italy, (3-6 June 1998).

JP Dakin, T SP Austin, P J Gregson, D K Guerrier, and K J Trundle, Miniature, multiplexed fibre-grating-array
sensor for the interrogation of localised strain patterns during crack growth studies upon hybrid laminate panels,
SPIE Symposium Industrial and Environmental Monitors and Biosensors, Boston, Proc. SPIE 3541B-38, (1998).

T SPAustin, M M Singh, P J Gregson, J P Dakin, and P M Powell, Damage assessment in hybrid laminates using
an array of embedded fibre optic sensors, SPIE Symposium Industrial and Environmental Monitors and
Biosensors, Boston, Proc. SPIE 3541B-28, (1998).

T S P Austin, P J Gregson, J P Dakin, P M Powell, and M M Singh, Fatigue damage in carbon fibre reinforced
aluminium alloy laminates, 5" International Conference on Deformation and Fracture of Composites, London,
Conf. Proc. pp 191-200, (1999).

T S P Austin, M M Singh, P J Gregson, J P Dakin, and P M Powell, Numerical simulation of fatigue failure in
carbon fibre reinforced aluminium laminates, Proceedings of Computational Methods and Experimental
Measurements | X, Eds. G M Carlomagno and C A Brebbia, WIT Press, Sorrento, pp 47-56, (1999).

I A Ashcroft, D J Hughes and S J Shaw, Mixed mode fatigue testing of bonded composite joints, Structural
Adhesivesin Engineering V, Bristol, (1998).

I A Ashcroft, D J Hughes and S J Shaw, The effect of temperature on the fatigue of bonded composite joints,
Euradh 98, 4th European Conference on Adhesion, Germany, (September 1998).

I A Asheroft, D JHughes, MT06.2 Bonded Joints: Progress Report FY 98-99, AMCAPS-MC/TNM/H6/0000/13306,
(March 1999).

I A Ashcroft, R P Digby, S J Shaw, The effect of environment on the performance of bonded composite joints,
DERA/MSS1T/TR980026/1.0, Structural Materials Centre, DERA Farnborough, 1999.

S H Spence, A Systematic approach to the selection of economic inspection methods and intervals, Proceedings of
NATO R&T AVT panel Workshop, Airframe Inspection Reliability Under Field/Depot Conditions, Brussels, (May
1998).



2/43

0.8

o
o

©
'S

Cumulative probability

—4@— factor 1.2

0.2
= factor 1.0

0 10 20 30
Microdamage/sec

Figure1l Cumulativedistribution of damageratesfor control reversal
manoeuvr es with loads factorsof 1.0 and 1.2

0.80
— TDM
0.60 LTM
o DRM
—— Nishioka
= Chen
0.40

Dynamic SIF - (m)*2

0.20

0.00

-0.20 T T T T T T T T T T T

Figure2 Dynamic stressintensity factorsfor an elliptical crack



APPLIED STRESS (M Pa)

2/44

1
T

CRACK INSTABILITY
ZONE-A

T 7T 7T 71

STEADY-STATE
CRACK GROWTH
ZONE-B

1 r 1 1 1 717

~] CRACK ARREST

ZONE-C
100 T I T I T I T

0.000 0.002 0.004 0.006 0.008
CRACK LENGTH (m)

Figure 3 Fatigue damage map of MMC

Highly Distorted Zone Sze (d1/D)
13 0\H\‘l\\\\‘2\\\\‘3\\\\4"\\\\?\\\\‘6\\\\‘7\\\\‘8\\\\9

=
V]
\

t/D=100;d1=0.2d

- kt=3
A Kt=28
44— Kt=25
@ Kt=2

1.0\‘\‘\‘\‘\‘\‘\‘\‘\
0 5 10 15 20 25 30 35 40 45

Shot-peening Depth (d/D)

=
H
I

Peened Notch Fatigue Limit
Unpeened Notch Fatigue Limit

Figure 4 Effect of peening intensity and notch
geometry on endurance limit



2/45

0.5 T T T

o
o

Finite element predictions
®  Simulation of new procedure
L o Simulation of Sachs boring

-10 -

Normalised tangential residua stress, s wlSy
o
;]

15 I TR I T T I
1.0 15 2.0 25 3.0

Normalised distance from centre of hole, r/a

Figure5 Comparison of tangential residual stressdistributionsin the
vicinity of a cold worked hole.

175 ¢ .
125 F E
w  OF R
o F : :
s 5} paE
o 25F 5
8 st E
9] F 1
B -125F E
5 ars| E
E o5 |E .' <I> XRay Entrance, g=90
B E with standard
_-g 275 F } { 7 error bar
&3 F e { % S L XRay Exit, g=90
8325 F - . with standard
E : error bar
5 E . . —— FE Entrance
_425:\ Pk S I -- - FEExit
3 4 5 3 7 B

Distance from hole centre, r [mm]

Figure6 Comparison of surface tangential residual stresses obtained from
finite element analysis and X-ray measur ement



Crack growth rate , mm/cycle

Crack growth rate , mm/cycle

2/46

3.0

103 ¢
Non cold worked R=01s ,=038s,
o  Experiments
—O— Prediction
104 b g B OO
105 |
Cold worked " s s
m  Experiments .
—e— Prediction -
10-6 1 1 1 u 1 1
0.0 0.5 1.0 15 2.0 25
Surface crack length , mm
10%
R=0.7s ,=038s,
10° ¢
10°
Non cold worked Cold worked
—— Prediction ®  Experiments
O Experiments —e&— Prediction
10»7 [ 1 1 |

Figure7 Fatigue crack growth ratesfrom non-cold worked and

0.0

0.5 1.0

15

2.0 25

Surface crack length , mm

cold worked fastener holesin aluminium alloy 2650

3.0



Average surface crack length , mm

2/147

Time (x 10%, cycles

R
O
L O O
s E v O
O v O
r Od
E v
L O J
4| O
= v
r O
r v
B O v O
31 v O
: O VV OO
Y4
L - VA o OO
20 Y 00° ©
F v O
SR
g %j@ O cold worked, cw
L g g; V' cw and exposure 300h at 150°C
1 E U non-cold worked
L D O
L 0
K 20 C,R=0.1, smx=162 MPa
, ! L ! N N
0
0 5 10 15 20 25 30

35

Figure 8 Fatigue crack growth from open holesin aluminium alloy 2650

1.0000E-01
.
-
1.0000E-02 //ﬁ
A/A
1.0000E-03
1.0000E-04
® 170Mpa (Exp.)
4 150MPa (Exp.)
170MPa (Pre.)
1.0000E-05 — - 150MPa (Pre.) I
S
am
B
1.0000E-06 -
1.0000E-07

0

o 4

10 15
Crack Length (mm)

20

25

Figure9 Comparison of predicted crack growth ratewith test results



STRESS RANGE (MPa)

STRESS RANGE (MPa)

2/148

400 I N
B FSW transverse (as-welded)
350 q i
\\ A FSW longitudinal (as-welded)
300 \ % O Parent plate (LT) m
\\ \ \\
250 N
\\ \\ \Q
200
\\ N E\:h-. _
N
150 N u
\\ \A~
\'l ~ -
100 -
n
50
0
1.E+03 1.E+04 1.E+05 1.E+06 1.E+07 1.E+08
FATIGUE LIFE (cycles)
Figure 10 SN curves (R =0.1) of a parent plateand FSW
400 I N
B FSW transverse (skimmed)
350
‘{ A FSW longitudinal (skimmed)
300 \\g\ O Parent plate (LT) ]
NN
250 NG
N\
200
HA I:::-.
N SAl]
150 g
100
50
0
1.E+03 1.E+04 1.E+05 1.E+06 1.E+07 1.E+08

FATIGUE LIFE (cycles)

Figure1l SN curves (R =0.1) of parent and FSW
jointsin surface skimmed conditions



Crack Length (mm)

2/49

Closure stress/peak stress

20
wil ngeralised
105 § [ =/ / Qjenbors y/
j Wheeler /
19 7 /’
185 j // / —e—Test Data
/ —— Linear Loseq
/ —— Linear Wheeler
; // —— Linear Willenborg
18 ,’ —— Linear Generalised Willenborg
/// —— Loseq
/ — Wheell
/ / —lelziljczrg
175 ! // / — Generalised Willenborg
17
// /
165 j // //
16 # T T T T
0.0E+00 1.0E+07 2.0E+07 3.0E+07 4.0E+07 5.0E+07 6.0E+07 7.0E+07 8.0E+07
N (cycles)
Figure 12 Effect of load interaction on crack growth
predicted by various models
0.7
O Aqueous sodium chloride solution
0.6 O <& Distilled water
£ O Laboratory air
0.57
oo B
o o
1 ¢ o m]
0.4 q - o o <o
ﬁ S = a o
0.3 @@ & 0 $o o o)
02 ©
©
o
0.1 T T T
0 500 1000 1500 2000

Total surface crack length (um)

Figure 13 Alloy 7010-T 7651 — graph of closure stress/peak stress ver sus

total surface crack length for various environments



2/50

1000
O Agqueous sodium chloride solution o

900 T

800 1 < Distilled water

700 T
O Laboratory air

(m]
Gh
i
600 (]
500 A ‘ﬁ o
400 A 'ﬁj
g

o
300

Half surface cracl length (um)

200 - °

o ° 5
100 o 03080 080006 8 8 o0
o—< RN Ot 8§§8§8$&§§§ |
A A A

Cycles

Figure 14 Alloy 7010-T 7651 — graph of half surface crack length versus
cyclesfor various environments

1.2
o Crack 6 at 50 um length

1.0 < Crack 8 at 180 um length

O Crack 1 at 750 um length

Crack opening (um)

0 T T T
0 1 2 3 4

Qdistance from crack tip (Qum)

Figure15 Alloy 7010-T 7651 tested in aqueous sodium chloride solution - graph of crack
opening versus squar eroot distance behind crack tip



Crack opening/root distance from crack tip

2/51

a
03 - o
]
]
0.2 O
| e
oe < <
a 0 2024 Distilled water
01 - o O? [0 2024 Aqueous sodium chloride
. o ¢
0 7010 Distilled water
@ 7010 Aqueous sodium chloride
0 1 1 1 1 1 1
0 200 400 600 800 1000 1200 1400

Total surface crack length (um)

Figure 16 Graph of crack opening/Cdistance from crack tip versus surface
crack length for alloys 2024-T 351 and 7010-T7651 in distilled water
and aqueous sodium chloride environments

340 :

L : O Unpeened specimens
330 o A peened specimens

r L Specimens with initial cracks
320 [ ,

310

300
290
280
270

Smax MPa

260 - e O s
250

240 [ NG
2B [

DD [

210 L ool L T
10° 108

N;, cycles

Figure 17 SN curvesfor unpeened and peened specimens of 2024-T 351,
including results of specimenswith initial cracks



2/52

1E-4 —— : :
o T T
ALFSOTATS 75° ALFSOTATSL-T ALFSOTATST-L
Air10HzR=0.01  Air 10HzR=0.01 Air 10 Hz R=0.01
ALFSOTATS45° Alclad 2024 T3 T-L
Air10HzR=0.01  Air 10Hz R=0.01
1E-5
i
i
7
Wi
202413 '
D 1E6 TL
Q T
5 +
T
€ T
> N Av
o f\f/\l
®
© /\_//‘/
1E-7 I
A
7
Vi A ]
7 T A
Y
[~ALFSOTATS I\/ ‘/ /
T
1E-8 \,7 W\/ ALFSOTATS
va i T
T 1
I
|
ALFSOTATS
45°
ALFSOTATS
75°
1E-9
5 10 20 30 50
DK MPaOm

Figure 18 Effect of test orientation on fatigue crack growth ratefor ALFSOTATS



2/53

1E-4 o — T
= 1 ]
ALFSOTATST-L ALFSOTATST-L ALFSOTATST-L
Water 1HzR=0.01  3.5% NaCl 1HzR=0.01 Water 10 Hz R=0.01
ALFSOTATST-L Alclad 2024 T3T-L ALFSOTATST-L
Air 10Hz R=0.01 Air 10Hz R=0.01 -50°C 10 Hz R=0.01
1E-5 i
1 A
1 T
024 T3 W
ALFSOTATS
3.5% NaCl A |
1E-6 -
m T
o it
g 7 i 1
E P/VAr
P
k=]
s f/“/
1E-7 I
1
/ T
/A m J A
_ AT
ALFSOTATS [ WA
Water 10 Hz /\/ /j%r!v
ALFSOTATS
Air 10 Hz
1E-8 A
v ]
] AWAW
| W A
<
717
A N ALFSOTATS
Water 1 Hz
ALFSOTATS
-50°C 10 Hz
L1
1E-9
5 10 20 30 50
DK MPaOm

Figure 19 Effect of test environment on fatigue crack growth ratefor ALFSOTATS

\\
—._-~'A“~‘i._A \\ _
A ‘-\,M \\ 359 + 20% SiC
\\ 1~ ~ \\ R=-1
\ \§~ d . \
100 N N
\\ ~. N
\\ N \\
. \\ \, \\\
g TN
s N
- N
N\ NN
o \\
N
————— estimation based on R-curve \\
1 DK, / 1.12 (pa)1?
DKy, o/ 1.12 (pa) 172 \
A broken
A not broken at 10 mil. cycles \
10 [T [ TTIT0] - N
0.01 0.1 1
a, (mm)

10

Figure 20 Kitagawa-diagram (fatigue limit vs defect size) for the A359 + 20% SiC,
aluminium alloy for load ratioR = -1



2/54

140

/ NSY
PARENT/
120 /

100

—— n-set of fast fracture

WELDS|

Kr MPam™®

0 5 10 15 20 25 30 35 40 45 50

Effective crack extension mm

Figure21 Summary graph showing the effect of welding 2024-T3 by the TIG and
plasma techniques on R-curve behaviour

1.00E-02

6013-T4 Plasma Welded

— — — 6013-T4 Parent Sheet 1
1.00E-03 T——— 7

1.00E-04

RATE mml/cycle
N
[—

1.00E-05

1.00E-06

1.00E-07
1 10 100

DK MPam*?

Figure22 Comparison of fatigue crack growth rate curvesfor 6013-T4 TIG welded
and 6013-T4 parent sheet (R=0.1at 20Hz in air)



2/55

1600
— 1500 ] < ©22°C |
© h <>\\
L0 A 350°C
= : N 0450°C
ﬁ 1300 % Y @ 600°C [
& 1200 )\
© ] O-___ \)‘
& 1100 T &K
] T~ N\
€ 1000 }-o — N
I ] Ek
%000 e
= 401 . A
4 ‘D\\%
700 ——r —— ——
1000 10000 100000 1000000

Cyclesto Failure (N)

Figure 23 Effect of temperature on fatiguelifein Ti-6-4 reinforced with Sigma SM 1140+ fibres
Triangular Wave Form, R=0.1, Frequency = 0.1Hz, L oad control

Figure24 View showing Harrier empennage buffet test; tailplanein the foreground, steady load air actuator to left
and electromagnetic shaker providing dynamic excitation to right of picture



Crack length (mm)

50

45 1

40 +

35 T

30 T

25 1

20

2/56

Figure25 Export tailplanetest rig — view showing manoeuvr e actuator s

Specimen no. | Hole finish | Pitch Length at CX (mm)

6a/0 CX 2 1.7/2.06
12a/0O CX 2 0.5/0.87
13a/0 CX 2 1.56/1.46
19/0 CX 1 0.5/1.54
14/0 Plain 1 -

8/0 Plain 1

7/0 Plain 1

16/0 Plain 2

3/0 Plain 2

5000 10000 15000 20000 25000 30000

Cycles

Figure 26 Effect of cold expansion on growth of 1 and 2 pitch
lead cracksin the presence of MSD

35000

Key

6a/0 - -~

12a/O = = -

13a/0 = - -

19/0 =~ -~

14/0 =—

8/0 =——

710 =—

16/Q0  =——

30 ——




2/57

Vertical and Fore/Aft
Actuators

(0} Lateral Actuators

Dummy Tail Unit

I I

Figure27 EH101 airframe full size fatigue/damage tolerance test geometry

Initial 5mm deep corner flaw Initial fast fracture arrests
introduced at corner of top flange here after 2 000 000 cycles,

\ equivalent to 28 flight hours
—_ | —_
4 i b/ )

\ J

S

— I N N

e
<
N

Subsequent failure after 2100 cycles,
equivalent to 0.6 flight hours

EH101 centre fuselage
structure (main load
path shaded)

Figure28 EH101 full size airframe flaw tolerance test



2/58

300 7 ,-
— i
] § A 45,100 MPa
250 ¢ P ;'3&
] d Y D=6.35 mm
1 A t=1 mm
1 Y
200 1 Y
1 Y P,=300 N,
1
] '\
150 ] J
] % J
\ d
d
" \\ 7
g 10 ] Y l 7
w ] X J
] ] q f
E 50 ] 3
o ] 1
Ay
1 ]
1 by
01 Y
1 [
[ 4 FE Contact stress, |F=0%
50 ] [ °  FE Hoop stress, |IF= 0%
50 s
1 o X FE Contact stress, |F=-0.5%
R * FE Hoop stress, |F=-0.5%
100 ] 3 2 Contact stress, |F=0%
1 ; — ~ 7~ "~ Hoop Stress, |F=0%
zﬂ — °~ " Contact stress , |F=-0.5%
-150 T T T - - - - - - . — ~° ~ Hoop stress, IF=-0.5%

0 10 20 30 40 50 60 70 80 90 100 110 120 130 140 150 160 170 180
Angle (degrees)

Figure29 Comparison of analytical model with finite element results

200

180
160

\ S-N curve from notch specimen
140

120 )

Equivalent Shear Siress amplituda (MPa)

100 % o °

80 * e, .o

BRI B
60
X X
40
10000 100000 1000000 10000000
Fatigue Life

Figure 30 Prediction of fatigue lives of high load transfer joints with clearance fit bolts



2/59

7.00E+08
5.00E+08
3.00E+08

o]

O 1.00E+08 —=— ABAQUS

@ —a— Expt

o

o

-1.00E+08

0.016

-3.00E+08

-5.00E+08 -

-7.00E+08

Strain

Figure 31 Hysteresisloops produced by both the ABAQUS isotropic hardening rule and by
experiment at four hundred cycles (IM1 834 alloy)

7.00E+08

5.00E+08

—=— ABAQUS
—a— Expt

3.00E+08 -

1.00E+08 +

-1.00E+08

Stress / Pa

I 0.000
0.016

-3.00E+08

-5.00E+08 +

-7.00E+08
Strain

Figure 32 Hysteresisloops produced by both the ABAQUS combined hardening rule and by
experiment at four hundred cycles (IMI 834 alloy)



log dadN

2/60

100
101 @
—
5] [
2 °
v [ 1®
(&)
E «  0°/0° coupon data J PTee
= 102 4 o 0%/90° coupon data /'(
~ v 2024 Aluminium (Hertzberg) V/V M
Z @ 0°0° specimen / M .
% ® 0945° specimen il '. . 00
B 1ns L] O 0%90°specimen o0 g8
- 10 A 0°/90° specimen (curved) *| oo O P,
% v »® Roxy
J ° . .
c ol o Sl ’
o . KT LA
= 104 M)
E 10 T [+ ?' " 3
o o v v « P2 & ..g 8
@ T 1. * e oo e of o
g 4 IR RN
= v o e sl |
o v . ¥ KD A
10°% T * 8 S|y deed *lo
o
. RIS SR
v . AT 9
[N Fa
. o
106 -
0.01 0.1 1

relative max strain-energy-release rate, Gmax/Gstatic (coupon data)

Figure 33 Parisplotsfor delamination fatigue in CFRP coupons and structural elements

®90°C
ORT
A -50°C

-10

log G

Figure 34 The effect of temperature on the fatigue resistance of CFRP-epoxy joints



2/61

Woven Glass Top

Gurney Flap, Integral and Bottom Skins

With Top Skin
P —

Aluminium End Fitting
(Identical Geometry To
Existing Spar)

Tapered Composite Spar GlassFi brel
(Spanwise UD Glass & Carbon Endcap Fittings
and +45° Carbon)

Glass Fibre Gurney Flap

Reinforcement \

Medium Density
Rohacell Foam

Glass Fibre

Endcap Fittings

Stycast Filler
Reinforcement

Figure 35 Lynx compositetailplane assembly



31

A REVIEW OF AERONAUTICAL FATIGUE INVESTIGATIONS IN SWEDEN
DURING THE PERIOD MAY 1997 TO MAY 1999

EDITED BY ANDERS F. BLOM

The Aeronautical Research Institute of Sweden

FFA

(FFA TN 1999-44)



312

CONTENTS

31 INTRODUCTION

3.2 FATIGUE LIFE TESTING AND PREDICTION

3.21  Temperature Exposure of Shot Peened AA7010 Parts

3.2.2 Quadlification of Aerolock Rivets

3.3 JOINTS

3.3.1 Test Dataon Fatigue Initiation of Butt Joints, MSD

3.3.2  Fatigue Behaviour of Mechanical Joints

3.3.3 Experimenta Investigation of Fatigue Behaviour in Composite Bolted Joints

34 STRUCTURAL EVALUATION

34.1 SAAB 340 Full Scale Fatigue Test

3.4.2 The Saab 2000 Full Scale Fatigue Test

3.4.3 JAS39 Gripen Fatigue Testing

3.4.4 Research on High Speed Machined Aircraft Structures

35 STRESS ANALY SISAND FRACTURE MECHANICS

3.5.1 Damage Zone Model with Multiple Cohesive Zones

35.2 Fast and Reliable 3D Fracture Mechanics Analysisin an Industrial Environment

3.5.3  Probabilistic 3D Multiple-Site Fatigue Crack Growth

3.6 FATIGUE CRACK PROPAGATION AND RESIDUAL STRENGTH

3.6.1 Strip Yield Analyses of Fatigue Crack Growth in Residual Stress Fields

3.6.2 Anaysesof AGARD Small Crack Growth Test Results Based on the Post Yield Consideration

3.6.3  Stochastic Fatigue Crack Growth Analyses Based on Damage Accumulation Solution and Crack
Closure Model

3.6.4 A Novel Probabilistic Fatigue Crack Growth Solution Based on the Crack Closure Model

3.6.5 Initial Fatigue Quality

3.7 COMPOSITE MATERIALS

3.7.1 Model Loaded Delamination Cracks Studied by High Magnification Moairé Interferometry

3.7.2 Rate Dependency of out-of-plane Properties of Composites

3.7.3  BEvauation of the Mixed Mode Bending Delamination Test

3.74  Methodology to Predict Strength of Impacted Sandwich Panels

3.7.5  Studiesof Impact on Composite Structures

3.7.6  Damage Tolerance of Impacted CFRP Sandwich Panels

3.7.7 Methodology for Efficient Design of Composite Structures Exposed to Impact

3.7.8  Fatigue Delamination Growth Model for Composites

3.7.9 Load-Ratio Dependence on Fatigue Life of Composites

3.7.10 Coefficient of Friction of Composite Delamination Surfaces

3.7.11 A Numerical and Experimental Investigation of a Composite ENF-Specimen

3.7.12 Calculation of Mode-Separated Energy Release Rates during Delamination Growth

3.7.13 Interaction Between a Delamination Crack and a Matrix Crack

3.7.14 A Numerical and Experimental Investigation of Delamination Behaviour in the DCB-Specimen

3.7.15 Composite Fatigue

3.7.16 Fatigue after Impact and Bolted Joints in Fatigue

3.7.17 Certification Procedure

3.7.18 Equivalent Damage and Residual Strength for Impact Damaged Composite Structures

3.8 REFERENCES

3.9 SWEDISH ICAF-DOCUMENTS DURING MAY 1997-MAY 1999

ACKNOWLEDGEMENTS
FIGURES

g

POl ww www w

13
14
15
15

16
16
17
17

19
19
22

23
25
27

28
28
28
29
29
29
29
30
32
33
33
33
34
34
35
36
36
36
37

37

42

42
43



3/3

31 INTRODUCTION

In this paper areview is given of the work carried out in Sweden in the area of aeronautical fatigue during the period
May 1997 to April 1999. The review includes basic studies of fatigue development in metals and composites, stress
analysis and fracture mechanics, studies of crack propagation and residual strength, testing of joints and full-scale
structures, and fatigue life predictions. A reference list of relevant papers issued during the period covered by the
review isincluded. Throughout this review references are made to the earlier Swedish ICAF review, Ref. [1].

Contributions to the present review are from the following sources:

- The Aeronautical Research Institute of Sweden (FFA)
Sections 3.2,5.1,5.2,53,6.1,6.2,6.3,64,65,7.1,72,73,74,75,76,77,7.8, 7.9, 7.10,
7.11,7.12,7.13and 7.14

- The SAAB Company
Sections 2.1,2.2,3.1,4.1,4.2,43,44,7.15,7.16, 7.17 and 7.18

The Royal Ingtitute of Technology (KTH)
Section 3.3

3.2 FATIGUE LIFE TESTING AND PREDICTION
3.21 Temperature Exposure of Shot Peened AA7010 Parts

Shot peening of aluminium plate 7010-T74 is used to guarantee the fatigue properties of many critical components.
Temperature exposure of such shot peened surfaces will however impair the acquired strength due to material
relaxation and loss of residual stress. Shot peened fatigue specimens with different notch factors have been tested af-
ter temperature exposure at certain times and temperatures. After 4 hours at temperature, specimens with Kt=1.7 had
lost 15% and 35% respectively of stress at 10° cycles, compared to un-exposed specimens, see Figure 1. As-milled
specimens had less reduction for the same temperature exposure.

3.2.2 Qualification of Aerolock Rivets

To qualify new rivets, for replacement of the rivet types AF139, MS20426 and MS20470 of material 2024 used
today, fatigue tests of lap joints have been carried out. The rivets of material 2024 have to be stored refrigerated after
solution heat treatment until short before installation. In order to simplify the rivet handling, a new rivet material, the
2017ID, is to be used without in house heat treatment and does not need ice box storing. In different fatigue test
series, Aerolock rivets (designated AL90x) have shown to meet the fatigue properties achieved with the AF139DD
and MS20470DD rivets (DD for the 2024-material). The AL907ID showed to be the best of the countersunk rivets,
leading to the longest lap-joint fatigue life, both in constant amplitude and spectrum loading. The AL905ID, which
was tested to less extent, showed to give similar fatigue strength of the joints as did the AF139DD. Of protruding
head rivets, the AL906ID rivet showed to exceed the joint fatigue strength achieved with the MS20470DD rivet.

33 JOINTS
3.3.1 Test Dataon Fatigue Initiation of Butt Joints, M SD

A test programme has been performed by SAAB in the Brite-Euram collaborative project BE95-1053, "Structural
Maintenance of Ageing Aircraft”. The programme has the following main objectives:

Q To make a distinction between crack initiation and crack propagation in riveted joints of a given coupon
configuration.

Q To study the effect of pitting corrosion on fatigue in riveted joints of a given configuration and pre-corroded
on selected areas before fatigue testing.

Q To assess the damage pattern in a complex rivet configuration (several columns) by knowledge on a simple
two columns configuration when loaded under the same conditions
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Fatigue Initiation versus Crack Growth

Fatigue properties have been generated for an asymmetric two columns butt joint design, Figure 2. The testing was
performed as constant amplitude tests with the stress ratio fixed, R=0.1. The stress level S and the stop criteria for
interruption of atest setup are two commanded variables whereas the number of cycles recorded to reach the applied
stop criterion is a random variable. The parameters crack initiation period and crack propagation period have been
assessed. Crack shapes data, i.e the data before the cracks are changed to through the thickness cracks, were
assessed and crack sizes to be expected when the cracks can be detected by optical methods are discussed in
SMAAC-TR-3.2-08-1.3/SAAB, Ref. [2].

The sheet material, used in al tests, is the same as used on the fuselage skin to SAAB 340 as well as SAAB 2000
i.e. duminium 2024-T3 unclad. The surface treatment is of production standard, however, the sealants were
excluded in order to make it possible to use the High Frequency Pulsator. The fasteners are countersunk aluminium
rivets with 5/32" diameter and the rivet designation is AF138AD-5-5. The specimen design is illustrated by the
Figure 2.

For the studied configuration, with respect to design and loading, the following conclusions have been extracted

from[2]:

Q Thesplice profile design, an extrusion loaded in the transverse direction, is too weak to control fatigue problem
to the sheet material only and to prevent fatigue problem in the profile. Fatigue damages usually exist in the
sheet material and in the splice profile material. Furthermore, the tests indicates that the failure mode is a
function of the stresslevel.

Q Thetest results at the maximum stress level 100 M Pa have been described by fitting a distribution function to
the data. The statistical variable adopted is the 10-logarithm of the fatigue life T. The normal distribution
function, fully described by the two characteristic parameters mand s, was applied to the data. The mean value,
m is strongly effected by the definition of fatigue life, in terms of acceptable damages in test specimens,
whereas the standard deviation, s, is more or less uninfluenced by the definition of fatigue life.

QO When a fatigue crack become visual, i.e. can be detected by optical methods, it should be expected to read
crack sizes which are 3 mm in length, recorded from the edge of the cylindrical hole or approximately 5 mm
from the centre of the hole, Figures 3 and 4. The crack shapes are evidence for the existence of so called
"Secondary Bending". Furthermore, the amount of fretting corrosion between the sheet and the splice profile,
due to fatigue cycling, is classified as minor or not present.

Q The mean damage growth period, from a visual crack to failure of the specimen, is £10% of the mean total
period to specimen fracture.

Q The mean damage growth period, from small macro cracks to failure of the specimen, is at least 40% of the
mean total period to specimen fracture.

Pitting Corrosion Effects on Fatigue

The effect of pitting corrosion on fatigue has been studied on small butt-joint specimens which were pre-corroded on
selected areas before fatigue testing. The areas selected for exposure of corrosion media, two weeks to neutral salt
spray in accordanceto ASTM B117, are:

Q The mating flat surfaces of sheetsand splice profile.
O Therivet holes aone.

The depth of pitting was determined to be typically about 0.1 mm (100 mm). Corrosion on flat surfaces was
developed on unprotected material surfaces by exposure to the neutral salt spray prior to drilling of rivet holes.
Corrosion inside holes was developed by drilling the holes in bonding primed surfaces and exposure the material to
the corrosive environment. Edges were masked prior to exposure. The riveting, in both cases, was the final
operation. The specimen design is shown in the Fig. 5. Furthermore, the figure illustrates a typical 0.1 mm deep
pitting.
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The tested configurations are shown in Table 1.

Corrosion Prior to Fatigue Loading Surface Treatment Number of Specimen
About 0.1 mm deep pitting on mating surfaces| None 5

None None 5 (reference)

About 0.1 mm deep pitting in rivet holes. Phosphoric acid anodizing with bonding primer | 5

None Phosphoric acid anodizing with bonding primer | 5 (reference)

Table1l. Test configurations

The fatigue testing was performed in a High Frequency Pulsator with a load cell of 100 kN. The specimens were
mounted in mechanically fastened grips. When testing, the test frequency was about 70 Hz. Two stress levels were
used for each specimen configuration, the pre-corroded ones as well as the references. The fatigue testing was
performed at constant amplitude, R»0.1, and the testing was continued to final rupture of the specimens. Stress-life
distribution curves (SN-curves) has been established for each one of the tested configuration. For the studied
configurations, with respect to design and loading, the following conclusions were made in SMAAC-TR-4.2-05-
1.3/SAAB, [3]:

Q A lifereduction of 50 percent at pitting depth of typically 100 nm on mating flat surfaces of sheets and splice
profile is likely. This life reduction can not be assigned to the loss in area due to pitting corrosion alone,
Figure 6.

The effect of typically 100 mm deep pitting in the rivet holes on fatigue life is negligible, when rivets were
installed in precorroded holes which may have been affected by the subsequent riveting operation.

The mean damage growth period, from avisual crack to failure of the specimen, is not affected by the studied
pre-Corrosion processes.

Structural Size Effectson Fatigue.

Fatigue properties have been generated for an twenty column joint, Figure 7. The testing was performed as constant
amplitude tests with the stress ratio fixed, R=0.1. The stress level S was fixed at 100 MPa and the evolution of
cracks as a function of number of cycles was monitored by optical inspection. Residual strength tests was performed
on some panels when extensive cracking had developed. Crack shapes data, i.e. the data before the cracks are
changed to through the thickness cracks, are assessed and crack sizes to be expected when the cracks can be detected
by optical methods are discussed.

For the studied configuration, with respect to design and loading, the following conclusions are extracted from
SMAAC-TR-3.2-12-1.3/SAAB, Ref. [4]:

Q The splice profile design, an extrusion loaded in the transverse direction, is too weak to control fatigue
problem to the sheet material only and to prevent fatigue problem in the profile.

Strain measurements demonstrate a non-uniform distribution across the width of the specimen. Futhermore, it
is obvious that the fatigue cycling affects the virgin stress distribution.

When acrack can be detected by optical NDT it islikely to find cracks at both critical sites of the hole.

When a fatigue crack become visual, i.e. can be detected by optical methods, it should be expected to read
crack sizes which are approximately 4 mm in length, recorded from the centre of the hole, Figure 8.

At or close to the fatigue life, i.e. failure of specimen, it is likely to have fatigue cracks in practically each
hole of the fatigue critical holes.

The residual strength in presence of cracks, sheet material, have been compared to a smple net section yield
criterion for two sheets with extensive cracking, 1/3 and 1/6 of the crack free net section area. The used
criterion overestimates the residual strength.

U 00 O

3.3.2 FatigueBehaviour of Mechanical Joints

Aircraft structural joints are often the originating points of fatigue failures. Depending on the type of joint different
mechanisms may initiate fatigue cracks. Additionally, cracks often initiate and grow subsurface, in the vicinity of a
fastener installation. Hence, the fatigue behaviour of mechanically fastened joints is influenced not only by the type
of joint, but by a vast number of parameters, i.e. both configuration and installation joint parameters.

Configuration parameters such as load transfer (LT) and secondary bending (SB) in low, medium and high load
transfer joints have been identified for several joints and fatigue test results are interpreted based on these
fundamental parameters. Additionaly, installation parameters, as determined by traditional and high-performing
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fastener systems, are investigated and their influence evaluated in terms of the same fundamental parameters, i.e. LT
and SB.

EXPERIMENTAL DETAILS

Definition of Load Transfer and Secondary Bending

The load transfer is defined as the percentage of the applied load, which is transferred from one plate to the other by
means of the fasteners and friction between the plates, see Fig. 9. Joints may be divided into four groups according
to the amount of LT: no load transfer, low load transfer (0 < LT < 10%), medium load transfer (10% < LT < 40%),
and high load transfer (40% < LT < 100%).

Secondary bending is defined as the ratio of bending strain to axial strain in the section of interest. This leads to SB
being a function also of the applied load level itself. The no-SB joints are of the double shear type, while the high-
SB joints have a single shear configuration.

LT and SB measurements are performed on low- medium- and high-LT specimens instrumented with strain gauges
on both sides of the “top”-plate. All in all ten different fastener systems have been investigated and eval uated.

Test Specimens
The experimental investigation, described in Refs. [5, 6], on fatigue behaviour of mechanical joints has been carried
out on low, medium and high load transfer joints. The types of joints are described in the following.

The Double Reverse Dogbone (DRD) joint is a low-LT, medium-SB joint, representative of the lower wing skins
attached to spars, see Fig. 10. The LT is dependent on the fastener type and fit, i.e. when arigid fastener is used in
combination with interference fit installation, LT has been measured to approximately 10%. If, however, a clearance
fit fastener isused, the LT may disappear. Secondary bending measurements have been in the range of 0.1-0.25.

The 1 1/2 dogbone joint (D) is considered a standard design, originaly developed by LBF (Laboratorium fir
Betriebsfestigkeit) in Germany with the aim of simulating the load conditions of runouts of stiffeners attached to the
outer skin, see Fig. 10. The design goal for the LT was 40% and the SB was expected to be .5, making it a medium-
LT, high-SB joint. This joint is sensitive to installation parameters and LT depends on fastener fit, clamping force
and fastener flexibility. During the last 20 years, investigations indicated an LT of approximately 20-30%, Ref. [7],
which is substantially lower than anticipated. However, recent measurements and corresponding detailed evaluation
show values of LT well in agreement with the original design goal, Ref. [8].

Lap joints (L) are high-LT joints which, in their single shear configuration, are characterised also by high SB due to
the asymmetric eccentricity of the load carrying members, see Figure 2. Load transfer in the two-row joint should be
around 50% for each rivet row, but measured values give a range of +10% possibly due to asymmetric effects of the
formed and manufactured heads of countersunk (csk) fasteners, Ref. [8]. Secondary bending measurements were
found to be in the range of 1.1-1.7. However, the SB in thisjoint is critically dependent on joint geometry, number
of fastener rows and fastener characteristics as well as the use of anti-buckling devices.

Specimen Instrumentation

LT and SB are measured by use of specimens instrumented with strain gauges. This is a widely accepted practice
that is considered standard procedure as exemplified in the AGARD collaborative programme on Fatigue Rated
Fastener Systems, see Fig. 11.

For al medium- and high-L T specimens, all measurement positions are equipped with 120W general-purpose strain
gauges compensated in temperature for aluminium. The grid dimensions are 1.5 x 3 mm. The gauges have been
glued to the specimens with Micro-Measurements M-200 room temperature curing single component cement and
coated after installation with air drying polyurethane coating. All the gauges come from two batches with identical
electromechanical characteristics. Each specimen has been instrumented with gauges coming from the same batch.

Regarding the low-LT specimen, see Fig. 12, a recently developed instrumentation technique was used which
employs strip gauges, i.e. gauges consisting of a group of strain-sensitive grids mounted on the same carrier base,
next to each other and with the sensible axis lying in the same direction for all of them, Ref. [9]. If the grids are
soldered to each other in a series-type connection, a single, very wide strain gauge is obtained that has a total
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resistance equal to the sum of the single grid resistance values and the same gauge factor. This new gauge will
measure the overall strain value, or at least a value proportional to it. Hence, both data acquisition and evaluation
procedures are simplified.

Artificial Defects

The low-LT specimens exhibited fatigue crack initiation sites far away from the fastener installations, often at the
clamping area, Ref. [6]. This problem was pronounced for specimens assembled with high-performing fastener
systems. Hence, it was decided that the fatigue investigation on low-L T joints was restricted to the fatigue crack
growth process, thus omitting the initiation part.

Artificial defects were thus manufactured on both the faying surfaces of the specimen plates, see Fig. 13. The
electrically discharge machined flaw is a corner defect with a radius of 1.5 mm on both sides of the fastener hole in
the minimum net section perpendicular to the loading direction.

Fastener Systems

A fastener system includes all the fastener installation parameters that have to be determined when designing ajoint.
Thus, the type of fastener, hole geometry, amount of fastener fit, hole and faying surface quality, and clamping force
all influence and characterise the joint.

Three different main configurations of fastener systems are used in this investigation, see Fig. 14, i.e. the Lockbolt
and Hi-Lok screws, and the solid Aluminum rivet. Subgroups are formed based on fastener material, fastener fit and
fastener pre-load after installation (i.e. the amount of clamping force (CF)). The fastener fit is dependent on the
chosen fastener system. The Hi-Lok and Lockbolt systems are used with high (130 um) and medium (50 um)
interference fit, and clearance fit (30 um). All solid rivet systems are hole filling.

The manufacturers of Hi-Lok and Lockbolt fasteners guarantee a minimum fastener CF. The guaranteed magnitude
depends on fastener diameter and is, for the chosen diameter, approximately 3 kN and 4 kN, respectively, which is,
however, not a representative value of fastener CF. Experiments indicate substantially higher values. Thus, the
tested Hi-Lok systems are characterized by a CF of approximately 5 kN and the Lockbolt system by a CF of
approximately 7 kN, Ref. [8]. Further, the CF depends on the level of friction/lubrication between nut and plate as
well as between fastener threads and nut. De Magistris et a [10] found a substantially higher clamping force in Hi-
Lok systems when nut/plate and/or nut/threads were [ubricated.

The solid rivet systems are characterized by almost zero CF, i.e. CF=0.0-0.5 kN. In design and fatigue life
estimations the CF of rivet systems is usualy neglected. All fasteners are countersunk (CSK) with a nominal
diameter of approximately 5 mm. A compilation of joint configuration, fastener system, load spectrum and material
isshown in Table2.

Joint Configuration Fastener System Material L oad Spectrum
Low, medium, high LT | Ti Lockbolt, interference AA 7475-T76 FALSTAFF
Low, medium, high LT | Ti Lockbolt, high interference AA 7475-T76 FALSTAFF
Low, medium, highLT | Ti Lockbolt, clearance AA 7475-T76 FALSTAFF
Low, medium, high LT | Ti Hi-Lok, interference AA 7475-T76 FALSTAFF
Low, medium, high LT | Ti Hi-Lok, high interference AA 7475-T76 FALSTAFF
Low, medium, highLT | Ti Hi-Lok, clearance AA 7475-T76 FALSTAFF
Low, medium, high LT Steel Hi-Lok, interference AA 7475-T76 FALSTAFF
Low, medium, high LT Steel Hi-Lok, high interference AA 7475-T76 FALSTAFF
Low, medium, highLT Steel Hi-L ok, clearance AA 7475-T76 FALSTAFF
Low, medium, high LT Solid Aluminum rivet AA 7475-T76 FALSTAFF

Table2. Compilation of joint configuration, fastener system, material and load spectrum.

Flight Simulation Load History

The manoeuvre-spectrum FALSTAFF is representative for the wing root of a fighter aircraft. The sequence consists
of 200 flights with a total number of approximately 36000 peaks and throughs, with an average of 90 cycles per
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flight. Specimens tested with the FAL STAFF sequence were tested at two maximum gross stress levels equal to 150
MPaand 200 M Pa.

Fatigue Testing Equipment

All fatigue tests were performed in an MTS 320 closed-loop servo hydraulic machine with a maximum capacity of
250 kN, controlled by an MTS Electronics TeStar 11 computer. The tests were carried out in load control with
constant displacement rate giving a frequency variation between 4 Hz for high stress amplitudes to 16 Hz for low
stress amplitudes. The average test frequency was about 10 Hz. The tests were performed in laboratory air
environment at room temperature (18-21°C).

EXPERIMENTAL RESULTS

Detailed LT and SB measurements are presented in the following. Further, fatigue test results of low-, medium- and
high-L T specimens are discussed.

LT and SB measurement results

An extensive experimental characterization of different fastener systems assembled in low- medium- and high-LT
specimens was conducted by De Magistris et a [11] and Ricci Moretti et a [8] in terms of detailed LT and SB
measurements. The investigation was aimed at characterizing high-performing fastener systems in terms of
parameters as fastener fit, fastener pre-load after installation and fastener tilting stability and bending stiffness. A
traditional rivet system was used as reference.

In order to take joint shakedown processes and, in some measure, fatigue wear into consideration, measurements on
each joint configuration has been conducted at four consecutive runs with a particular load sequence inserted
between each measurement repetition. The inserted sequences are 10, 100 and 1000 cycles long, respectively.
Results from the third measurement sample (after 110 cycles) are presented in the following.

Fastener System Low-LT Medium-LT High-LT
Fastener Fit +30um | -50um | +30um | -50um +30um -50um
Ti Hi-Lok (first run) 4.2 104 30.1 37.7 62.1 63.3
Steel Hi-Lok 5.2 35.0 40.6 62.1 64.2
Ti Lockbolt 5.4 36.0 42.0 59.6 59.4
Ti Hi-Lok (second run) 3.3
Aluminum Rivet 54 35.5 60.4

Table3. LT measurements at maximum applied gross stress level (200 MPa) based on instrumented low-,
medium- and high-L T joints.

When evaluating LT in low-LT joints the total LT through both fastener rows, including possible LT through
friction, is reported. SB is reported based on the sections where LT is measured, thus a global measure of SB is
obtained for the low-LT specimen which is, however, not common practice. For the medium-LT joint all
measurements correlate to the total LT of the joint. For the high-LT joint all measurements correlate to the LT
through the first fastener row in the joint. LT results are composed in Table 3. The SB is evaluated locally at the
AGARD positions [3] for medium- and high-L T joints. SB results are composed in Table 4.

SB values are evaluated in the mid-position between the fasteners in the low-LT joint. For clearance fit this is the
position with more pronounced SB, whereas for interference fit position C, see Figure 12, is characterised by the
highest SB. The high-LT specimen is tested with anti-buckling guides affecting SB at stress levels above 70 MPa,
Ref. [8].
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Fastener System Low-LT Medium-LT High-LT
Fastener Fit +30um | -50pm | +30pum | -50pm +30um -50pum
Ti Hi-Lok (first run) 0.05 0.04 -0.24 -041 -0.39 -0.51
Steel Hi-Lok 0.06 0.05 -0.26 -041 -0.46 -0.69
Ti Lockbolt 0.08 -0.28 -0.32 -0.50 -0.51
Ti Hi-Lok (second run) 0.06
Aluminum Rivet 0.08 -0.40

Table4. SB measurements at maximum applied gross stress level (200 MPa) based on instrumented low-,
medium- and high-LT joints.

In the low-LT joint, LT is heavily dependent on fastener fit. LT increases with approximately 100%, from 5% to
10%, when going from clearance to interference fit, and with aimost 30% comparing interference fit (50pum) with
high interference fit (130um). SB, however, seem not to be particularly influenced by fastener bending stiffness,
fastener tilting stability or fastener fit. SB is consistently below 10% at maximum applied load.

The medium-L T joint exhibit a fastener fit installation influence on LT of approximately 6% at maximum applied
stress level (200MPa), irrespective of fastener type. In particular it may be noticed that although the bending
stiffness of the steel Hi-Lok fastener is aimost twice the bending stiffness of the Ti Lockbolt fastener, the higher
clamping force in the latter seems to be more important for LT. Higher fastener tilting stability leads to higher SB
and higher clamping force seems to lead to a higher SB. However, the most important installation parameter
influencing SB in medium-LT jointsis fastener fit.

In high-LT joints LT seem to be less influenced by the type of fastener system, including installation parameters as
clamping force, fastener fit, fastener bending stiffness and tilting stability. However, SB is increased consistently
when going from clearance fit to higher levels of interference fit.

Deter mination of Fastener pre-load after Installation.

High-performing fastener systems are characterised by a significant level of clamping force (CF). The CF is one of
the main installation parameters influencing the fatigue performance of ajoint. Often, the only values available for
this parameter are those from the manufacturers' specifications. In order to obtain more information on the subject
De Magistris et a [10] investigated the CF, with respect to lubrication influence, for three high-performing
fasteners. The results are shown in Table 5.

The manufacturers CF specification for the Steel and Ti Hi-Lok are close to 3 kN and for the Lockbolts
approximately 4 kN. The manufacturers guaranteed values are however minimum values and as shown, the actual
CF exceed these values by 30% to aimost 100% (L ockbolts). Previous research carried out by Ricci Moretti et a [8]
indicated CF values for similar Hi-Lok and Lockbolt fasteners (from other batches though) in the region of 5 kN and
6 kN, respectively. Thus it is assumed that the actual value of CF may vary considerably between different batches
of fasteners.

Fastener/L ubricant combinations AverageCF  (kN) Stand. Dev. CF  (kN)
Ti Lockbolt 7.7 0.2
Ti Hi-Lok 4.2 0.6
Ti Hi-Lok, grease between collar/pin 45 0.3
Ti Hi-Lok, grease between collar/plate 45 0.4
Ti Hi-Lok, grease between collar/plate/pin 4.8 0.5
Steel Hi-Lok 4.0 0.4
Steel Hi-Lok, grease between collar/pin 4.6 0.5
Steel Hi-Lok, grease between collar/plate 51 0.3
Steel Hi-Lok, grease between collar/plate/pin 4.9 0.5

Table5. CF measurement results.
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Fatigue Testing of low-, medium- and high-L T specimens.

Studies of high-performing fastener systems (threaded fasteners) and a reference system with solid rivets assembled
in low-LT joints of AA7475 material were conducted by De Magistris et al [12]. Results are shown in Figure 15.
However, this investigation was restricted to the crack growth part of the fatigue life since al specimens were
provided with initial defects. Also, Ricci Moretti et al [13] performed studies of the same high-performing fastener
systems, but assembled in medium- and high-L T joints subjected to FALSTAFF flight-simulation loading. Results
are shown in Figures 16 and 17, respectively.

Frequently the relation between log life and log stress for flight-simulations test results is assumed to be of a
Basquin type:

logN + mlog S = constant
The exponent mis called the slope factor, while it actualy is the negative inverse slope of the relation:

__ d(logN)
d(logS)

Hence, the slope factor indicates the life to be gained (or lost) if the stress level is reduced (or increased). Slope
factors are presented in Table 6 and are in the same region as found in the literature for corresponding materials and
flight-simulation loading. For single shear joints of AA7xxx material, the literature indicates for low-, medium- and
high-LT joints dlope factors of 4.3, 4.0 and 4.0 (weighted mean values), respectively. Note; the low-LT joint
exponents in this investigation only comply with the fatigue crack growth process.

Fastener System Low-LT Medium-LT High-LT

m (slopefactor) m (sl opefactor) m (slopefactor)
Ti Hi-Lok 2.8 29 2.6
Steel Hi-Lok 2.0 1.8 34
Ti Lockbolt 25 25 25
Aluminum Rivet 24 3.2

Table6. Slopefactorsfor low-, medium- and high-L T joints subjected to FALSTAFF flight-simulation
loading.

When comparing slope factors of Table 6, the fastener material seems to have significant influence on m depending
on LT level. For low- and medium-LT joints an increased bending stiffness seem to decrease the slope factor
whereas for high-L T joints the opposite holds true.

Fastener System Influence on Fatigue Life

Threaded fastener systems show significantly increased fatigue resistance compared to traditional solid rivet
systems. This is generally true independent of type of test specimen, low- medium- or high-LT joints and type of
testing procedure, fatigue life or fatigue crack growth part.

When evaluating medium-L T joints subjected to a fighter spectrum at a low gross stress level, 150 MPa, a lower
fastener tilting implies a significantly higher fatigue resistance at high interference (130pum) and at clearance (30pm)
fit. However, for interference (50pum) the opposite is valid since the fastener system with higher fastener tilting and
CF isthe best performing system which aso is true for the same fit and spectrum loading at a high gross stress level,
200 Mpa, Refs[12, 13]. In fighter aircraft production, threaded fasteners are installed with interference fit (50um).

Results of high-LT joints subjected to fighter aircraft spectrum loading at both a low gross stress level, 150 MPa,
and at a high level, 200 MPa, show the same trend as for medium-LT joints. Low fastener tilting leads to
significantly higher fatigue resistance at high interference and at clearance fit, but for interference fit (50um) higher
fastener tilting and CF promote fatigue resistance [13].
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All high-performing fastener systems show extensive oxide debris at the fracture initiation sites, implying fatigue
crack initiation due to fretting.

Fatigue Crack Initiation Characteristics

Depending on the fastener system there are several locations where fatigue cracks may initiate. For example, the
crack initiation site may occur in the minimum net section at the edge of the fastener holes in the form of a part-
elliptical corner crack, see Figure 18a. This type of crack initiation consistently corresponds to the fastener systems
with no or minor clamping force, i.e. solid rivet systems. For a fastener system with a dlightly higher clamping force
and a stiffer fastener, the crack may also initiate at the intersection of the countersunk and the hole as shown in
Figure 18b. For fastener systems with considerable clamping force, i.e. high-performing fastener systems, the
fretting mechanism is dominant and cracks always initiate at some distance away from the fastener hole, see Figure
18c.

Summary

In low-LT joints, LT is significantly dependent on fastener fit. LT increases from 5% to 10% when going from
clearance to interference fit. SB, however, seem not to be particularly influenced by fastener bending stiffness,
fastener tilting stability or fastener fit. SB (global measure) is consistently below 10% at maximum applied load.

The medium-L T joint exhibits a fastener fit installation influence on LT of approximately 6% at maximum applied
load irrespective of the type of fastener. Higher fastener tilting stability leads to higher SB and higher clamping
force seems to lead to a higher SB. However, the most important installation parameter influencing SB in medium-
LT jointsis fastener fit.

In high-LT joints, however, LT seem to be less influenced by the type of fastener system, including installation
parameters as clamping force, fastener fit, fastener bending stiffness and tilting stability. However, SB is increased
consistently when going from clearance fit to higher levels of interference fit.

Thus, the most important installation parameter influencing configuration parameters such as LT and SB seemsto be
fastener fit.

Considering the fatigue performance of structural joints, CF seems to be the most important installation parameter.
Significantly higher CF indicate an order of magnitude higher fatigue resistance compared to traditional solid rivets.
CF measurements for several different high-performing fastener systems have been conducted. Results show that the
actual value of CF exceed the guaranteed values by 30% to almost 100% (L ockbolts). However, it is assumed that
the actual value of CF may vary considerably between different batches of fasteners.

Depending on fastener system there are severa locations where fatigue cracks may initiate. Most often initiation
occur in the minimum net section at the edge of the fastener holes in a form of a part-elliptical corner crack, which
consistently corresponds to fastener systems with no or minor clamping force. For fastener systems with
considerable clamping force, i.e. high-performing fastener systems, the fretting mechanism is dominant and cracks
always initiate at some distance away from the fastener hole. Thus, in this particular case fretting cracks generally
grow in the region which is less stressed and therefore this type of joint-fastener combination obtains higher fatigue
resistance.

3.3.3 Experimental Investigation of Fatigue Behaviour in Composite Bolted Joints

Since aircraft structures are subjected to fatigue loading in service conditions fatigue behaviour of their sub
components have to be clearly understood. Two extensive experimental programs on fatigue behaviour of composite
bolted joints have been started and some obtained results are briefly summarised here, Refs[14,15].

Composite plates made of two lay-ups, quasi-isotropic (24/6-6-12) and 0°-dominated (24/16-4-4) ones, were
fastened by two, four, or six Hexagon titanium bolts in either double-lap or single-lap joint configuration, Ref. [14].
The specimens were tested in fatigue loading, R=-1. In order to analyse joint behaviour during cyclic loading,
various experimental measurements were carried out. Bolt-movement measurements were done to analyse fastener
behaviour during fatigue loading. Strain gauges were applied to measure strain and to calculate the load transfer
between different bolt rows. Relative displacement between the composite plates was measured by extensiometers
attached to the edge of the composite plates.



3/12

The fatigue results showed that the longest fatigue life was obtained for double- and single-lap joints fastened by six
bolts. The dominating joint-failure mode was bolt failure. Analysis of the fatigue results has found that there is a
linear dependence between the number of bolts and the fatigue life for those specimens which failed due to bolt
failure, see Fig.19. If the applied load per bolt is calculated the fatigue results for the different joints collapsesinto a
single fatigue curve.

The linear rule makes it possible to calculate the fatigue life for composite-structure joints with different
configurations. First the load on each bolt should be estimated from the total load applied to the joint. Then, the
joint’s fatigue life can be found from the fatigue curve in Fig. 19. The linear method works for all lay-ups aslong as
the failure mode is bolt failure. However, the thickness of the composite plates needs to be the same as in the
experiments.

Bolt-movement measurements showed that fatigue damage occurred at the bolts, such as wear particle formation,
erosion of the hole surface, reductions in prestress in the bolts. This would significantly increase movement of the
bolts, especially at the end of fatigue life, see Fig. 20. Theinitial decrease in bolt movement and grip displacement is
believed to be due to an increase in the coefficient of friction between the plates.

Another way to analyse bolt behaviour during cyclic loading is to display measured bolt movement versus applied
load loops. For instance, they indicate that the bolt movement consists of two mechanisms, bending and dliding as
shown in Fig. 21. During loading when the friction force is overcome the bolt will slide in the bolt hole. This has
been marked as st and sc in the figure. When the bolt gets in contact with the bolt hole it will begin to bend. This has
been marked as bt, and bc in the figure.

Load transfer calculations show that the different bolt rows generaly transferred the same amount of the total
applied load. Generally, the experimental program found that the detailed measurements agreed well with each other
and are consistent with the general behaviour of composite bolted joints during fatigue loading.

Another experimental program, Ref. [15], deals with fatigue of composite double-lap joints bolted by countersunk
fasteners made of composite, titanium Torque-set, and Huck-comp. The specimens were tested at R=-1 fatigue
loading and the dominant failure mode of the specimens were bolt failure. The obtained test resultsin terms of strain
versus joint fatigue lives are presented in Fig. 22 together with the fatigue life results for double-lap specimens
joined by six Hexagon bolts.

As seen the highest fatigue resistance was found for specimens joined with Huck-comp fasteners followed by those
joined with Torque-set and composite (ACF) bolts. As can be noted both Huck-comp and Hexagon fasteners have a
similar resistance to fatigue.

From bolt-movement versus applied load loops during one load cycle, it is possible to analyse different stages of
bolt behaviour under cyclic loading. In the bolt movement loop for the first load cycle, see Fig. 23, there are some
points of inflection. Initially, during loading most of the load is transferred by friction between the specimen plates.
When friction is overcome, the bolt began to transfer load which resulted in its bending, point at.

It was also found that the strain distribution in the joint is affected by the bolt presence and, in particular, by its
movement during cyclic loading. For example, if the measured strain for that strain gauge which was located
between two bolts is plotted during one cycle as shown in Fig. 24, then it is possible to observe several inflection
pointsin the loop.

The two points, at and ac, correspond to a moment when the friction force is overcome, and the bolts began to
transfer the applied load. As a result, the bolt would bend in the bolt hole. However, the bolt bending would be
restricted by the opposite hole edge, and that is why points bt and bc appear in the loop. If the results from the bolt-
movement measurements and strain gauges are compared as shown in Fig. 25 for one quarter of aload cycle, it can
be noted that the points of inflection in both curves appear almost at the same load levels.

It can be seen that while the bolt is bending (part m1-m2 in the EXT1 curve), the strain gauge shows a decrease in
strain when the applied load increases (part at1-btl in the SG3 curve), thus reflecting how the bolt presence could
affect the strain between the bolts.
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Finally, some general conclusions can be drawn from the obtained experimental results. Despite the fact, that the
bolted joints performed excellent fatigue resistance properties, especialy those which were joined by Huck-comp
fasteners, it seems that future work is needed in order to optimise the shape of countersunk fasteners. Fatigue tests of
specimens with Hexagon and metal countersunk fasteners showed that joint’s failure usually occurred after at least
two bolts had broken. Thus, it gives time for the bolt failure to be discovered before the final failure will occur.
Therefore, since a broken bolt can easily be detected by inspection and then replaced with a new one, it would seem
that bolt failure mode has to be the most preferable mode of failure in bolted connections. The observed linear
dependence between the number of fasteners and the fatigue life for specimens with different configurations has the
potential to in the future reduce the required number of fatigue tests, and thus, the total experimental expenses
associated with designing bolted joints.

34 STRUCTURAL EVALUATION
34.1  Saab 340 Full Scale Fatigue Test

General

The SAAB 340 Full Scale Fatigue test has presently been tested for 192000 simulated flights. The first 180000
flights of testing completed the fatigue phase of the test. This corresponds the to two times of the current design life
of 90000 flights. Artificial damages were embodied after the fatigue testing in order to verify the damage tolerance
characteristics of the airframe structure. This damage tolerance phase testing is ongoing and presently 12000 flights
have been simulated. The aim is to continue the damage tolerance testing up to 24000 which constitutes two times of
the longest inspection interval outlined in the Maintenance Review Report.

An interim testing of the empenage structure of the SAAB 340 Full Scale Fatigue is also ongoing in order to verify
the conseguences of implementing some cold working of specific structural elements.

Damage Tolerance phase
The damage tolerance testing is conducted to verify and correlate the damage tolerance analysis of SAAB 340 in
accordance with requirements presented in FAR/JAR 25.571

A total of 21 artificial damages were introduced before start of damage tolerance testing. The test specimen will be
subjected to fatigue testing for at least 24,000 flights. The damages can be divided into two different types:
Damages where the intention is to study the crack growth rate.
Damages in fail safe structure, where the primary load path is removed. In this case the "residual fatigue life’
of the remaining load paths, i.e. the time to initiation of secondary cracks, is of interest. The subsequent crack
growth rate of possible secondary cracks will also be studied.

The following structural parts have been furnished with artificial damages:
: Wing: lower panels, lower spar caps, front and rear spar web, wing centre splice, wing to fuselage
attachment.
Fuselage:  skin panels, skin splices, skin cut-outs
Cockpit:  pilot window posts
Stabiliser: stabiliser spar/skin, stabiliser/fuselage attachment.
Nacellee  upper longeron

The selected damages are considered to cover the relevant types of spectra, crack types and materials, in order to be
a substantiation for the complete damage tolerance analysis of the SAAB 340.

The experiences from the damage tolerance testing will be taken into consideration in the damage tolerance analysis
and the existing in service inspection program will be updated if necessary.

Cold working testing

A cold working technique is applied on the interface between the horizontal stabiliser spars and the fuselage of
SAAB 340 Full Scale Fatigue test specimen. A limited number of fastener holes are cold worked and modification
will be verified by additional fatigue testing of the horizontal stabiliser structure. The purpose of this modification is
to improve economic life of some of the components and thereby avoid future time and cost consuming repairs. A
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service bulletin is released for all SAAB 340 aircraft that calls out the implementation procedure of the cold working
as retrofit modification.

34.2 The Saab 2000 Full Scale Fatigue Test

General
For the SAAB 2000, no complete airframe will be tested due to the commonality with the SAAB 340 .

Consequently, a number of full scale component tests are used. At the present, three fatigue and subsegquent damage
tolerance tests are ongoing.

Stabiliser fatiguetest
Thistest includes the horizontal stabilisers and the attachment structure to the rear fuselage.

The fatigue phase of this test is completed comprising 150000 flights which corresponds to two times of the design
life of 75000 flights. Subsequently testing is ongoing, the damage tolerance phase is performed in order to verify
and correlate the damage tolerance analysis in accordance with the requirements in FAR/JAR 25.571.

A total number of four artificial damages have been embodied on the test specimen. The damages can be classified
into two types as follows :

Damages where the intention is to study the crack growth rate.

Damages in fail safe structure, where the primary load path is removed. In this case the "residua fatigue life”
of the remaining load paths, i.e. the time to initiation of secondary cracks, is of interest. The subsequent crack
growth rate of possible secondary cracks will also be studied.

Following structural elements of the horizontal stabiliser have been subjected to artificial cracks. This was made by
mechanical meansin terms of sawing, grinding or cutting.

Stabiliser/fuselage attachment

Study of crack growth rate for a crack in the stabiliser spar cap, from a fastener hole at the attachment to the
fuselage frame.

Rear spar web

Study of crack growth rate for a crack growing from an inspection hole.

Upper skin panel

Study of crack growth rate for a crack growing from a fastener hole towards the honey comb core.

Mid hinge

Study of crack growth rate for a crack growing from a fastener hole (LHS), study of residual fatigue life and
crack growth of possible secondary cracks after complete failure of one of two partsin the mid hinge (RHS).

The rationale for selecting the aforementioned damages is that the damages shall cover relevant types of spectra ,
crack types and materials in order to congtitute a justification of the damage tolerance analysis of the SAAB 2000
horizontal stabilisers.

At the moment, 9000 flights has been simulated with artificial cracks and the aim is to verify at least 24000 flights.
In that case, the highest inspection interval (12000 flights) is verified.

Residual strength tests are to be carried out for those damages which are considered to require substantiation of the
residua strength as aresult of complex geometry and/or loading.

Detailed visual inspections are carried out each 500 flights where length of the cracks are recorded. NDT inspections
in terms of X-ray and Eddy Current inspections are performed at each 3000 flights.

On the basis of the interim inspections up to 9000 flights, it can be concluded that the cracks in general have shown
asmall propagation.
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The experiences from the from the damage tolerance testing will be taken into consideration in the damage
tolerance analysis and the existing in service inspection program will be updated if necessary.

Wing/fuselage fatigue test
The test in question includes the centre and the rear part of the fuselage , the complete wing torque box and the rear
part of the engine nacelles.

The wing detail design is changed compared to the SAAB 340 (machined spars with integral spar caps), and the
wing/fuselage interface also. Furthermore the cabin pressurisation spectrum is more severe. The flight and landing
loads on the fuselage is al'so more severe due to the slender fuselage of SAAB 2000.

The Wing/Fuselage Fatigue test will be tested to 150000 flights of fatigue loads with a subsequent damage tolerance
testing. At the current date 110000 flights of fatigue testing have been compl eted.

Engine Mount structure fatigue test

The SAAB 2000 engine mounting structure is completely different in design compared to the SAAB 340. The
structure is basically built up by eighth steel struts attaching to the forward engine mounts to the nacelle structure.
Each of those eight strutsis redundant in terms of continuing airworthinessif a strut isfailed.

The fatigue phase of the testing is completed (verification of 150000 flights from fatigue point of view). A number
of fail safe situations with respect to the fatigue behaviour are tested in order to check the fail safe characteristics of
the trussgrid.

The damage tolerance phase with artificial crackswill be final phase of this test programme.
34.3 JAS39 Gripen Fatigue Testing

The strength verification programme with large components was completed during 1994. The only ongoing
structural tests are two full-scal e fatigue tests (single seater and twin seater).

Full scale fatigue test of the single seater

The configuration of the major fatigue test is aimost identical to that of the major static test, both with regard to the
structure and the test arrangement, see Fig. 26. The test set-up has about 90 control channels and is monitored by
acoustic emission as well as by inspection by conventional methods. The test article has about 600 strain gauges
installed and has been subjected to 16000 flh testing today (May -99). The test will continue to cover the export
version of the Gripen. So far no significant cracking has occurred. The only cracks found are a few in parts
belonging to the air brakes. These cracks were expected since they occurred also in the previous component test.
The cracking is not a flight safety issue but the parts have been redesigned in order to avoid any cracking at al
during the design life.

Full scale fatigue test of the twin seater

The configuration of the major fatigue test of the twin seater is designed to reflect the differences with the single
seater, see Fig. 27. The test object is thus a fuselage consisting of the structure between the front of the engine bay
and the radome. Attachment loads from the wings are applied via dummies. The whole test set-up has about 50
control channels and the structure is equipped with about 600 strain gauges. The test will be subjected to at least 4 x
4000 (4 x 5600 flights) of fatigue testing. Today (May -99) the test has reached 13000 flh and no cracking has yet
occurred.

34.4 Research on High Speed Machined Aircraft Structures

A research project on high speed machined aircraft structures is ongoing. High speed machining (HSM) has become
a powerful tool for cost efficient manufacturing of high performing metallic structures. Several advanced assemblies
are scheduled to be manufactured by HSM in cost reduction campaigns for the Gripen fighter.

The purpose of the project is to:

» Establish knowledge, methods, data and procedures for design, sizing and qualification of complex metallic
structures manufactured by high speed machining (HSM).

» Constitute a methodology for Process Window which treats the manufacturing process as an overall integrated
process to secure the machined parts in aspects of gauges, tolerances and allowable materia properties.
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Work is going on to:
» Explain the mechanisms which affect the fatigue strength of aluminium alloys manufactured with HSM.

» Obtain fatigue strength properties specifically related to HSM and to correlate those to manufacturing process
parameters.

» Develop methods for efficient part machining with predetermined process parameters.
* Implementation and evaluation of Process Window in a machine centre.

» Establish minimum gauges and tolerances of HSM manufactured articles.

» Develop methods and integrated procedures for fatigue and damage tolerance analysis of monolithic structures
subjected to complex loading conditions.

» Extend the range of application of current methods for stability and buckling to cover design solutions feasible in
HSM.

e Show by comparing analysis and tests that articles, utilizing HSM, are at least as durable, damage tolerant and
compression stable as conventional assemblies are, but at alower weight and produced to alower cost.

The project consists of three major work packages:

1. Methods for Effective Part Production through Process Control
2. Machining Process Parameters Impact on Material Properties
3. Stress Methods Development & Detail Analysis Procedures

35 STRESSANALYSISAND FRACTURE MECHANICS

35.1 Damage Zone Model with Multiple Cohesive Zones

A method for analysis of structures with multiple cohesive zones has been developed, Ref. [16]. The main ideaisto
split amultiple-site crack problem into a global crack free problem and a number of local problems each containing
a crack with surface loading, see Fig. 28. The different local solutions are superimposed in a way that the crack
surfaces in the global problem becomes traction free, Ref. [17].

Thetractions q(x) on the crack surfaceis related to the crack opening d (x) as,
q=F(d) )

where the functional F depends on the material and the loading condition. The condition at the zone tip (x = a) in
case of propagating damageis,

K, =K 2
where K, isthe stressintensity factor in Mode .

In order to solve the cohesive zone problem, the splitting method in Ref. [18] was modified so that the cohesive law
(1) is satisfied, in a least square sense, on al cohesive zone crack surfaces. If the cohesive law is linear, this
corresponds to solving alinear system of equations for the amplitudes of the loads applied in the local problems.

Consider, as an example a composite plate with six cylindrical holes, loaded in tension, see Fig. 29. The material in
the plate is linearly isotropic and the cohesive law corresponds to linear softening, Equations (3). As the load is
monotonically increased, the cohesive zones propagating from the hole boundaries, perpendicular to the loading
direction. The lengths of cohesive zone are determined so that the conditions (1), (2) and (3) are fulfilled.
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The first cohesive zone forms at a global strain 0.300 %. At the strain 0.356 %, the maximum load carrying capacity
of the plate is reached. The lengths of the cohesive zones at the strain 0.356 % are shown in Fig. 30. Error control
and arbitrary accurate solutions are guaranteed by employing an hp-version of the finite element method.

35.2 Fast and Reliable 3D Fracture Mechanics Analysisin an Industrial Environment

A user-friendly interface and preprocessing facilities to the splitting method, described in Section 3.5.1 in Ref. [1]
(see also Refs[18] - [22]), has been developed at SAAB and integrated in their automated design process, Ref. [23].
In the splitting method, the 3D fracture mechanics problem is splitted into a global problem where no cracks are
modelled and a number of local problems where asingle crack is modelled in detail (see Section 3.5.1).

By proper superposition of the solutions on the local domains and solutions on the global crack-free domain the
solution sought is obtained. By employing the hp-version of the finite element, a set of solutions for K, , K, and

K isobtained which converge exponentially fast to the exact mathematical solution of the problem.
The principles adopted in the SAAB development is that,

parameterized mesh-generators automatically create the local FE-meshes using only global geometry
information likeradius, crack size a, crack ellipticity c/a etc.

the global coarse mesh, without cracks, is created in the I-DEAS FE-preprocessor program

3D surfaces enclosing single cracks, needed when using the splitting scheme, are defined during the I-DEAS
sgjour in asimpleway. A program module, linked to I-DEAS, was developed for this purpose.

In summary, the SAAB user interested in solving a 3D linear elastic fracture mechanics with multiple cracks of
arbitrary number, sizes and locations, creates a coarse mesh of the global crack-free problem using I-DEAS and
simultaneously identifies the locations where cracks are located. After defining crack-sizes, the splitting scheme

implemented in the in-house FE-code STRIPE, provides a sequence of quickly converging 3D solutions for K| ,

The fatigue analysis tool developed is first to be applied to 3D crack growth studies in solid high speed machined
parts.

3.5.3 Probabilistic 3D Multiple-Site Fatigue Crack Growth

Probabilistic multiple-site fatigue crack growth in riveted jointsis treated in Ref. [18]. Multiple crack growth, where
cracks are relatively large (i.e. 1-50 mm), is focused on. A 4-row rivet butt joint with 14 rivets/row is analysed in
detail, see Fig. 31. In order to perform 3D probabilistic fatigue crack growth analysis of joints of the complexity
shown in Fig. 31, a linear structural model that provides accurate approximations for the mode | stress intensity
function K, (s) must be developed. From nonlinear analyses of the joint with damage, for a remote stress of 100
MPa, where plates and rivets are modelled as full 3D objects, it is concluded that, for a major crack of length less
than about 50 mm, a) elastoplastic effects are small, b) nonlinear effects may be approximatively accounted for by
introducing additional loads (i.e. bending moments), and c) the contact surfaces may be selected apriori, Fig. 32. The
approximations seem to result only in minor errors in the calculated stress intensity function K; (s) for the case

studied, see Fig. 33. The proposed linear structural model which is based on these assumptions is suitable for
probabilistic fatigue analysis where OQOG) fully 3D fracture mechanics solutions are needed. A mathematical
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splitting method is used to solve the fracture mechanics problems (Section 3.5.1 in Ref. [1], and Refs [18] - [21].
The splitting method gives, combined with the hp-version of the finite element method, 3D solutions which
converge exponentialy fast to the exact values of the stress intensity functions K, (s) K (s) and Ky, (s) of

interest, Refs[22, 24 and 25]. From the sequence of quickly converging solutions error control is obtained.

A benchmark problem. As a benchmark problem, consider a structural joint with 3D cracks of a characteristic
shape. Fig. 34 shows calculated stress intensity functions K (s) for different orders p in the splitting scheme. sisa

coordinate along the crack front with s=0 at the vertex on the faying surface. Results from the splitting scheme can
be compared with a nearly exact reference solution obtained by direct analysis of the complete domain with the
cracks explicitly modelled. With increasing polynomial orders p of the splitting scheme, the stress intensity
functions converge rapidly to the reference solution.

Comparison with experiments. In Fig. 35 experimentally observed, Ref. [26], crack lengths a; as function of

number of load cycles N are shown for one structural joint. In the figure, analytical results are compared with
experimental ones for the five leading cracks (all twelve cracks were considered in the fatigue analysis). In all 600
full 3D fracture mechanics solutions were calculated, using the splitting method, in this single fatigue analysis. We
see that the computational scheme described in Ref. [18] provides crack growth data, in case of multiple interacting
cracks, that are in close agreement with experimental data.

Probabilistic analysis. A total of 15000 structural joints were analysed using three different scenarios for crack
nucleation. The fatigue lifes of each of the 15000 plates were calculated explicitly. During the fatigue analyses, in all

3x10° full 3D fracture mechanics solutions were derived. Stress intensity factors needed in the cycle by cycle crack

growth analysis were obtained by interpolating between the 3x0° 3D fracture mechanics solutions. One model for
crack nucleation studied in Ref. [18] is based on the assumptions that two cracks, of lengths 1 mm, nucleate
simultaneously at one hole at a certain load cycle. Such rivet holes are assumed completely randomly located. The
probability of finding two cracks at a hole is assumed to be given by,

P(N)=k XN - 70000)

where N >70000, and k =320’ (double cracks/hole/load cycle) was estimated from experimentsin Ref. [26].

Fig. 36 shows the distribution functions F; (N) for the probability of finding the first crack of length @ (mm) ina

structural joint (Fig. 31) as function of the number of load cycles N. Results from the 5000 joints analysed are
plotted in the figure (one filled circle/case analysed). If the first crack link-up event is considered, we see, in this
type of graph, asignificant msd-effect in 15 % of the structural joints.

Consider now the number of load cycles dN needed to propagate a crack in a joint from detectable size to critical
size. Fig. 37 shows this distribution where the detectable crack size is assumed to be a; = 1 mm and the critical crack

size g = 14 mm (i.e first link-up). Two cases are plotted. In the first case, load cycles are measured from the cycle

when the first crack in the structural joint becomes 1 mm. In the second case, cycles are measured from the cycle
when the crack, that will link-up, is 1 mm. The distributions consist, roughly, of three straight line segments. The
three parts correspond to the distinct cases of having a maximum three, two or “one" clustered crack pairs (in space).

Summary

The computational method derived in Ref. [18] makes it possible to perform 3D probabilistic multiple-site fatigue
analysis of lap-splice joints of rea-life complexity. For crack lengths of 1-20 mm, good agreement with
experimental data was obtained. In an ongoing study, the splitting method is further developed to handle residual
strength problems. Probabilistic analysis, including residual strength analysis of a complete fuselage section is in
preparation.
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3.6 FATIGUE CRACK PROPAGATION AND RESIDUAL STRENGTH
3.6.1 Strip Yield Analyses of Fatigue Crack Growth in Residual Stress Fields

In Ref. [27], adifficult analysis, the fatigue crack growth in residua stress fields, has been made and corresponding
solutions have been achieved. An advanced procedure has been developed to analyse the fatigue crack growth in
residual stress fields. The method is based on an extension of the strip-yield crack closure model for part-through
crack problems. In this method, the residual stress relaxation due to both the fatigue loading and the crack growth is
considered. It has been shown that the effect of the residual stress can be reasonably analysed using fracture
mechanics methods as long as the residual stress field and its redistribution can be correctly evaluated and the
elastic-plastic crack closure analyses are performed. Several examples are provided for the constant and variable
amplitude loading conditions

The examples are based on a standard cruciform welded specimens with or without surface treatment on the
weldment. The residual stress is first measured using the X-ray diffraction method on the surface along the loading
direction away from the highest stress concentration. The residual stress measurements are shown in Fig. 38 for the
residua stressin the virgin specimens as well as after various number of fatigue cycles under the spectrum loading.
The experimental residual stress measurements indicate that the residual stress may be released after fatigue loading.
However, there is no substantial change in the residual stresses for various fatigue load cycles. The time related
release of residual stresses shows to be secondary. A comparison is made for the released residual stress field for
only one maximum load. The release of the residual stress for one load has been analytically computed according to
the initial residua stress field. The computed residual stressis shown in Fig. 38. A good agreement has been found
between the residual stress field after various fatigue loading and the residual stress after only one maximum load.
This result indicates that the release of residual stress under the fatigue loading may be well approximated using an
analytical residual stress result for only one maximum load. Such a conclusion greatly reduces the analytical
requirement to evaluate the residual stress release under the fatigue loading condition.

To verify the conclusion furthermore, neutron diffraction measurements have been made for the residual stress
inside of the specimen for the initial residual stress as well as the residual stresses after various fatigue load cycles.
The neutron diffraction measurement technique is demonstrated to be capable of detecting the whole residua stress
field inside the critical location of the specimens with good resolution for a gauge volume up to 1 cubic millimetre.
Since the neutron diffraction technique is a non-destructive method, it is therefore possible to measure the residual
stress for the same specimen before the fatigue loading, and after various number of cycles. In the through-the-
thickness direction, neutron detection results of the residual stresses for an as-welded specimen are shown in Fig. 39.

To consider adifferent initial residual stress field, a specimen with TIG dressing on the weldment is measured using
the neutron diffraction method. The specimen has a very different initial residual stress field as shown in Fig. 41.
The maximum residual stress is not located on the surface, but in about a quarter of the thickness. Fatigue cycles
seem to have less effect on the residual stress inside of the specimen due to the stress concentration there is small.
The main change of the residual stress occurs on the surface, the | eft side of the figure.

To complete the analyses of the residual stress field release, analytical residual stress fields are predicted according
to the maximum stress level in the fatigue cycles. The predictions are shown in Fig. 40 and Fig. 41 as the solid
curves. The analytical results are shown to be in reasonable agreement with the neutron diffraction measurements
after various fatigue cycles for both the as-welded state and the TIG dressed state. Such a conclusion is furthermore
verified using the neutron diffraction measurement for specimens loaded only once at the maximum stress level,
shown for examplein Fig. 41 asthe “ static” load case.

An important conclusion can therefore be made concerning the release of the residual stress field under the fatigue
loading. The release of the residual stress field is mainly due to the extreme stress levels in the fatigue loading. This
conclusion makes it possible to simplify the evaluation of the residual stress release under the fatigue loading. It is at
least acceptable to estimate the release of the residual stress field based on only the elastic plastic stress analyses for
the extreme load levels in a fatigue loading. According to this theory, the residual stress field may be stabilised after
the specimen has experienced the extreme load level. This conclusion makes is possible to analyse the fatigue crack
growth in the residual stress field according to the superposition principle.
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It is theoretically possible to analyse the fatigue crack growth in the residual stress field only when the stress-strain
response at the critical location can be identified. The stress-strain response can be divided into three different
regimes as shown in Fig. 42. The first regime is shown as the dark shaded regime within which cycle yielding
occurs. Typically this regime represents the large strain controlled deformation. In this regime, the whole material
matrix will have plastic deformation under the fatigue loading. It is the physical property of the material matrix that
determines the fatigue life. The failure occurs often with simultaneously numerous cracks in this case. No single,
dominant crack can be defined as the main failure mechanism. Therefore, the fracture mechanics based methods are
not applicable

The common case for the crack growth in the residua stress field is shown in Fig. 42 in the light shaded regime. In
this regime, the plastic yield may occur even at a low load level due to the high possible stress resulting from the
superposition of the stress caused by the load and the initial residual stress. As a result of the plastic yield, the
residual stressfield will be changed. If the load level is not extremely high, a stabilised residual stress field may be
created due to the plastic yield. A new residua stress field will be created. Together with the stress due to the load,
the stress-strain response may again behave linearly. The damage under the fatigue loading can be considered to
consist of initiation and propagation of the fatigue cracks.

For even lower load level, there will be no plastic deformation under the fatigue loading. This is the case typically
solved by the conventional fracture mechanics methods. In this case, no evaluation of the residua stress field
redistribution is needed and the fracture mechanics solution can be used directly to analyse the fatigue crack growth
problems with the implementation of the considerations for the effect of the residual stress field on the fatigue crack
growth process.

A strip yield model, or the modified Dugdale model, is extended to analyse the fatigue crack growth in the residual
stress field. The basic idea of the strip yield moddl is shown in Fig. 43. During the fatigue crack growth process, the
plastic deformation due to the stress concentration at the crack tip is approximated as pure Mode |. Analytical
solutions can be achieved according to this model for the plastic stretches ahead of the crack tip in the plastic zone.
Under a fatigue loading history, the crack is simulated to grow into its own plastic zone, and the plastic stretches are
left on the crack surface. Using numerical solutions for the boundary conditions for all the plastic stretches both in
the plastic zone and on the crack surface, an important crack growth analysis parameter, the crack opening stress can
be determined according to this model. The crack opening stress is then used according to Elber’s crack growth law
to evauate the fatigue crack growth under general loading sequences.

The strip yield model has been extended for part-through crack problems based on the experimental observation of
the similar fatigue striation patterns as shown schematically in Fig. 44. It is possible to establish a ring element
arrangement similar to the fatigue striation to approximate the plastic stretches both in the plastic zone and on the
crack surface. When a further assumption has been made that the crack front “a’ may have approximately the same
stress intensity factor as the crack front “c” for a naturally developed fatigue crack front, the weight function method
can been used to solve approximately influence functions for the strip yield solution. According to this solution, the
fatigue crack growth in the residual stress field can be analysed so long as a stabilised residual stress field can be
determined under the general fatigue loading conditions.

The analytical procedure can be illustrated for the analyses of the fatigue crack growth under spectrum loading
conditions for the cruciform specimens in both the as-welded state or the TIG dressed state. For example, linear
finite element stress analyses may be made at first to identify the critical crack initiation locations as the stress
results in Fig. 45 show for both the as-welded and TIG dressed specimen. Elastic plastic analyses may be made
according to the initial residual stress field for the maximum stress level in the fatigue spectrum to determine the
stabilised residual stress field if no experimental results are available. The crack growth can then be analysed
according to the strip yield solution for afatigue crack growing in aresidual stressfield.

To rationalise the fatigue crack growth when the residual stress field is considered, some interesting cases have been
investigated. For example for the as-welded specimens under a tensile-tensile spectrum loading, the analytical crack
growth results are compared to the test results as shown in Fig. 46. For this case, the spectrum consists of many
small cycles around the mean stress level with spike overloads seldom occuring. Two comparison analyses have
been made; one with the residual stress considered, the other with the residual stress ignored. The comparison is
shown in Fig. 46a with the test results in an SN curve. The fatigue crack growth analyses are performed using a
physical initial flaw size of 0.1mm which is an average value from the weldment at the stress concentrations.
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Reasonable agreement appears between the analytical results and the test results. An extraordinary result from the
comparison shows that there is virtually no effect of the residual stress on the fatigue lives for the range of stress
levels under consideration. It seems that the crack growth analysis can be adequately performed without considering
the effect of residual stress. A close check into the analytical results revealed the mechanism behind the
phenomenon. When the analytical crack opening stress is compared to the load spectrum as shown in Fig. 46b, it has
been found that the crack opening stress is different when the residual stress is considered. When the residua stress
is present, the crack opening stress is lower than that when the residual stress is ignored. The problem seems to be
the load spectrum. As shown in the figure, the load spectrum has its magjority of cycles concentrated around the
mean value at the half of the maximum stress level. Most of the load cycles are above the crack opening stress level
whether or not the residual stress is considered. It can be expected in this case that the crack closure analysis is not
even needed at all. A simple cycle-by-cycle damage accumulation cal culation may provide good analytical results.

The same situation exists also for the TIG dressed specimen as the comparison in Fig. 47 shows. The residual stress
has no effect on the crack growth at all even though it significantly affects the crack opening stress. The reason is
the same as for the as-welded specimens since the majority of the fatigue cycles in the spectrum are located higher
than the crack opening stress whether or not the residual stressis considered. Again, this behaviour is mainly due to
the spectrum, and the residual stress. Residual stresses induced by the welding are mainly of the tensile type at stress
concentrations. Together with the tensile load, the local stressratio is very high so that the change in the mean stress
due to the residua stress will have negligible effect on the fatigue life.

The situation becomes quite different when a different load spectrum is considered. The second load spectrum is
basically the same as the first load spectrum but with significantly reduced mean stress level. Instead of being a pure
tensile-tensile spectrum, the second spectrum is a symmetrical load sequence with a gross stress ratio of R=-1.
Again, the fatigue crack growth in the as-welded specimens is considered at first. The comparison between the test
results and the analytical results is shown in Fig. 48. For this analysis, three considerations have been made. One for
the residual stress free state, one for the initial residual stress field, and one for the stabilised residual stress-state.
The predictions show that residua stress has significant effect on the fatigue life when the spectrum has changed.
The fatigue life becomes more than an order of magnitude shorter for high stress levels. The fatigue life becomes
about two orders of magnitude shorter for low stress levels. Apparently, ignoring the effect of residual stress will
lead to a significant over estimation of fatigue lives. The comparison shows that when the stabilised residual stressis
considered, the accuracy in the fatigue life analyses can be improved.

Concerning the crack opening stress, Fig. 48b shows that when the residua stress is not considered, the highest
crack opening stress occurs. The high crack opening stress reduces significantly the crack growth driving force for
majority of load cycles, resulting in a significant increase in the analytical fatigue lives. When the residual stressis
considered, the crack opening stress is reduced due to the tensile type of residual stress. As aresult, the crack growth
driving force is increased for the fatigue cycles. Therefore, the fatigue lives are reduced.

There is a significant difference in the crack opening stress results between the considerations of the initial or the
stabilised residual stress. The difference affects only a small part of fatigue cycles. Therefore, it doesn’'t affect
significantly fatigue lives whether or not the residual stress relaxation is considered. This case may not be general
since the load spectrum doesn’t have many load cycles within the levels where the stress release shows difference.
The effect of the residual stress release may become strong when the load level is increased since more release of
theresidual stressis expected.

The behaviour is similar for the TIG dressed specimens even though the initial residua stressis quite different. The
comparison is shown in Fig. 49. In this case, the release of the residual stress doesn’'t have affect on the fatigue life
since the release occurs mainly inside of the specimens which affect the fatigue life less. In the case of the TIG
dressed specimens, the predicted fatigue lives may become more than two orders of magnitude longer if the residual
stressis not considered.

In summary, the investigation demonstrates that the crack growth in the residual stress field can be satisfactorily
solved according to the strip yield crack closure solution so along as the initial residua stress field, the stress
analyses, and the residual stress relaxation under the fatigue loading have been correctly analysed. The residual
stress may or may not have effect on the fatigue life depending on whether or not its effect on the crack opening
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stress covers the fatigue cycles in the spectrum. Without the knowledge, the fatigue lives can not be reasonably
analysed when aresidual stressfield is present in the path of the critical cracks.

3.6.2 Analysesof AGARD Small Crack Growth Test Results Based on the Post Yield Consideration

A procedure has been developed for post-yield fatigue crack growth analyses, Ref. [28]. The method is based on an
extension of the strip-yield crack closure model. This procedure accounts for the post yield effect by considering
residual stresses caused by the gross yield at the peak fatigue load. Three-dimensional weight function approach is
used to solve influence functions as well as stress intensity factors needed to solve the crack closure. It has been
shown that the method is very effective in dealing with part through fatigue crack growth problems under constant
and variable amplitude fatigue loading conditions when gross yield occurs at the stress concentration.

The stress-strain response at a stress concentration can be divided into to three cases as shown in Fig. 50, depending
on the load and the material. Under the fatigue loading, if the stress concentration under the extreme load level is
less than the yield stress of the material, the stress-strain may have a linear relation as shown in Fig. 50a. The
deformation will recover once the load is released. This is the case when most of modern fracture mechanics
methods are valid when the fatigue life and crack growth is to be analysed. When the stress concentration exceeds
the yield stress of the material, plastic yield may occur. None recoverable plastic deformation will change the linear
stress-strain response under the fatigue loading. When the range of the fatigue loading is not significant, a linear
stress-strain response may be re-established under the fatigue loading after the initial plastic deformation as shown
in Fig. 50b. When the range of fatigue loading is severe and the load may be controlled by the deformation, cyclic
plastic yield may occur as the case shown in Fig. 50c.

Most of the successful applications of fracture mechanics methods are valid only when the stress-strain response is
linear at the stress concentration as shown as case (@) in Fig. 50. When plastic yield occurs, two cases should be
separated whether or not cyclic yielding occurs. When cyclic yielding occurs at the stress concentration, the fatigue
life is no longer determined only with the initiation and the propagation of the fatigue crack. The physical matrix
property of the material may affect the fatigue life as well. Typical application is for the low cycle fatigue problems
in high temperature application. In this area different method should be used to analyse the fatigue problems.

The common post-yield fatigue problems are represented by the case as shown in Fig. 50b. In this case, the extreme
load level may create the plastic yield at the stress concentration. After the extreme load, the stress-strain response
may return to a linear relation due to both the plastic deformation and the strain hardening. No plastic yield may
occur for further fatigue cycles due to the increased yield stress from the strain hardening and the residual stress
from the plastic deformation. The fracture mechanics method may be extended to analyse this post yield crack
growth problem when the effect of the residual stress is considered, and the material parameters after the strain
hardening are used in the analyses.

The strip yield crack closure model is extended to analyse the fatigue crack growth problems in the post yield
regime. In this solution, the post yield effect is accounted for by using the residual stress caused by the grossyield as
amodification in the analyses of the fatigue crack growth problems. The crack growth in the post yield condition is
considered as the fatigue crack growth in a residual stress field caused by the yield. The solution is basically the
same as for the analysis of the crack growth in aresidual stress field.

According to the method, the AGARD small crack growth test results are analysed. The AGARD small crack tests
are performed with the specimens shown schematically in Fig. 51. The specimen has a single notch on the side of
the plate. The fatigue loading is the cyclic remote tension applied at clamping ends of the specimen. The notch has
an average stress concentration factor of 3.17.

The fatigue test results are shown in Fig. 52 as symbols for various loading conditions. For many of the test load
levels, plastic yield obviously occurred at the notch due to the high stress concentration for the alloy with a moderate
yield stress. The yield is especially severe for the spectrum loading as well as the constant amplitude loading with
rather high or rather low stress ratios.

The fatigue life has been analysed based on the strip yield model for the crack growth initiated at the metallurgical
defects. Reasonable predictions have been made for the constant amplitude loading with the stress ratio of R=0, and
for GAUSSIAN spectrum. Systematic shift can be observed between the test results and the predictions.
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For the high, tensile dominated spectrum, the predicted fatigue lives are shorter than the test lives. For the
compressive dominated loading, the predicted lives are longer than the test lives. A reasonable explanation is that
the gross yield at the notch may affect the fatigue lives. Under large tensile load, plastic deformation may be created
at the notch, resulting in a compressive residual stress field. This residual stress yield may reduce the crack growth
rate and, in turn, the fatigue life. When a large compressive load is present, tensile residual stress may be created at
the notch due to the plastic deformation. The tensile residual stress field may speed up the fatigue crack growth rate
and reduce the fatigue life.

To verify the theory, finite element model has been created and the non-linear stress analyses have been performed
for the load levels involved in the tests. Along the ligament away from the notch, the computed residual stresses are
shown in Fig.53 for various load levels. The finite element analyses show significant yield in the specimen, with the
plastic zone often larger than the radius of the notch. The residual stress is significant which can effectively affect
the fatigue lives.

When the post yield effect has been taken into account, the fatigue lives can be re-analysed. The new prediction
results are shown in Fig. 54, compared to the test results. There is a significant improvement in the prediction results
when the post yield effect is considered. The predictions agree better with the test results as shown in Fig. 54,
especialy for the spectrum loading with high peak load or the loading with load stress ratio which may lead to the
compressive yield and the tensile residual stress field.

The post yield effect may be better explained with an example for the crack opening stress compared to the loading
sequence as shown in Fig. 55 for the FALSTAFF spectrum with a peak load of 205 MPa. The plastic yield at the
peak load will lead to agross yield at the notch and create aresidual stress field. The residual stress will increase the
crack opening stress since it is the compressive. In increased crack opening stress will exclude many load cycles
from affecting the crack growth. The fatigue life is therefore prolonged.

To consider quantitatively the post yield effect, a better consideration for the distribution of the predictions and the
test results for al the cases under consideration. Such a consideration is shown in Fig. 56 for all the results as shown
in Fig. 54. To simplify the comparison, the mean fatigue lives are compared to the predictions in this figure. The
comparison is made between the post yield mechanism ignored and for the post yield considered.

When the post yield is not considered, the prediction has in average 0.7 shorter fatigue life with a larger scatter
(C.0.V of 0.6). If the “factor of two” criterion is considered between the predictions and the tests, there is only 75%
probability that the predictions may be within the factor-of-two”. However, when the post yield is considered, the
prediction becomes much closer to the test results in average, with slightly shorter life of 0.92. If the factor-of-two
criterion is considered, the prediction gives about 90% probability compared to the test results. Thisis a significant
improvement in the prediction results.

3.6.3 Stochastic Fatigue Crack Growth Analyses Based on Damage Accumulation Solution and Crack
Closure M odél

A total life probabilistic model, Ref. [29], has been developed based on both short and long crack growth data to
analyse the fatigue crack growth under general loading conditions. The analysis is based on Elber’s crack closure
model. An effective stress intensity factor is used as the major crack growth driving force in the crack growth
analyses. Statistical fatigue crack baseline data from the constant amplitude loading tests are used as a basic
governing function in the probabilistic crack growth analyses. A strip yield fatigue crack closure model is used
together with a modified Miner-Palmgren’s damage accumulation model to account for uncertainties in the non
stochastic crack growth process from the crack initiation to the final failure. In this model, effects of material
inhomogeneity, initial flaws, and variations in geometry and applied load etc., have been considered for their
individual effects. This model provides a probabilistic estimation of the fatigue crack growth for both small and
large crack sizes. Several examples have been provided to illustrate a variety of problems that the model is capable
of dealing with, and to clarify physical mechanisms behind some of the controversial experimental results.

Even for a wide range of crack growth rate data obtained from different laboratory under different stress ratios as
shown in Fig. 57a, the crack growth rate can be expressed in an intrinsic form when the Elber’s stress intensity



3/24

factor is considered, see Fig. 57b. This simplifies both the deterministic and the stochastic crack growth analyses
when the distribution of the crack growth rate can be reasonably defined, see Fig. 57b.

The problem with conventional stochastic crack growth analyses is that they are often developed based on the large
crack growth data as shown in Fig. 58a which covers only avery limited range of the crack growth rate as shown in
Fig. 58b. This leads to a great concern about the capability when these methods are intended to be used for the total
crack growth analyses which covers the crack growth stage from the small crack to large crack.

Typical small crack growth test results are shown in Fig. 59. The crack growth shows larger scatter especially when
the crack size is small. In the small crack growth stage, the crack growth is affected by the size of initial cracks as
well as the small crack growth behaviour. Obviously, the stationary stochastic solutions based on the large crack
growth test can not be applied for the small crack growth problems not only due the scatter, but also due to the crack
growth rate range which is much lower than that for the large crack growth tests.

It seems necessary to characterise the whole range of probabilistic crack growth rate as shown Fig. 60 with large
scatter assumed in the low crack growth rate regime. A simplification can be made when the intrinsic crack growth
rate is considered as shown in Fig. 60 for the crack growth rate to be approximated piece-wise linearly according to
the crack growth rate regime. A intrinsic presentation of the crack growth can be used as shown in Fig. 60b so that
stochastic solutions may be considered for different regimes when the total fatigue life is considered. In this way,
solutions for the long cracks can still be used when the crack growth rateis high.

When the intrinsic crack growth analyses are considered, the crack growth is due to the effective part of the load
cycle, see the schematic as shown in Fig. 61. Under a spectrum loading condition, it is now possible to analyse the
crack closure based on the strip yield model so that the range of effective load cycles can be trandated into the range
of effective stress intensity factor. By grouping the effective range of the stress intensity factor, numbers of cycles
located in each intrinsic crack growth regime as shown in Fig. 60 can be determined. Therefore, stochastic solutions
may be found based on the intrinsic consideration of the crack growth process.

A simplified model is established according to the schematic as shown in Fig. 62 according to the crack closure
analyses and an extension of Miner-Palmgren’s damage accumulation model. In this model, a deterministic crack
closure analysis is performed for a deterministic load spectrum. Load cycles for each crack growth rate regime are
computed as individual damage parameters. The cycles in each regime are used as a base to analyse the stochastic
crack growth in each regime. If a spectrum has more effective cycles near the threshold, the fatigue life may have
larger scatter. Otherwise, the crack growth may have similar feature as for the large crack case.

When the stochastic crack growth process has been solved, the effect of the initial flaws can be solved according to
the model as shown in Fig. 63 by an integral. In this solution, the fatigue life may be determined with the small and
large crack growth for the crack initiated at the physical initial flaws. In this solution, the crack nucleation stage is
omitted since there is avery high probability that the initial flaw may be present in the engineering structure.

A comparison is shown in Fig. 64 between the analytical results and the test results in the scatter in the fatigue life
for awide range of load levels and spectrum for a crack initiated at a stress concentration. Two results are presented;
one is with only the stochastic crack growth being considered, the other is with the effect of initial flaw distribution
being considered. For the total life analyses, it has been shown that both the scatter in the initial flaws and in the
crack growth process should be considered in order to achieve reasonable estimation of the scatter in the fatigue life.
The simplified model seems to be capable of dealing with major feature in the stochastic crack growth process.

Together with a generalised solution for mechanical joints as shown in Fig. 65, scatter in the fatigue life may be
analysed using an equivalent load, secondary bending, and the load transfer condition for the verification of the
stochastic crack growth solution.

One case has been analysed for the fatigue live of the rivet hole specimens. Two cases have been considered; one
with the rivet hole filled with a rivet, but there is no load transfer occurring through the rivet, the other with about
15% load transfer through the rivet. The stochastic crack growth model is used to analyse scatters in the fatigue lives
for both cases. The comparison between predictions and the test resultsis shown in Fig. 66. There is alarger scatter
in the crack growth for the specimens with load transfer for al the load cycle range. According to the analytical
model, it has been found that the geometrical inconsistency has a significant effect on the scatter in the crack growth
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process when load transfer occurs at the rivet hole. This solution seems to be reasonable since when load transfer
occurs, the production inconsistency in the rivets affects more significantly stresses at the hole so that the fatigue life
may be affected more significantly.

A significant outcome of the present solution is for the analysis of the scatter in the fatigue life when different
loading conditions are involved. Fig. 67 shows an example for the test panel when two different fatigue sequences
are used. In the tests, it has been found that the scatter in the fatigue lives becomes increasingly large when the
fatigue life becomes longer (the low load level). The same trend is not observed when the same test items are
subjected to variable amplitude loading conditions. The scatter in the fatigue lives seems to be “stabilised” under a
variable amplitude loading condition. The behaviour is well accounted for using the present solution for the scatter
in the fatigue lives as the comparison in Fig. 67 shows. The basic mechanism behind the test behaviour depends on
the crack growth behaviour. For the constant amplitude loading, every load cycle will contribute to the crack growth
process. When the fatigue life is long, the crack growth may be concentrated at the low end of the crack growth rate.
According to the crack growth model, the low end of the crack growth rate will exhibit highest scatter in the crack
growth rate and in turn, the greater scatter in the fatigue life. The scatter in the fatigue life may become infinite
somewhere below the threshold.

The same mechanism applies to the crack growth under the variable amplitude loading. The difference is that under
a variable amplitude loading condition, not every load cycle contributes to the crack growth process. Under a
spectrum loading, some load cycles may be below the crack opening stress as shown in the schematics as shown in
Fig. 61, they contribute to neither the crack growth or the scatter in the fatigue life. The longer the fatigue life
becomes, the more the load cycles may be below the crack opening level. Even though the crack growth driving
force for the remaining load cycles may be low and has larger scatter. The average effect may become constant so
that the scatter in the fatigue life may not be dramatically changed. When such a mechanism is considered, even the
simplified model yields a reasonable prediction for the scatter in the fatigue lives as the comparison in Fig. 67
shows.

3.6.4 A Novel Probabilistic Fatigue Crack Growth Solution based on the Crack Closure M odel

The damage tolerance method requires assumption of cracks pre-existing at the highest stress concentrations in
critical airframe structural details. The subsequent fatigue crack propagation should cover at least twice of the target
life before failure occurs. If the crack propagation can not meet the requirement, an inspection of crack should be
arranged at half of the fatigue life to prevent catastrophic failure. Fatigue tests from coupons up to the whole frame
should be performed to complement the damage tolerance analyses. In spite of this, the damage tolerance method
can till not guarantee an economical airframe life due to uncertainties in the initial fatigue quality, the materias, the
usage, and the maintenance. Probabilistic analyses are needed to cover major sources of uncertainties. In Ref. [30], a
procedure is presented based on a novel probabilistic fracture mechanics solution for analyses of the fatigue crack
propagation. A practical example is used in the discussions to illustrate the procedure and to address important
issues when uncertainties are involved. Compared to the deterministic damage tolerance method, it is shown that
different consequences may appear in the analytical fatigue lives based on probabilistic considerations.

As an extension to the stochastic crack growth analysis model presented in Ref. [29], further development is made.
The basic model is to create a stochastic solution for the crack growth process for spectrum loading involving the
crack growth under both the small and large crack condition which is determined from the applied load as well as
the spectrum as shown in Fig. 68a. The fatigue life is solved conditional to the initial flaw distribution in an integral
as shown in Fig. 68b. This solution includes the non-stationary stochastic crack growth under the variable loading
condition which is also affected by uncertainties in the geometry and the fatigue loading condition.

When the stochastic crack growth is determined, it is possible to investigate much more realistic scenarios in the
management of fatigue problems, for example, when inspection and restoration are involved. For a structural detail
in service, inspections may be performed. Repair may be made when crack damage has been detected. During the
life span of a structure, more than one repair and inspection may be made for the critical details or the similar details
in alarge group of products, the fleet of atype of aircraft. Consideration should be made as shown in Fig. 69.

After aproduct has been put into use, inspection intervals should be determined for the critical details to prevent the
failure. It is necessary to determine ainspection interval so that the safety of the structure is not compromised and in
the same time, there is good probability that cracks may be discovered according to the inspection method. When
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the inspections have been performed and the detected damage has been repaired, the safety of the structure should be
re-analysed and the next inspection interval should be determined. These analyses are possible when acceptable
crack growth analyses can be made.

One example is used to illustrate the solution. The example is for a forward fin attachment in a production
aeroplane. The configuration is shown in Fig. 70. Fatigue test has been performed before to identify critical area and
determine fatigue life for thisitem. A symmetrical fatigue load sequence is used in the fatigue test as shown in Fig.
71a. The most critical location found for thisitem is at the “leg” with a tested corner fatigue crack as shown in Fig.
70.

Fatigue crack growth has been analysed according to the stress results from the finite element analyses. The
analytical results agree reasonably well with the test results as shown in Fig. 71b, indicating that the analytical
method may be used for areliable probabilistic analysis of the crack growth problem.

To simplify the fatigue life analysis, failure of the attachment is assumed when the crack begins to cross the
thickness of the plate. Thisis used as criterion for the probability of failure (POF). According to this criterion, POF
is computed based on the fatigue crack growth analyses. The analytical results are shown in Fig. 72a. Three results
are presented in the POF results based on the order statistics consideration, representing POF for afleet of 1, 10, and
100 aeroplanes. The computed POF is for the leading crack in the whole fleet. The results shows that POF is very
high especially for the large fleet size, indicating at least reasonable inspection should be made before catastrophic
failure. One inspection method is considered for a inspection threshold of a(20/95)=20 mm. This method is similar
to the eddy current method.

A very high probability of detecting crack (PODC) can be found especially for the leading crack. It is meaningful to
make inspection to detect the fatigue crack and implement repairs to keep the reliability acceptable. Solutions are
developed to determine the inspection interval and re-evaluate the reliability when the effect of inspection and repair
is considered.

Prediction examples are shown in Fig. 72. The first inspection procedure is based on the deterministic consideration
based on the test results as shown in Fig. 71b. The fatigue test shows a fatigue life around twice of the design target.
It may be assumed to be conservative to make inspection interval about one fourth of the test fatigue life, the half of
the design life. Thisinspection procedure seems to provide a safety factor of four compared to the test results.

Thereis only one item being tested. The production uncertainty as well as the load uncertainty is not included. When
these effects are considered, the POF can be analysed together with the consideration for the material inhomogeneity
and theinitial flaw distribution. The predicted results are shown in Fig. 73a as the symbol line. The prediction shows
that there is a very high POF at the end of the first design life, more than 13% of POF. The first inspection has
virtually no effect on POF. The prediction gives a different picture than what can be estimated from only the fatigue
test.

If the inspection interval is further reduced to a quarter of the design life, POF can be reduced as the prediction in
Fig. 73. The prediction shows that POF increases with the increase of the inspection before it is stabilised. The first
inspection still has no effect on POF, perhaps due to the inspection threshold. The increased POF in the first several
inspections is mainly due to the effect of missing the crack in the inspections. At the time of the inspection, the crack
may have considerable size. If the crack has been missed in the inspection, it will lead to a higher POF at the next
time of inspection. The sequence is stabilised only when significant inspection and repair have taken their effect.

The inspection procedure can be arranged according to another consideration, the variable inspection interval.
According to the crack growth solution, it is possible to calculate inspection interval based on the given POF. The
prediction results are shown in Fig. 73b for a given POF of 5%. This consideration shows that no inspection is
required in the first 0.7 of design life. Very tight inspections are required after the first inspection. The inspection
interval can be dlightly increased when the repair has taken the effect. The inspection intervals seem to be periodic.

There is a very high POF no matter what inspection procedures have been used immediately after the inspection.
The reliability of the component can not be restored to the original condition since there is a certain chance of
missing the crack in the inspection. Therefore POF can not be recovered to the original condition. This may inspire
another alternative to replace the component for a given POF to avoid the event of missing the crack in the
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inspection. The consequence of this option is shown in Fig. 73b. For this option, the replacement will recover the
component into the original condition. The replacement can take place for the next interval, the next 0.7 design life.

This option gives the best reliability and the minimum service. The concern for this option is mainly the cost.
According to the probabilistic solution, the cost can be analysed in a term of the probability of repair. Assuming that
a crack is immediately repaired after it has been detected. The probability of detecting crack is equal to the
probability of repair (POR). For a given time duration, POR equals the sum of PODC in the time duration. For a
short life duration, for example for 0.7 fatigue life, the cheapest option is to have no inspection or replacement at all.
When one design fatigue life is considered, the variable inspection interval seems to be cheapest since it requires
less inspections even though POR is nearly the same as that for the option of the fixed interval. The periodic
replacement is the most expensive option.

The cost function changes dramatically when the fatigue life is considered, for example, for 1.4 times of the design
life, the option of replacement becomes the cheapest since its POR is smaller and no inspections and repair are
required with the corresponding costs. The cost for the variable interval is till less than that for the first interval.
However, the difference is not dramatic, see Figure 74.

Based on the analytical model, the reliability of the component can be improved without changing the design
parameter. For example, if the initial surface can be improved on the component to reduce the size of initial flaws.
Better production method can be used for the component to reduce the difference between each compenent. These
methods can increase the reliability so that POF can be reduced. An example is shown in Fig. 75 when both the
initial flaw size and the product consistency have a 100% improvement. Under this improvement, POF can be
dramatically change. For the requirement of POF of 5%, the first required inspection will be larger than the design
life, which means that the design objective has been met. Again, if the component is required to operate beyond the
objective, tight inspection and repair are required to guarantee the reliability.

A POF of 5% seems to be a very large number for a critical detail. The value in the analyses accounts however for

all the uncertainties in the fatigue crack growth process including the uncertainty in the applied load as well as the
uncertainty in the productions. These uncertainties are not included in atest item. In the fatigue test, the geometry is
carefully measured. Stresses in the critical locations are often measured under the controlled load, and the loading is
accurately controlled. Under this condition, POF for the test item is rather different from the actual component in
service. An example is shown in Fig. 76 for two different considerations; one with actual uncertainties in both the
load and the geometry, and the other with load and geometry controlled.

The computed POF is much lower when the production and load uncertainties are removed. In this case the POF is

in an order of 102 for 0.7 design life where the first inspection is expected to occur in the same time when the
computed POF is about 5% for the case when the uncertainties in both production and loading are considered.
Understanding such a difference may be very helpful in trandating the fatigue test results into a reliable fatigue life
management program to minimise the failure probability and to improve cost efficiency.

3.6.5 Initial Fatigue Quality

The US Airforce model for initial fatigue quality, based upon the equivalent initial flaw size concept, has been
implemented in a computer code at FFA. The implementation has been made such that two different approaches to
obtain the parameters of the cumulative equivalent initial flaw size distribution, the time to crack initiation approach
and the equivalent initial flaw size approach, are used and compared.

Fractographic data regarding crack growth are needed in order to apply the model. A rather extensive analysis of the
experimental data may be performed to censor out data with anomal ous behaviour and to cal cul ate the parameters of
the crack growth rate versus crack length relationship.

The FFA implementation of the model has been applied to the same set of fractographic data as was used by the US
Airforce in order to verify the model. The results of these analyses show that the code is working as intended.
Furthermore, it was found that the TTCI and EIFS approaches in genera results in different EIFS distribution
parameters.



3/28

To test the model two different sets of fractographic data have been used. The first set refers to the data obtained in
the AGARD co-operative investigation on "Short Crack Growth Behaviour". The second set refers to a data base of
crack growth rate developed at FFA during recent years.

Using the first set of data it was found that the parameters of the EIFS distribution are sensitive to the procedures
used to screen the fractographic data and to design variables. However, a single generic EIFS distribution was
established for al 18 different groups of fractographic data which upon transformation to TTCI distributions for the
individual data sets compared rather well to the cumulative TTCI distributions obtained by ranking TTCI-values for
each data set and assigning probabilities according to their rank. Also, three different approaches to compute the
EIFS-values were studied and it was found that the best fit of the TTCI distribution was obtained by using the
deterministic approach.

Using the second set of data it was found that imposing the condition of a crack growth rate directly proportional to
the crack length shifted the lower tail of the EIFS distribution considerably as compared to the result obtained using
the true average value of the crack growth rate exponent.

Both data sets used effectively show the hypothetical nature of the EIFS distribution.

3.7 COMPOSITE MATERIALS
3.71 Model Loaded Delamination Cracks Studied by High Magnification Moir é I nter ferometry

An experimental/numerical study of the displacement fields around delamination cracks in carbon fibre/epoxy
composites loaded in Mode | has been made, Ref. [31]. Four specimens with different stacking geometries were
investigated. The delamination cracks were simulated using Teflon films. The measurements were made using moiré
interferometry at high magnification. With moiré interferometry, the displacement field can be determined with an
accuracy of 20 nm or better and by using microscope optics, a spatial resolution of about 10 pm can be achieved.
The moiré interferometer used has the capability to switch between laser illumination for acquiring the displacement
field and white light illumination to visualise the underlying microstructure. This made it easy to correlate the
displacement fields to images of the fibre stackings.

The resulting displacement fields were compared to numerical solutions calculated using the finite element method.
The comparisons indicate that the Teflon films for some of the specimens did not delaminate fully, a problem that
raises doubt about the use of Teflon films to simulate delamination cracks. Otherwise the agreement was good,
confirming that the displacement field around such cracks is satisfactorily described by linear fracture mechanics.
The agreement was improved when a matrix rich region in front of the crack tip was included in the finite element
model. Such matrix rich regions are often introduced in front of Teflon films during specimen manufacturing.
Further, it was observed that a single cross-ply lamina has large effect on the displacement field at the surface due to
different Poisson's ratios.

3.7.2  Rate Dependency of out-of-plane Properties of Composites

The ply out-of-plane tensile properties of carbon/epoxy composites were studied by use of static tests at FFA and
dynamic tests in atensile split Hopkinson bar apparatus at Luled University of Technology, as reported by Melin &
Asp [32, 33], Fig. 77. Miniature dog-bone unidirectional specimens were used since the directional structure of the
specimens is unsuitable for conventional cylindrical specimens. The need for large strain rates at a sufficiently large
load necessitated the use of specimens with a fairly small aspect ratio and associated large strain gradients. In the
dynamic tests high speed Moiré photography was used to study the local strain field in the gauge section, which
allowed for determination of the true stress-strain relation.

The dynamic tests were performed at strain rates between 100 /s and 800 /s. Severa specimens were tested to
fracture at strain rates between 300 /s and 800 /s . The corresponding crack speeds were up to 2300 m/s. The
experiments did not reveal any increase in modulus with increasing strain rate but moderate increases in failure
stress and strain, Fig. 78.
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3.7.3 Evaluation of the Mixed M ode Bending Delamination Test

Based on previous static tests the Mixed Mode Bending (MMB) delamination test is now used in ongoing tests of
delamination fatigue properties of composites. The static evaluation procedure for the MMB test is assessed in Ref.
[34] which is focused on analytically equivalent evaluation models, expressed in load-displacement or load-only
parameters. The analyses are compared with experimental results obtained with both evaluation methods. In
particular, the assessment concerns the sensitivity of the interlaminar toughness to test rig forces as well as specimen
material and geometrical properties. For a typical example, neglect of test rig forces causes a ten percent relative
error in the calculated mixed mode ratio when using methods based on load only, Fig. 79. Neglect of test rig forces
results in an overestimation of the mode dependent interlaminar toughness, since testing is done with a higher mode
Il fraction than anticipated. When al additional forces were considered both evaluation methods produced almost
identical results, Fig. 80. Evaluation based on load only is convenient but is sensitive to variations in specimen
flexural modulus and dimensions and had a larger scatter. The application of crack length corrections for calculating
the mode | component is discussed in detail. The findings of the study are summarized in recommendations for the
MMB test procedure and its subsequent evaluation.

3.74 Methodology to Predict Strength of Impacted Sandwich Panels

A systematic review of analytical models to predict failure of impacted sandwich panels, with focus on local
compressive failure, is given in Ref. [35]. Thus, globa buckling is not discussed. The study is limited to static
failure modes, but may be of interest when developing models for fatigue failure of impacted sandwich panels.
Impact damage in sandwich panels include a dent, delaminations, matrix cracks and fibre fracture in the face sheet
and crushing of the core. The failure modes include wrinkling, inplane skin failure due to stress concentrations at the
damage (Fig. 81a) and dent growth due to crushing of the core (Fig. 81c). Delamination growth caused by local
outward buckling of a sublaminate (Fig. 81b) is considered unlikely due to the presence of an initial dent. A novel
dent growth criterion based on energy balance considerations is suggested. All failure models were presented in a
uniform notation and demonstrated on a number of published experimental studies. It is shown that dent growth and
inplane failure due to stress concentrations are competing failure modes, which in many cases may occur at similar
stresses. Several findings are also applicable to failure of monolithic laminates.

3.75  Studiesof Impact on Composite Structures

Fatigue problems in composite structures are often associated with impact damage. The effects of impact on
composite laminates and sandwich panels have been studied extensively at FFA by use of instrumented impact tests,
fractography and static and fatigue tests of compression after impact. A comprehensive review of more than fifty
studies in this area performed at FFA during 1986 to 1998 was given in Ref. [36]. However, the studies of fatigue
properties after impact have been limited to two studies of impacted sandwich panels and one study on how impact
induced matrix cracks affect the reliability of embedded fibre optic sensors.

3.7.6  Damage Tolerance of Impacted CFRP Sandwich Panels

An experimental investigation concerning static compressive strength, damage growth during fatigue and residual
compressive strength of impacted CFRP sandwich panels was performed, Ref. [37]. The program includes
determination of energy level for damage initiation (E,,) and energy level to obtain a barely visible impact damage

(Egyp)s 1.6 adent of 2 mm. Furthermore, specimens impacted at three different energy levels were tested with

respect to static strength at room temperature and specimens with a barely visible impact damage were tested with
respect to fatigue life both at room temperature (RT) and at hot-wet (HTW) conditions. After impact, and at
intervals during fatigue loading, the damage was characterised by ultrasonic C-scan and by measuring the dent
depth. Fatigue tests were performed with a symmetrical fin spectrum to a maximum of 6000 flight hours whereupon
the residual strength was determined. Residual strength tests were performed at RT and at 100°C for specimens
fatigue loaded at HTW conditions.

Low velocity impact damage were introduced in adrop tower using afalling weight with a 30 mm hemispherical tup
guided by a tube, at room temperature and ambient environment. Both static and fatigue tests were performed in
four point bending. The faces were made of 8 or 24 plies Fibredux 6376-HTA with a nominal thickness of 1 or 3
mm and the quasi-isotropic layups (+45/90/0)s and (+45/90/0)3s. The core was made of aluminium honeycomb with
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the densities 72 and 192 kg/m3. The test program was performed in a similar way as in a previous investigation
performed on panels with skins of T300/914C. Dimensions of the specimens were 160x1000x50 mm (width by
length by thickness). After trial impacts on specimens with the same lay-up and core material energy levels for
impact was set to 1 (E), 8 and 11 J (Egyp) for the 8 ply specimens and to 8 (E,), 20 and 50 J (Egyp) for the 24 ply
specimens.

Results from static and residual strength tests are presented in Figs. 82 and 83 in terms of failure strain.

The sensitivity to impact of the failure strain of CFRP sandwich panels was clearly demonstrated since a reduction
in strength with up to 80 % to the level of typical design values for composite structures was recorded. The
reduction in failure strain combined with the rapid decrease of dent depth and thereby the visibility during fatigue
loading is alarming since these results indicate the necessity to perform visual inspections after every mission. The
cause for the decreased dent depth is relaxation of the top plies due to delaminations. It was also observed that the
dent depth decreased with time when there was an interruption of several months between impact and fatigue
testing.

Although the number of specimens in each group is too few to make a good statistical evaluation some tendencies
can be recognised:

» The dtatic failure strain of undamaged 24 ply specimens s higher than that of the 8 ply specimens.
* Reduction in static failure strain due to aBVID is more significant for the 24 ply specimens.
»  Dent depth and consequently the visibility decreases rapidly after only afew flight hours of fatigue testing.

e Fatigue loads at RT cause damage growth and a reduction in residual strength. The effect seems to be more
pronounced when the specimens were tested in HTW conditions.

e Strain concentrations in connection with the damage have been observed, and both for
medium impact energy and a BVID the concentration has been recognised to extend more
than 60 mm in the panels length direction.

* Nonlinearities in strain recordings on impacted panels indicates local buckling in the damaged area.

3.7.7 Methodology for Efficient Design of Composite Structures Exposed to |mpact

Impact damage may cause severe reductions in the strength and stability of laminated composite structures. Most
experimental studies have focused on impact resistance, which deals with the damage caused by an impact, and
impact damage tolerance, which deals with the effect of the damage on strength and stability of the structure
(Fig. 84). A more limited number of studies have focused on impact response, i.e. the structural response and
formation of damage during impact, which provides deeper insight in the factors governing impact resistance.
Analytical models of impact response and residual strength have gradually been developed at FFA to reduce the
large costs of certification tests and to make design more efficient. A building block approach has been suggested
which separately addresses major issues of importance for the effect of impact on composite structures. The ultimate
goa of the work on impact is to efficiently combine impact resistance and impact damage tolerance in design to
minimize undesired effects of a given impact. This may be termed a strive for impact tolerance. The work at FFA
concerning impact damage has been summarized in Ref. [38]

The effects of impact on composite laminates and sandwich panels have been studied extensively at FFA by use of
instrumented impact tests, fractography and static and fatigue tests of compression after impact. A comprehensive
review of more than fifty studiesin this area performed at FFA during 1986 to 1998 was given in [39]. However, the
studies of fatigue properties after impact have been limited to two studies of impacted sandwich panels and one
study on how impact induced matrix cracks affect the reliability of embedded fiber optic sensors.

FFA:s research on impact damage tolerance has been focused on compressive failure which involves strength and
stability due to global buckling, local delamination buckling, delamination growth, in-plane failure and interacting
failure modes. So far modeling work has focused on simulation of buckling induced delamination growth, and a
program package has gradually been developed. A recent extension allows analysis of impacted skin-stiffener panels
[40Q]. Previous experiments have demonstrated the need to also consider other failure mechanisms and the change of
stiffness properties in the damaged region [41].
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In general, an impact initiates elastic waves propagating from the impact point. For impact times in the order of the
transition time for through-the-thickness waves, the response is dominated by three-dimensional wave propagation
(Fig. 854d). For longer impact times, the response is initially governed by flexural waves and shear waves (Fig. 85b).
For times much longer than the time needed by these waves to reach the plate boundaries the lowest vibration mode
of the impactor-plate system predominates (Fig. 85c).

The impact response type is shown to depend on the impactor vs. plate mass ratio and appropriate models have been
suggested for the various response types. Thus a distinction between large mass impact and small mass impact is
more relevant than the common distinction between "high velocity" and "low velocity" impact. Figure 86 shows the
difference in response and damage caused by 10 J impacts with a large and small mass, and illustrates that a small
mass impact resultsin earlier damage initiation and larger damage at a given impact energy.

Evidently, response models for undamaged plates may predict damage initiation. For small deflections the
delamination radius and plate boundary conditions have almost no influence on the critical load for delamination
growth, which then is given by the following expression

Fo = pJ32DG,|C/(n + 2)

where D is the plate stiffness, G;; the mode Il interlaminar toughness and n is the number of delaminations. The
critical load for large deflections is obtained by accounting for membrane load contributions. For large mass impact
the response may be predicted by a spring-mass system involving the impactor mass M, the effective plate mass
M,*, the contact stiffness k;, shear stiffness ks, bending stiffness k;,, and membrane stiffness k;,, of the plate under
static load (Fig. 87). The corresponding initiation energy is obtained by summing contributions due to contact,
bending, shear and membrane deformation. Further growth is highly dependent on the number of delaminations, but
reasonable bounds for delamination size have been established.

At FFA severa experimental studies have been carried out to characterize the impact damage for different
geometries and boundary conditions. Laminate thicknesses have ranged from 2 to 6 mm and lay-ups have usually
been quasi-isotropic, although a few studies have been done on orthotropic lay-ups. Our studies show that damage
growth normally initiates by matrix cracking, followed by delamination growth and finally fiber fracture [44, 45].
Delaminations in thick laminates with span-to-thickness ratios of 10 to 20 typically initiate close to the impacted
surface, while delaminations in thin laminates initiate close to the midplane [5] (Fig. 88).

Further delamination growth in thick laminates occurs in a “barrel shaped” region by growth of delaminations
around the mid-plane, although a single large delamination may occur at the lowermost interface. Delamination
growth in thin laminates occurs in a conical region by growth of delaminations towards the back face of the laminate
[42]. The individual delaminations are more or less peanut shaped, extending along the fibers of the neighboring
lower ply. In contrast, cracks with fiber failures generally follow the fibers of the neighboring upper ply and appear
below delaminations as extensions of a matrix crack [42, 43]. The damage geometry and degree of fiber fracture
depends on the span-to-thickness ratio and on how much the energy for damage initiation has been exceeded.
Furthermore, the asymmetry of the damage has a strong influence on the global buckling load of the panel.

Recent work at FFA has concerned development of models with general non-linear kinematics to account for
interaction of global and local buckling with contact for a panel with a single delamination of arbitrary shape located
at the critical ply interface [40]. The finite element model developed is based on non-linear plate theory, using 4-
noded mixed interpolation Mindlin/Reissner shell elements and a moving mesh technique. It is assumed that
delamination growth is governed by linear elastic fracture mechanics parameters. The strain energy release rate, G,
at local delamination growth is computed from the discontinuity in an energy momentum tensor component across
the crack front [44].

Analysis of a plate or stiffened panel with a delamination is performed in the following steps: (1) Global buckling
analysis. (2) Loca buckling analysis of the delaminated member. (3) Postbuckling analysis from local buckling
with contact iteration and automatic load increase until delamination growth criterion is attained. The growth
criterion is currently based on the total critical strain energy release rate. (4) Delamination crack propagation by
moving the FE mesh in the growth regions and continued postbuckling analysis.
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By this approach, the evolution of delamination propagation is modeled performing a large number of incremental
crack propagations. The developed model has been validated by experiments on artificially delaminated and
impacted plates [41, 44] and tiffened panels [40].

Figure 89 shows the experimental and computed load vs. out-of-plane deflection results for two delamination
depths. The numerical model is shown to capture the main observations regarding transverse deflections and
buckling loads. Furthermore, critical loads, direction and shape of growth were also well predicted by the model.
From apractical point of view the most important result of these studies seems to be that delamination growth for all
cases occurred more or less at the global buckling load. Consequently, structures with delaminations should never be
allowed to buckle globally. In reference [40] a preliminary analysis of stiffened composite panels is performed. In
that study, a scheme for identification of the most critical ply interfaceis presented.

Test results for artificially delaminated, impacted and undamaged plates were compared [41]. A difference in
maximum (global plate buckling) load is conspicuous in the load vs. out-of-plane deflections of the plates depicted
in Fig. 90. The artificial delamination causes a 10 % reduction in global buckling load, while the reduction caused
by impact damage is 20 %. These results imply that the reduced stiffness in the impacted zone has a fairly large
effect on the panel buckling load. Thus, correct prediction of the buckling load of an impacted structure requires
methods that consider influence/interaction of the stiffness reduction of the damaged zone.

In addition to delaminations which may promote buckling induced delamination growth, an impact damage may
also be associated with local stiffness reductions which cause stress concentrations and in-plane "notch type" failure.
Furthermore, such stiffness reductions will affect the delamination growth by reducing the buckling loads. In the
literature it has also been suggested that a buckled sublaminate may act as a stress raiser causing in-plane failure.

Extensive fiber failure may aso result in in-plane failure. For example, damage studies in [43] indicated more or
less complete fiber failure in all plies in about one third of the total delamination width of 230 x 150 x 4 mm
specimens impacted at 30 J. In the worst case such a damage may be comparable to the effect of ahole or dlit, which
may result in stress concentrations of three or more in a quasi-isotropic laminate. Available notch failure criteria will
be incorporated as a competing failure mode in future development of the delamination growth FE-program.

3.7.8  Fatigue Delamination Growth Model for Composites

In order to calculate fatigue delamination growth in composite specimens a fatigue delamination growth rate law is
needed. To experimentally measure the fatigue delamination growth rate for all possible combinations of energy
release rate mode ratios and load ratios would be very expensive. The two constants in Paris law require that two
points on the fatigue delamination growth curve are known. A model, Ref. [45] has been developed in which one
such point is the fatigue delamination growth threshold which experimentally has been found to occur for a constant
change in energy release rate, DGy, In literature it has been reported that DGy, is independent of mixed mode ratio
and Q-value. The Q-valueis defined from

Q=R if-1=R=1
1
Q= E if R<-1or R>1

where R is the load ratio, R =S m% o The threshold is here defined as the point where there is a "knee” in the

delamination growth rate curve. The delamination growth rate, (d%lN)th’ at which this "knee’ occurs is usually
about 10°® mm/cycle The second point occurs when static fracture takes place. The delamination growth rate,
(d%IN)C’ at which this takes place is usually between 10%-10% mm/cycle. From these two points the constants in

Paris law can be calculated for any energy release rate mode ratio and load ratio. The model is schematically shown
in Fig. 91. The model predicts the exponent n in Paris law to decrease with decreasing load ratio Q and increasing
amount of mode Il fracture which agrees well with experimental observations.
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3.7.9 Load-Ratio Dependence on Fatigue Life of Composites

Different composite structures in applications such as aircraft are often subjected to spectrum fatigue loading with

different average load ratios, R =S m% . When characterizing the material for such structures constant
max

amplitude fatigue data of coupons at the specific R-values are often used. This results in a large number of fatigue
test having to be run which is expensive. Hence, there is a need to develop models for calculating the fatigue life of
composites at different R-values. One such model has been developed, Ref. [46]. The basic assumption of the
present model is that the fatigue life of a specimen is governed by delamination growth. When the delaminations
have grown to a critical size the specimen will fail. This critical size is dependent on the peak load at failure. All
other damage mechanisms, for example matrix cracking and fiber failure, are assumed to be of secondary
importance and will only have a minor influence on the total life of the specimen. A consequence of this assumption
is that the fatigue life of a specimen can be estimated by calculating the delamination growth rate in the specimen
which is what the model does. Failure for specimens subjected to different R-values but the same peak load
magnitude is assumed to occur when the critical delamination in the specimens has grown to the same length. This
makes it possible to integrate Paris law to compare the number of cycles to failure for specimens at different R-
values. The constants in Paris law are obtained from the model in Ref. [45]. The model works for al possible R-
values as long as the basic assumptions are fulfilled. A comparison with experimental results, Ref. [46], for
unnotched composites can be seen in Fig. 92.

3.7.10 Cosefficient of Friction of Composite Delamination Surfaces

Composites are known to often fail due to delamination growth and it is important to have a good understanding of
all the aspects involved in delamination growth. The crack surfaces in the ENF specimen will be in contact with
each other where the support is located. During loading of the test specimen the surfaces will slide against each
other and the resulting friction force will reduce the energy release rate of the delamination crack, Ref. [48]. In local
delamination buckling the delamination surfaces are often in contact with each other at some points. At those points
friction forces will be induced which affect the buckling problem and the energy release rate of the delamination
front. In order to be able to include those friction forces in the modeling of local delamination buckling the
coefficient of friction for delamination surfacesin contact is needed.

The coefficient of friction of delamination surfaces from graphite fiber/epoxy matrix (IM7/8552) composites has
been measured in reciprocal sliding, Ref. [49]. The worn surfaces were examined with a scanning electron
microscope and the friction and wear mechanisms were studied. The results show that the coefficient of friction is
independent of normal load in the load range studied. The effective coefficient of friction depends on the amount of
load carried by matrix/matrix, fiber/matrix and fiber/fiber contacts and their respective coefficient of friction as

1
M= = (MnPran + MePy + My Pry )

where P is the normal load, mis the coefficient of friction and the subscripts mm, ff, and mf stands for matrix-matrix
contact, fiber-fiber contact, and matrix-fiber contact, respectively. Of the three types of contact the matrix/matrix
contact has the highest coefficient of friction, approximately 0.6. After an initial wear-in of the surfaces the
coefficient of friction will decrease with increasing number of reciprocal cycles as more load is carried by fiber/fiber
and fiber/matrix contacts. In Fig. 93 can the evolution of the coefficient of friction as a function of number of cycles
be seen for 0°/0°, 0°/90°, and 90°/90° interfaces. The evolution of the coefficient of friction is related to whether the
starting surfaces are covered with amatrix layer or if the fibers are visible. Any matrix layer will flow to the sides of
the contact region, causing fibers to become visible. More of the load will be carried by fiber/fiber and fiber/matrix
contacts and the coefficient of friction will decrease. Matrix debris forms at the boundary of the contact regions and
no wear of the fibers was observed.

3.7.11 A Numerical and Experimental Investigation of a Compaosite ENF-Specimen

Delamination growth often plays an important role in composite failures. Thus, making it important to have a good
understanding of the mechanisms and mechanics of delamination growth in order to use composites in advanced
applications. The ENF specimen has been used to study static and cyclic mode Il fracture, G, for 0/0, 45/45, and
90/90 interfaces and for carbon fiber reinforced epoxy materials IM7/8552, HTA7/6376, and T300/914, Ref. [48].
The ENF-specimen has also been studied with FEM. Results show that the material T300/914 has the lowest Gc
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and that the 0/0 interface has the lowest G, ¢ of the interfaces studied. The distribution of energy release rate for the
different interfaces were calculated and the specimens with a 0/0 or 90/90 interface have fairly flat distributions with
asmall mode 111 component. The specimen with a 45/45 interface had an uneven distribution with a large mode I11
component. The FEM results were compared with beam models and it was found that for the specimen with a 0/0
interface were the beam models acceptable whereas for the specimens with a 90/90 and 45/45 interface did they
show a large error. Instead a modified direct beam model was used for the specimens with a 90/90 and 45/45
interface which resulted in good agreement with the FE-solution, see Fig. 94. The influence from friction was
studied with FEM and compared with a beam model. In Fig. 95 can the decrease in energy release rate for
specimens with the different interfaces be seen together with results from a beam model. The results are for a
coefficient of friction equal to 1.0. With a redlistic coefficient of friction the decrease in energy release rate at a
crack length of 25 mm is about 2%. The delamination crack changes interface for the specimens with a 45/45, and
90/90 interface and the direction it grows in is probably determined by the stresses at the crack tip. Two new
stacking sequences are suggested with which delamination growth at 0/45 and 0/90 interfaces can be studied. By
taking advantage of that the crack only wants to propagate in the positive z-direction, globally compressive side of
specimen, a stacking sequence which results in a 0%45° and 0°/90° interface can be designed, [0°,//90%0°%;] and
[0°1,//45°/0°4], where the off-axix ply is placed in the negative z-direction from the crack and // indicates the
position of the delamination. The distribution of the normalized total energy release rate can be seen in Fig. 96 for a
crack length of 25 mm. Both distributions are sufficiently flat for testing and can be analyzed with the modified
direct beam model.

3.7.12 Calculation of M ode-Separ ated Ener gy Release Rates during Delamination Growth

In Refs [50, 51] delamination growth is analysed under the assumption that delaminations propagate in matrix rich
layers close to ply interfaces. By only using results from the FE-solution inside the isotropic layer, when calculating
stress intensity functions, several mathematical difficulties are avoided and standard fracture mechanics can be used.
The energy release rates are then obtained from standard relations. As a benchmark example, a test specimen is
analysed for a general load such that all three fracture modes are present. The results from the method, where the
delamination propagates in a thin isotropic layer are compared with results for a perfect interface, see Fig. 97. The
solution is for a 0%45° interface with a 1 mm thick isotropic layer. A very good agreement between the two methods
is found when the total energy release rates are compared. The comparison is also excellent for Gy, and (G+G)),
respectively. In Fig. 98 the influence of the thickness of the isotropic layer on energy release rate is shown from and
the effect found to be small. By using the method with an isotropic layer the mode-separated energy release rate can
be calculated for curved delamination fronts.

3.7.13 Interaction Between a Delamination Crack and a Matrix Crack

The interaction between a delamination crack and matrix cracks are studied in Refs [52, 53]. The point where a
matrix crack intersects with adelamination front is often avertex. A typical geometry can be seenin Fig. 99.

A notched specimen with a6 mm hole was studied analytically. Typical matrix cracks and delamination shapes were
taken from the experimental investigation, Ref. [54]. In the specimen one delamination grew parallel to the load
direction and was bounded by matrix cracks, see Fig. 100. The type of vertex between a matrix crack and the
delamination front shown in Fig. 99 occurred in this specimen.

Close to the vertex the stress intensity factors of the delamination crack front will be given by
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where S are vertex intens ty factors which are determined from the solution on the complete specimen, §|(j) etc are
vertex-edge stress intensity parameters which only depend on the local geometry close to the vertex, and L 0) are the

vertex eigenvalues which also only depend on the local geometry close to the vertex. The é,(j) and LO can be
determined ones and for all from the local problem schematically shown in Fig. 99. The R, R, and R;;; are smooth
remainders. From the equations it can be seen that when the vertex is approached, i.e. Z ® 0, the stress intensity

factors will approach zero if Re(_(l))>112 and infinity if Re(_(l))<112. In Fig. 101, the five lowest vertex
eigenvaluesare shown for a 0%/45° interface.

Figure 101 shows that L isless than 0.5 for all b studied. For a straight delamination crack, b =0, LY isaslow
as 0.28. This means that the stress intensity factor will approach infinity when the vertex is approached. This might
affect the fatigue delamination growth. It is reasonable to assume that the delamination crack will be curved towards

larger b-values (asto have Re(_(j)): 1/2) which has also been observed in experiments. The stress intensity factors

close to the vertex in the specimen in Fig. 100 were calculated with the vertex theory developed in Ref. [52] and
with FEM. A comparison of the results can be seen in Fig. 102. The two solutions are in good agreement.

3.7.14 A Numerical and Experimental I nvestigation of Delamination Behaviour in the DCB-Specimen

One of the most common failure mechanisms in composites is delamination growth. Before delamination growth
can be predicted in composite structures it is necessary to have a good understanding of delamination growth in
generic test specimens, such as the DCB-specimen. The DCB-specimen has been studied in detail both numerically
and experimentally, Ref. [55]. The criticdl mode | energy release rate, G, was the same for the materials
HTA7/6376 and IM7/8552 and 0°/0° interface, approximately 220 Jm? The G,c-value of T300/914 was about half
that of HTA7/6376 and IM7/8552, about 110 Jm*. no toughening behavior was observed for the specimens with a
0°0Q° interface. For the specimens with a 90%/90° and 45%45° interface a R-curve behavior were observed. A
fractographic study found that the crack propagates up and down in the off-axis plies bounded by the 0° pliesin a
repeating way. A detailed fractographic study found that several matrix cracks are nucleated before the delamination
crack changes interface. After the crack has reached the 0°%90° interface the interest to change interface again
increases as the cracks grow longer. The average energy release rate for DCB-specimens with different interfaces
calculated with FEM was compared with results from beam models, see Fig. 103.

A model developed by Olsson showed the best prediction of the energy release rate. There is a large difference
between G,c and the approximate threshold value for fatigue loading. This leads to different load levels for
delamination growth during static and fatigue loading. Given a delamination in a structure the ratio between
delamination growth during static and fatigue loading is

2

Gy _ K0 _ @5, 0 220

G, & K, 5 S fatigueg 80

which gives

& static 9 » 1 7
és fatigueg

where S ¢aic and Sraigue are the stress in the structure which causes the energy release rate of the delamination in the
structure to reach G,c and Gy, respectively. For mode Il loading the situation is even worse with the ratio
S saiid/ S ratigue DEING approximately 3. This should be compared with the ratio Spy /sp. Which often is 1.5 where spy.
and sp . are the design ultimate load and design limit load. This means that a given delamination is a structure
might not grow during static testing, but during fatigue testing it might grow.
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3.7.15 Composite Fatigue

An experimental investigation has been carried out regarding load-sequence effects on the fatigue life of composite
structures. Different elimation levels were considered for various load spectra and for constant amplitude block
loading. The spectra considered were for an early design spectrum for the Gripen fighter aircraft, spectra associated
with the &ft fitting of the fin and to the upper fitting of the wing, and the compression dominated spectrum “ Short
Inverted Falstaff”. Both experimental and calculated results show, that the elimination level can be set to approxi-
mately 50% of the maximum range occurring in the load sequence. This means that considerable time and cost
reductions in structural verification testing can be achieved. This will also have impact on a life prediction meth-
odology since only a characteristic number of loading states needs to be considered. The resulting life for block
testing, especialy for aload ratio of R=-1, is highly influenced by truncation of high load ranges in the sequence.
Spectrum fatigue test results accounting for ranges up to 90% of maximum range, the remaining load states elim-
inated, can be mapped on constant amplitude data. At chosen elimination levels approximately 80 to 90% of loading
states were eliminated. Calculation results with the same technique, i.e accounting for a characteristic number of
cycles, show promising results.

In Fig. 104 the influence of different elimination levels is depicted for the mixture of tension-tension and com-
pression-compression loading (TT-CC) and for the full tension-compression loading (TC). It should be pointed out
that only a limited number of tests has been performed (two specimens per level). For the TT-CC loading, €limi-
nation of cycles at 90% of e, has a clear influence on fatigue life but for elimination of corresponding cycles at
50% of e the influence on fatigue life is ailmost within the scatterband for constant amplitude testing at the load
ratio, R=-1. It can also be seen that for the calculated result, according to the theory outlined in Ref. [56]., the
influence of elimination of cycles up to ~50% of e, is negligible.

When the block-loading consists mainly of tension-tension and compression cycles, i.e TT-CC loading at R=0.7 and
1.43, and those cycles are eliminated, the result still is close to constant amplitude testing at the load ratio R=-1. The
reason is probably due to the fact that TT or CC dominated loading has very flat SN-curves and thus have a minor
contribution to the life. It is also likely that if the TT-CC loading had been fully tension respectively compression
loading, i.e R=0 and , the result would have been almost the same. In conclusion; accounting for only the R=-1
cycles gives reasonable prediction of life, though small contributions are due to the TT and CC cycles.

In Fig. 105 the test results for the different spectra are presented and compared to constant amplitude data. Figure
106 is an enlarged figure with embedded calculation results according to the theory outlined in Ref. [56]. The test
results for the wing spectrum, OVKB, fall between R=-0.5 and -2, and also match earlier spectrum testing with the
short inverted Falstaff, labelled as SIF in the figure. The test results for the fin spectrum BFKB with two elimination
levels, BFKB30 and BFKB50, i.e. loads less than 30 to 50% of maximum range were eliminated, do also match cor-
responding constant amplitude data very well if the effective number of cycles are acccounted for in an appropiate

way.
3.7.16 Fatigue after Impact and Bolted Jointsin Fatigue

Currently an experimental program is running addressing fatigue after impact and bolted joints in fatigue loading.
Both constant amplitude and spectrum testing are addressed with the purpose to find suitable elimination levels for
use in verification testing and methodology development. For fatigue after impact preliminary results show that, see
Figs 107 and 108 , loading in the compression regime is more critical than the combination of tension and
compression loading that was the case for specimens with open holes. The failure in bolted joints is strongly
dependent on the R-value with compression loading being the most beneficial. Elimination levels up to 50% of
maximum range show promising result when compared to spectrum fatigue loading.

3.7.17 Certification Procedure

The current philosophy for for fatigue and damage tolerance substantiation of composite structures is based on a no-
growth concept which is achieved by conservative strain limitations and extensive testing on a coupon level and on
built-up structures. A major drawback in the certification work is the lack of relevant methodology, especially for
life prediction, which makes it impossible to e.g investigate the consequences of a load change from design limit
load (DLL). Of major concern within the substantiation work of composite structures is impact damage and the
associated strength but also out-of-plane loading causing unexpected failure modes. There is an urgent need to come
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to an agreement what a barely visible impact damage (BVID) is and the associated energy level. The situation today
is that the substantiation work to a high degree, at least for certain aspects, is very project related. To have
reasonable test times omission of low loads is necessary but the demands for metallic or composite structures differs
and a clear methodology is lacking. The situation today is rules by the thumb.

The general requirements for the certification procedure could be found in Refs. [57] and [58] issued by FAA
(Federal Aviation Administration) and JAA (Joint Airworthiness Requirements. In addition to those basic rules
advisory circular Ref. [59] and the European version Ref. [60], with some editorial changes for consistency with
JAR rules, covers specific composite aspects. The certification work is generally performed in what is caled the
building-block approach or Rouchon’s test pyramid, Ref. [61], here shown in a schematic way in Fig. 109.

For military aircraft, and for naturally reasons, the requirements for certification are less coherent than for civil air-
craft. To accomplish the general requirements stated, specific documents are written typical for the current project,
see e.g Ref. [62]. Such a document typical covers stressing methods and how to verify static strength and how to
meet the damage tolerance requirements. A comprehensive report covering certification methodologies was written
within a national research program in Sweden, Ref. [63]. In Refs. [64] and [65] an extensive investigation was
undertaken to develop a certification methodology. V arious approaches were investigated, life scatter approach, load
enhancement approach, ultimate strength approach and change in spectrum approach. Within a running national
research program and within a european program EDAVCOS (Efficient Design and Verification of Composite
Structures) two reports covering substantiation principles and the associated costs for the control surfaces of S2000
regional aircraft were written, Refs. [66] and [67]. The load enhancement and ultimate strength approach provides a
convenient way to substantiation, see Figs. 110 and 111. The structural response variability, i.e one source to what is
known as “Hot-Spot Failure”, needs to be taken into account. It should be remembered though that damage tolerence
due to in-service damage, like impact for instance, is not covered within those approaches. Repeated load tests with
e.g impact damage are still needed on detailed sub-components in order to establish the appropriate shape parameter.

3.7.18 Equivalent Damage and Residual Strength for Impact Damaged Composite Structures

Determining structural durability and damage tolerance of aircraft-composite structures is an important task, not
only in the design process but aso when the aircraft is in operational use. There are many sources and types of
damage e.g.: fatigue cracking, environmental degradation, or damage introduced by foreign objects. When occur-
ring, al types of damage need immediate attention for determination of the effect on aircraft performance and func-
tionality. Thereisaneed in other words for simplified predictive methods for rapid assessment of occurring damage,
where impact damage is the most important damage mode. Two residual strength models are presented, the so called
soft inclusion and delamination buckling theory, and compared to experimental results on impact damaged
composite structures in Ref. [68], see Fig. 112. Those experiments spans a variety of impact events, from 8J to 55J
and different layups. The investigation has been supported by FE-technique for determination of the stress
distribution in the buckled state and for characterisation of the damaged region. It can be concluded that for low-
energy impact, though conservative assumptions on stiffness reduction, that the soft inclusion is un-conservative for
residual strength prediction. In contrast the delamination buckling theory show good agreement for various impact
energy levels, thicknesses and layups. The importance of repeated loading for composite structures with artificial
delaminations is also demonstrated. If repeated loaded, the local buckling strain is strongly reduced as compared to a
non- repeated loaded structure. It can aso be shown that artificial delaminations, though deep-lying, can grow in a
stable manner if pre-buckled.
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Figure 13 Artificial defects manufactured in low-L T joints perpendicular to loading

Figure 14 From theleft; Lockbolt, Hi-L ok fastener and solid rivet
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Figure15 Fatiguetest resultsof low LT joints subjected to FAL STAFF flight-simulation loading.
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Figure16 Fatiguetest resultsof medium LT joints subjected to FAL STAFF flight-ssimulation loading.
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Figurel7 Fatiguetest resultsof high LT jointssubjected to FAL STAFF flight-simulation loading.

Fatigue Crack Initiation Sites
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Figure 18 Fractographically observed fatigue crack initiation sitesin medium-L T joint specimens.
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Figure1l9 Fatiguetest resultsof applied load per bolt ver sus number
of cyclesto failure
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Figure20 Theresults of bolt-movement measurements plotted
together with grip-displacement data
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Figure2l  Bolt-movement loop plotted during one load cycle and con-
taining sections of bolt sliding (st, sc) and bending (bt, bc)
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Figure22 Fatigueliferesultsfor specimenswith counter sunk
fastenersin comparison with those joined by Hexagon
bolts
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Figure23  Bolt-movement loop containing points of inflection
dueto friction and bolt bending
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Figure24  An exampleof strain versusapplied load loop for
a strain gauge located between two bolts
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Figure25 Comparison between bolt movement (EXT1) and strain (SG3)
measur ement

Figure26  Photograph of the full-scale fatigue test of the Gripen single seater



3/56

0
R
ﬁf#%/dftdfﬂ////ﬁ#?

TR

a?/ //// f»«o-ﬂ-.-\ ,.....,..‘

(A N A = AN ‘
) N S
AN S
\ \ ) e
L |\‘//¢/
J|F - l-p’ .

7,
b
\\7/

AN

Y AN
AN N
WA

Elastic
material

q(x)

4Pexternal
5(x)A
vPexternal

Figure27 Schematic drawing of the full-scale test of Gripen twin seater
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Figure 28

Definition of cohesive forcesand crack opening displacements
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FE mesh used in analysis of plate with 12 cohesive zones

Figure29  Multiple cohesive zone problem

OCOO0000

Figure30 Lengths of cohesive zones at maximum loads
(solution isfor polynomial order p=7)
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Figure31 Butt joint with four rowswith 14 rivets/row subject to a vertical y-displacements
at y=0 and y=c which correspondsto an average stress S y =100 MPa
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Figure32 Rivet with apriori defined contact surfaces (sectioned) used in
full 3D analysis of lap-splicejoint
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Figure33 Comparison between calculated mode | stress
intensity functions K; (S) for nonlinear solution

schemeand linear solution scheme using apriori
defined contact surfaces
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Stress intensity factor Ky (N/mm™3/2)
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Figure34 Calculated stressintensity function K \s) for long crack with
di =2.0 mm, ¢;=4.3 mm for different orders p in splitting
scheme
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SPECIMEN MSD4
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Figure35 Calculated (solid lines) and experimentally determined
[26] crack lengths @; for specimen MSD4
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Figure36 Distribution functions Fi(N) showing the minimum number of

load cycles N needed to form one crack of length a; (mm). Data
arefrom a Monte Carlo simulation using 5000 samples
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Distributions (%): 1’st Link-up
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Figure37 Distributions showing the minimum number of load cycles dN from
detection of first 1 mm crack in the plate until 1'st link-up, respectively, time
from first detection of 1mm crack, that will link-up, until 1'st link-up
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Figure 38 Residual stressand redistribution along the load axis on the surface of the as-
welded specimen.
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Figure39 Examples of neutron diffraction residual stressesfor the as-welded specimen.
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Figure40 Comparison of theresidual stresses before and after the fatigue loading for
the as-welded specimen.
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Change of residual stressfor TIG dressed specimen
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Figure4l  Comparison of the residual stressesbefore and after the fatigue loading for
TIG-dressed specimens
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Figure42  Schematic of theresidual stressdueto the plastic defor mation under the
fatigue loading
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Figure43  Schematic of thestrip yield crack closure model
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Figure44  Schematic of thering elementsfor the strip yield
crack closure analysis
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Figure45 Elastic stressdistributions on the specimen surface and in the depth at the stress
concentration shown in theinsert
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As-welded specimens, SP2 spectrul
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Figure46  Comparison of experimental and analytical fatigue livesfor the as-welded
specimens under SP2 spectrum loading
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Figure47 Comparison of experimental and analytical fatigue livesfor T1G-dressed specimens under
SP2 spectrum loading
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Figure48 Comparison of experimental and analytical fatigue livesfor the as-welded specimens under
SP3 spectrum loading
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Figure49 Comparison of experimental and analytical fatigue lives for T1G-dressed specimens under
SP3 spectrum loading
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Figure51 Schematic of AGARD small crack test specimen
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Finite element residual stressresultsfor variousload levels
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Figure59 Probabilistic fatigue crack growth of small cracks
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Figure 60 Comparison of crack growth ratefor long and short cracks
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Figure61l Crack closurecompared tothe spectrum loading
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Figure62  Schematic of the probabilistic damage accumulation solution for the fatigue crack
growth analysis



3/73

a
4 FSD

TTCl

IFSD

Figure63  Effect of initial flaw distribution

1.25
(o] Tests
1- Rva0 O
8
% RV a0+FCG (@)
5 075 - d
> (e}
S
w05 -
3 o
@) o o)
0.25 - oV, o
O
0 1 1
10000 100000 1000000 10000000
Cycles

Figure64  Comparison of COVs between the experimental small crack
growth results and the different analytical results
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Figure 66 Comparison of log-normal scatter for two different fastener specimens
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Figure 68 Schematic of the probabilistic crack growth analytical model
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Figure 69 Schematic of thetotal probability solution
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Figure70  Finite element model of the forward fin attachment
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Figure77  Split Hopkinson bar dynamic tensile test
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Review of Aeronautical Fatigue I nvestigations

in Switzerland

April 1997 —June 1999

M. Guillaume
Swiss Aircraft and Systems Enterprise Corp.
CH-6032 Emmen

SUMMARY

The Swiss review summarizes fatigue work in Switzerland. It includes contributions from the Swiss
Aircraft and Systems Emterprise Corporation (SF) which is responsible for the maintenance and
engineering of the Swiss Air Force fleet and algroup Alusuisse (A-L) which was involved in
investigations of fatigue properties of magnesium aloy. This document later forms a chapter of the ICAF
conference minutes published by the conference host nation. The format of the review reflects ICAF
requirements.

Prepared for the presentation at the 26™ ICAF Conference
Sesttle, 12 and 13 July 1999
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4.1INTRODUCTION
Thisreview paper summarizes fatigue investigations which have been carried out in Switzerland during the last two

years from 1997 till 1999.

The contributions to this review come from the Swiss Aircraft and Systems Enterprise Corp (SF) and include the
activitiesin thefield of support for the Swiss Air Force to ensure the aircraft structural integrity of the fleet.

A part of the preparation of thisreview is sponsored by the Defence and Procurement Agency (DPA). Thisfond is
gratefully acknowledged.
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4.2 MIRAGE Il CANARD SERVICE EXPERIENCE
(M. Guillaume; SF)

For the Swiss Mirage |11 upgrade program a Canard was developed between1984 and 1987. The reason for this
program was to increase the air combat performance of the Swiss Mirage 1l a/c.

The Swiss Canard is about 70% of the size of the Israeli Kfir version (Figure 4.2.1) and is a honeycomb structure
with aluminum skin. The Canard (Figure 4.2.2) was tested in a component test using a block spectrum of 200 Flight
Hours (FH). The spectrum was derived from flight data. The test was run up to 10’131 FH without any major
incidences, and no damages such as cracks or failures in the honeycomb structure have been detected. In order to
qualify the Canard also for its damage tolerance an additional test program with increased spectrum loads and
artificially induced damages has been conducted afterwards. It resulted an inspection interval of 1200 FH.

The Swiss Mirage 111 fleet was upgraded by the Canard from 1988 till 1993. In 1998 the first Mirage |1l reached the
limit of 1200 FH with a Canard installed. The Canard was dismounted from the aircraft and checked by an
automatic ultrasonic scanner at SF Emmen. 12 locations with damage indications in the outer part of the front
leading edge have been discovered. NDT specialists concluded that these damage indication must be disbonded
areas between the honeycomb core and the aluminum skin. The Canard was then torn down and inspected in detail.
The ultrasonic test results were confirmed.

The disbonding occured in areas where structural vibration due to buffeting happen during specific flight
maneuvers. This phenomenon was well known and reduced by a vortex generator in the early days of the Canard
development. The effect of vibration was not simulated in the test. As of today 5 pairs of Canard were checked by
ultrasonic and only one showed the same damage described above. The Swiss developed a repair procedure for the
Canard using standard repair tools from F/A-18 structural repair manual.

The Mirage 111 Sfighter version (29 aircraft) will be out of service by the end of this year. However the Mirage |11
RS fleet (16 reconnaissance aircraft) will remain in service.

Fig 4.2.2 Canard CH 70 Structure
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43 CRACKSIN MIRAGE |11 MAIN LANDING GEAR WHEEL
(R.Jaccard; A-L / M.Guillaume; SF/B. Wessicken; A-L / B. Meinck;A-L / S. Kysela; A-L)

Investigation of cracked Mirage |11 wheelsresultsin a study for the fatigue properties of magnesium cast alloys
MSR-TSM.

4.3.1 Abstract

After cracks were detected on some inner rims of the main landing gear wheel of Mirage 1l air planes as shownin
Figure 4.3.1 it was decided to investigate the basic fatigue properties of magnesium cast alloys. Besides the
standardized fatigue crack propagation rate measurements and SN-testing using one and two step loading conditions
the microstructure and the fracture surfaces were studied.

Zinc and silver are grain size controlling elements of MSR-TSM magnesium sand cast alloys. The content of 6.6%
zincinthe alloy of rim 1 lead to a5 to 6 times larger grain than the silver content of 2.4% in rim 2. The roughness of
the fatigue crack surface and the shrinkage porosity depend directly on the grain size. Although the Fatigue Crack
Propagation Rate (FCPR) are much higher in the fine grain material of rim 2 the fatigue lifeis at least equal. The
fatigue crack initiate at typical defects such as shrinkage porosity and inclusions. For constant amplitude loading the
defect size can be defined by a calibrated initial crack length using a simple fracture mechanics model.

ROUE DATTERRISSEUR FRINCIPAL

5 W3 s N WMa

Fig. 4.3.1 Set Up of Mirage Landing-Gear Wheel
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4.3.2 Alloy composition and microstructure

From four rims samples for metallographic analysis were taken. Since three rims showed more or less an identical
chemical composition the results can be summarised into two groups as shown in Table 4.3.1.

Rim No. 1 Rim No. 2
Silver 0.01 24
Aluminium 0.27 0.006
Copper 0.004 0.003
Iron 0.017 0.001
Manganese 0.023 0.016
Silicon 0.007 0.001
Zinc 6.6 0.023
Zirconium 0.005 0.50
Lanthanum 0.30 0.34
Cerium 0.12 0.20
Praseodymium 0.14 0.29
Neodymium 0.38 0.89
Dysprosium 0.001 0.014
Thorium 0.0001 0.0014

Table4.3.1 Alloy Composition of Rim No. 1 and Rim No. 2 Chemical Element Content in %

The significant difference in the silver and zinc content of the two alloys affects some micro-structural features such
asgrain size, inclusions and shrinkage porosity.

Figure 4.3.2 shows the typical grain size and shape of the cast material of rim 1 with an average grain diameter of
about 300 microns. In Figure 4.3.3 a representative area of characteristic defects such as micro voids and shrinkage
porosity is visible. The elliptical voids of the shrinkage porosity are lined up to chains and the average size of a
single void is about 20 by 60 microns. Figure 4.3.4 and 4.3.5 document the grain size and defects of the material of
rim 2. The material containing 2.4 % silver has a 5 to 8 times finer grain and three to four times smaller voids, that
are even dispersed over the sample area.

4.3.3 Fatigue Crack Propagation Rates and SN-Data

The fatigue crack propagation rates were determined according to ASTM E647 standard test method by using CT-
Specimen of 60mm width and 10mm thickness. These investigations were completed by SN-tests to assist the
defect-analysis and fatigue life prediction by using fracture mechanics. Different arrangements of the specimen for
the two rims were selected for the SN-testing.

In Figure 4.3.6 quite a distinct polygonal shape of FCPR datais visible. The spacing between different R values are
not regular as one would expect and what is known from other aloys such as auminium aloys. We believe that
magnesium aloys might exhibit higher scatter due to the hexagona arrangement of the crystal lattice than
aluminium aloys. The FCPR of two loading conditions for constant R conditions, i.e. R = K in/ K max, @and K max
constant DK decreasing as defined in [1] are included in the diagram. The polygons represent the conservative
envelope of the test data and were determined graphically.
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W. A. Herman [2] published about ten years ago the "K 5 constant” testing procedure to determine conservative
FCPR to predict the cyclic life time of structural components and to describe the growth of short cracks. Since such
FCPR [3,4,5] were generated for several aluminium, iron, and nickel-based alloys, it was decided to check the
validity of the approach also for the magnesium aloys. In Figure 4.3.7. an appropriated set of K 5 constant FCPR
is conservatively combined with R constant datafor the MSR-TSM Material of Rim 1 (6.6% Zn).

In the following two Figure 4.3.8 and 4.39 the FCPR of the two magnesium alloys of Rim 1 and Rim 2 are
compared. In Figure 4.3.9. The FCPR of the aluminium cast aloy AlICu4Ti, EN AC-21100, is also included.
Comparing the different FCPR it becomes obvious that grain size and crystal lattice have a significant effect on the
rates. The aluminium cast alloy has the lowest and the fine grained magnesium alloy of 2% silver content the highest
FCPR.

Considering the FCPR one could conclude that the silver containing magnesium alloy would have a shorter fatigue
life compared to the magnesium alloy of rim 1. Asit follows from the SN-data in Figure 4.3.10 and

Table 2 thisis not the case. In contrary the magnesium of rim 1 (6.6% Zn) has a much shorter fatigue life despite the
lower FCPR due to the larger defect size related to the grain size, shrinkage and micro porosity (Figure 4.3.3 and
4.3.5). The fatigue fracture surface of this material is much coarser (Figure 4.3.12) than the one of rim 2 of 2.2%
silver content (Figure 4.3.13).

4.3.4 REM-Fractography and Calibrated Initial Crack Length

In the last set of figures, Figure 4.3.13 to Figure 4.3.2, the result of REM fractography and the defect evaluation by
using simple fracture mechanics models such as half-disk, half elliptical surface cracks and an embedded disk crack.
As demonstrated in [6,7,8,9] for constant amplitude loading it is possible to use fracture mechanics to estimate the
cyclic fatigue life of structural components by a fatigue life calibration, where a fictitious initial crack length is
calculated based on a distinct SN-test under the assumption that the fatigue crack initiation consist mainly of a
simultaneous growth of critical defects as individual short cracks leading to a technical crack length of one to two
mm. Fatigue crack growth of short cracks can be estimated by K o constant FCPR. If the defects are relative large
and contain sharp notches such as e.g. the shrinkage porosity of cast alloys standard FCPR of long crack data can be
used to determine the initial crack length.

Tensile specimen 09 sustained a stress range of 90 MPa at a stress ratio of 0.1 223000 times. Figure 4.3.13
contains the REM overview picture of the fatigue fracture surface and Figure 4.3.14 the detail of the initiation site.
The fatigue life calibration using R=0.1 constant long crack FCPR suggests an initial half-disk crack of 0.414mm
radius. This crack covers most of the area containing the fine dendrite arms. The bright areain the center is probably
an inclusion particle and can be surrounded by an elliptical crack of 0.0834 mm width and a length of 0.36mm. This
dimensions are found by a calibration using the K o constant FCPR.

The next example on Figure 4.3.15 and 4.3.16 shows a typical initiation at a shrinkage porosity. The calibration
based on K . constant FCPR combined with the data of the applied R-ratio of 0.5 determined an initial half-disk
crack of 0.288 mm radius.

In Figure 4.3.17 and 4.3.18 the defect is quite difficult to interpret. It consists of shrinkage porosity. Assuming a
half-disk surface crack and K 5 constant FCPR the fictitious initial crack length becomes 0.055 mm and 0.279 mm
if the long crack constant R FCPR of the applied R=0.1 are considered. A better fit could be obtained by a half
elliptical surface crack with avertical main axesand if K o constant FCPR would be used.

This was done in the last example of the series of rim 1 as shown in Figure 4.3.19 and 4.3.20 where the proposed
initial crack length based on K o constant FCPR and a vertically oriented half elliptical surface crack yields the
best fit for the initial defect consisting out of a mixture of shrinkage porosity and inclusion particles. The half
elliptical crack is0.30 mm wide and 0.38 mm deep. The half-disk crack has aradius of 0.395mm.

The last two examples are fatigue fracture surfaces of the fine grain material of rim 2. Figure 4.3.21 and 4.3.22 show
the REM pictures of the overview and the defect of tensile specimen 2-13 that was subjected to 333000 loading
cycles at a R-ratio of 0.5 and a stress range of 50 MPa. The defect (Figure 4.3.22) is according to the results of the
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microprobe a large zirconium inclusion 0.52 mm by 0.57mm. The half-disk surface crack models of the calibrations
using both type of FCPR data do not fit the bright area of the inclusion site.

Figure 4.3.23 and 4.3.24 are the REM pictures of the fatigue fracture surface of specimen 2-20. The defect is a
shrinkage porosity well embedded in sound material. This defect can be described by a disk crack. The best fit is
obtained by considering the tensile part of the loading and FCPR of R=0.1. The radius is 0.285 mm. Assuming a
R=0.5 long crack FCPR vyields a radius of 0.09mm and the K 5 constant FCPR predict such a radius of only 0.047
mm.

4.3.5 Summary and Conclusion

Zinc and silver are grain size controlling elements of MSR-TSM magnesium sand cast alloys. The content of 6.6%
zincinthealloy of rim 1 lead to a5 to 6 times larger grain than the silver content of 2.4% in rim 2. The roughness of
the fatigue crack surface and the shrinkage porosity depend directly on the grain size. Although the FCPR are much
higher in the fine grain material of rim 2 the fatigue life is at least equal. The fatigue crack initiate at typical defects
such as shrinkage porosity and inclusions. For @nstant amplitude loading the defect size can be defined by a
calibrated initial crack length using a simple fracture mechanics model.
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4.3.6 Figuresand Tables

Fig.4.3.2 Microstructure of cast material of Rim 1 Polished surface was etched 2 sec with 10% HF and
illuminated by polarized light. Magnification 100x (Width of Picture 104mm)

Fig.4.3.3 Typical Defects of cast material of Rim 1 Polished surface was etched 2 sec with 10% HF and
illuminated by polarized light. Magnification 100x (Width of Picture 104mm)
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Fig.4.34 Microstructure of cast material of Rim 2 Polished surface was etched 2 sec with 10% HF and
illuminated by polarized light. Magnification 100x (Width of Picture 104mm)
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Fig.4.35 Typical Defects of cast material of Rim 2 Polished surface was etched 2 sec with 10% HF and
illuminated by polarized light. Magnification 100x (Width of Picture 104mm)
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FCPR of MSR-TSM Rim 1 K,5,=6.11 and R const.

1.00E-05

1.00E-06

1.00E-07

1.00E-08

1.00E-09

1.00E-10

1.00E-11
0.1 1 10 100
Stress Intensity Range DK in MPa(m)O'5

Fig. 4.3.6 Fatigue Crack Propagation Rates of MSR-TSM Rim 1 Material (6.6% Zinc cantent) Loading
Conditions: (1) R = K min/K max = constant, (2) K max= 6.11 MPa (m) °° constant
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da/dN  FCPR of MSR-TSM Rim 1 K,.,=6.1 & R c. linked
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Fig.4.3.7 Fatigue Crack Propagation Rates of MSR-TSM Rim 1 Material (6.6% Zinc content) K =
6.11 MPa (m) ®° const. combined conservatively with R constant
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FCPR of MSR-TSM K,,,=6.1 & R=0.3 Rim 1vs 2
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Fig.4.3.8 Fatigue Crack Propagation Rates of MSR-TSM Rim 1 Material (6.6% Zinc content) compared to
MSR-TSM Rim 2 Material (2.4% Silver content)
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Fig.43.9 FCPR of MSRRTSM Rim 1(6.6% Zinc content) and Rim 2 (2.4% Silver content) compared to
Aluminium Sand Castings AlCu4Ti EN AC-21100
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Fig. 4.3.10 SN-Data of MSR-TSM Rim 1 (6.6% Zn) compared to MSR-TSM Rim 2 (2.4% AgQ)
(Stressrange of R = -1 loading condition: SR = SR effective="? a)

Specimen| Ds R Fat. Life Cycles |Specimen| Ds R Fat. Life Cycles
Rim 1 1-15 E 200 -1 25100
1-12E 108 0.1 192000 1-18 E 200 -1 41500
1-09E 90 0.1 223000 1-19 E 160 -1 214700
1-13E 60 0.5 190000 Rim 2;
1-10E 50 0.5 380000 2-12 E 90 0.1 640000
1-16 E 36 0.7 470000 2-13 E 50 0.5 333000
1-14E 24 0.7 10300000 2-19 E 200 -1 135200
1-11E 30 0.7 17000000 2-20 E 160 -1 5576400

Tab.4.3.2 SN-Data of MSR-TSM Rim 1 (6.6% Zn) compared to MSR-TSM Rim 2 (2.4% AQ)
(Tabulated values of diagram in Fig. 4.3.10 above)
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Fig. 4.3.11 Comparison of Fatigue Fracture Surfaces of CT -Specimen of FCPR Testing

Zn content)

(6.6%

Sand Cast MSR_TSM Material of Rim 1
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Fig. 4.3.12 Comparison of Fatigue Fracture Surfaces of CT-Specimen of FCPR Testing
Sand Cast MSR_TSM Material of Rim 2 (2.4% Ag content)
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Fig. 4.3.13 REM picture of fatigue crack surface of specimen 1-09 of rim 1 loading condition: 1-step
constant amplitude loading (R=0.1, Smax =100 Mpa, Life N =223'000 cycles)
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Fig. 4.3.14 Detail of Fig. 4.3.13 fatigue crack initiation of specimen 1-09 at inclusion particle (bright area
surrounded by fine dendrites and shrinkage porosity)
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Fig. 4.3.15 REM pictureof fatigue crack surface of specimen 1-10 of rim 1 loading condition: 1-step
constant amplitude loading (R=0.5, Smax = 100 Mpa, Life N = 380'000 cycles)
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Fig. 4.3.16 Detail of Fig. 4.3.15 fatigue crack initiation of specimen 1-10 at a typical site of shrinkage
porosity)
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Fig. 4.3.17 REM picture of fatigue crack surface of specimen 1-12 of rim 1 loading condition: 1-step constant
amplitude loading (R=0.1, Smax =120 Mpa, Life N=192'000 cycles)

Fig. 4.3.18 Detail of Fig. 4.3.17 fatigue crack initiation of specimen 1-12 at atypical site of shrinkage
por osity)
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Fig.4.3.19 REM picture of fatigue crack surface of specimen 1-13 of rim 1 loading condition: 1-step constant
amplitude loading (R=0.5, Smax =120 Mpa, Life N = 190'000 cycles)

Fig. 4.3.20 Detail of Fig. 4.3.19 fatigue crack initiation of specimen 1-13 at a typical site of shrinkage por osity)
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Fig.4.3.21 REM picture of fatigue crack surface of specimen 2-13 of rim 2 loading condition: 1-step constant
amplitude loading (R=0.5, Smax =120 Mpa, Life N = 333'000 cycles)

A¥n WD39

Fig. 4.3.22 Detail of Fig. 4.3.21 fatigue crack initiation of specimen 2-13 at a large zirconium inclusion (bright
area) some oxides and shrinkage por osity are also apparent.
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Fig. 4.3.23 REM picture of fatigue crack surface of specimen 2-20 of rim 2 loading condition: 1-step constant
amplitudeloading (R=-1, Smax =80 Mpa, Life N =5'576'400 cycles)

Fig. 4.3.24 Detail of Fig. 4.3.23 fatigue cr ack initiation of specimen 2-20 at a shrinkage porosity well
imbedded in sound material lead to a long fatigue life
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44 ACTIVITESFOR HAWK MK 66 FLEET
(I. Kongshaven; SF / P. Arebo; SF)

4.4.1 Introduction

The Swiss Hawk Mk 66 fleet consists of 19 aircraft, in-use as ajet-trainer since 1989. The Hawk was designed
using a‘Safe Life’ approach, and this philosophy hasbeen fully adopted initsfirst 10 years of service. A Fatigue
Index (FI) is calculated to compare Swiss usage to results from the Life Extension Fatigue Test (LEFT), currently
on-going at British Aerospace (BAe€) in England.

FI values for the wing, fin and tail plane are calculated on an annual basis to closely monitor Swiss usage. The Fl is
calculated from usage data measured by the Electronic Structural Data Acquisition (ESDA) Systeminstalled in
every aircraft, see Figure 4.1.1. This system consists of an accelerometer to measure the vertical acceleration (Nz),
aswell as astrain gauge each at a critical location on the fin and on the tailplane. Such close monitoring of the fleet
allows areduction in the safety factor used in the FI calculation from 5 for an unmonitored fleet, to 3.33 for fleets
which are monitored, thereby increasing the cleared servicelife. In order to optimize those parameters which are
most representative for the FI calculation of each component, a sensitivity analysis and revision was carried out in
1998 and the FI re-evaluated for all years between 1989 to 1998.

4.4.2 Revision of the Hawk Mk 66 Fatigue Index Calculation

On the acquisition of the Hawk aircraft for the Swiss Air Force, a fatigue monitoring methodol ogy was established
to ensure the structural integrity of the Swiss Hawk Mk 66 fleet. This methodology outlines how to track the
expended fatigue life of the aircraft through component tracking with the ESDA (Electronic Structural Data
Acquisition System) and the calculation of an Fl.

For the centre fuselage, wing, fin and tailplane, an FI each is calculated using the ESDA data. Thefirst calculations
were performed using parameters provided by BAe, primarily intended for the Hawk T. Mk 1. The initiative was
therefore taken to revise and optimize the Hawk FI calculation based on Swiss Hawk Mk 66 specific parameters and
recalculate the FI values for the years 1989-1997.

The improvements to the FI calculation (FIC) method have been performed according to the following schedule;

4.4.3 Schedule of the FIC Revision

Step 1. Preparation of basic information [Concluded end of March 1997]
Step 2: Software revision [Concluded end of August 1997]
Step 3: Parameter revision [Concluded end of October 1997]
Step 4: Re-evaluation of flight data 1989-1997 [Concluded end of April 1999]
Step 5: Final documentation [Concluded end of June 1999]

Thefirst step of the FIC revision aimed at reviewing the BAe FIC procedure, in order to integrate the experience
from the OLM, Full Scale Fatigue Test (FSFT) and its sequel the Life Extension Fatigue Test (LEFT). The recorded
strain sequences from these fatigue tests and the OLM serve as a reference loading to which the in-flight measured
loading is compared. A correlation can be made between the design life and the monitored data, to indicate how
much of the available safe life has been consumed.

A further important part of the first step of the FIC revision was a thorough calibration of the strains measured by
the ESDA system for fin and tailplane including a verification of the strain gauge parameters and aircraft weight for
different configurations and at different fuel states. Additionally, the strain to load factors for the componentsfin
and tailplane were verified through load calibration tests. The parametersin the wing strain to load transfer function,
which is based on the Nz sequence and weight of the Hawk aircraft, were also optimized. For this purpose, two
aircraft were fitted with wing strain gauges and monitored for approxi mately 250 [FH].

For the calculation of an FI, not only knowledge of the structural response and the measurement system is required.
Itisalso vital to be familiar with the loading of the different components. Therefore, studies into empennage



4/25

vibrations supported by flight measurements were launched. The result was to compensate for fin and tailplane
vibrations outside the ESDA measuring range by an overall factor on the respective FI consumption.

Asimportant as using the right input sequence from flights and tests in the FIC, is knowing the true material
behaviour. Thus, SF carried out its own material testing of the aluminium alloy 2014-T651 used in the Hawk
empennage. Based on these material tests, new empennage S/N matrices were developed for fin and tailplane. BAe
also supplied new S/N matrices for the centre fuselage based on the LEFT.

One goal in the second step of the Hawk FIC revision was to introduce a new stress model specifically developed
for the centre fuselage. Previously, the Fatigue Index for the centre fuselage was calculated indirectly by that of the
wing and therefore omitted important fatigue loading induced from refuelling, inertiaand changesin altitude. The
centre fusel age stress model developed by SF is shown below and consists of three parts:

s(» aconstant from the pre-loading of the structure and centre fuselage fuel tank pressurisation

Sfuel (t), avariable accounting for the effect of theinertiaforces of the fuel in the centre fuselage fuel tank. The
loading of the tank floor depends on the fuel level and the current Nz.
SNz (t) isafunction of Nz alone.

S(t) = sp + Srual(t) + Sne(t)

In the third step of the Hawk Mk 66 FIC revision, the following revised parameters were introduced into the Fl
calculation:

Centre fuselage:
The model parametersfor the centre fuselage stress program, for instancethosein the function
determining the pressure at the tank bottom, wer e validated in flight testsin 1997 and
introduced together with the new S/N matrix for the centre fuselage.

wing:
The new parametersin the wing stress model, for instance those deter mining the Nz
dependency, were introduced in the FIC software. These optimized parameters were found to
reduce the calculated wing skin stresses by 15% to 30% depending on configuration.

Fin:

The correction factor on the FI consumption rate to account for the effect of fin vibrations was introduced.
Also for the fin, anew S/N matrix from SF material tests was adopted for usein the FIC.

Tailplane:

Asfor the fin a correction factor on the FI consumption rate was introduced in the FIC to account for the effect
of vibrational tail plane loads impossible to measure with the ESDA system. Additionally, anew S/N matrix
developed for the tail plane based on SF material tests was included in the FIC.

In the fourth step of the FIC revision, anew evaluation of all collected flight datafrom 1989 to 1997 was performed
with the optimized input data. During the re-evaluation, the LEFT component sequences were introduced as the new
references for the FIC. The following results were obtained:

The Fl recalculation for the centre fuselage produced very high FI values which confirmed the information
received from other fleet managers and BAe. This component is clearly heavily influenced from the fuselage
fuel tank pressure and inertialoads.

The wing FIC showed low consumption rates. Due to the similarity between the Nz spectrum for the Hawk Mk
66 with the reference spectrum from the LEFT, the calculated FI values represent well the Swiss Hawk usage.
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The fin FI values calculated for 1989 — 1997 are very low. The reason for the low FI consumption rates for this
component isthe too severe reference spectrum from the LEFT .

For the tailplane, the FIC also produces very low consumption rates. Not only our experience however, indicate
that the tailplane isfatigue critical. The reason for the low FI consumption rates are that the reference spectrum
from the LEFT does not include vibration loading whereas the Swiss tailplane spectrum is vibration dominated.

A second phase in the monitoring of the Swiss Hawk Mk 66 has begun, in which the Safe Life approach is being
better adopted to a Swiss specific fatigue life monitoring concept. Knowledge of in-service experience by other
usersis being used to introduce modifications that will extend the life of the centre fuselage, at |ocations affected by
fuel system refuelling, inertiaand changes in altitude loads.

In addition, we now know vibration loading in the empennage to significantly affect the fatigue life. The wing Fl
consumption rate is therefore not representative of the remaining life of the empennage. While the ESDA system
captures the damaging 20Hz vibrations, damaging 70Hz and 90Hz vibrations are filtered out. A Swiss specific
tailplane inspection concept is now being developed for critical locations, which will ensure Swiss Mk 66 fleet
safety, coupled with Swiss specific modifications that will optimize the lifetime usage of the fleet.
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Fig. 4.4.1 TheElectronic Structural Data Acquisition System (ESDA) used for loads history recording on
Hawk Mk 66
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4.5 SERVICE EXPERIENCE OF TIGER F5E/F
(M. Nievergelt; SF/ A. Uebersax; SF/ A. Oswald; SF/A. Gasser; SF)

The 101 Tiger F-5E/F aircraft are the largest fleet of the Swiss Air Force. A comparison of fatigue damage taking
into account the current amount of flight hours, as well as a spectra comparison with other users show that the
Swiss F-5 usage is one of the most severe.

The following three subject describe major incidentsin the period 1997-1999:

4.5.1 15% Spar Wing to Fuselage Attachment Bolt Failure
Incident

On March 13. 1997 the Fatigue Engineering Group was informed about the failure of aleft hand side 15% bolt of an
F-5F aircraft. The failure location was in the transition radius region of the threaded bolt extension. The failure of
the bolt occurred at some unknown time during service. A thorough failure analysis was initiated by the Swiss
Aircraft and Systems Company.

Since a failed 15% Spar Wing to Fuselage Attachment Bolt could result in the loss of the wing under certain flight
conditions, subsequent loss of the aircraft and possible loss of the crew, the incident was considered to be highly
safety critical.

An initial examination of the bolt fracture surface revealed evidence of a fatigue induced failure. Since there was no
indication of the bolt failure being specifically due to in-service usage or inadequate maintenance of this particular
arcraft, it had to be assumed that the whole fleet could possibly be affected by this type of failure. It was therefore
decided to ground all aircraft until both 15% bolts had been replaced. At the same time, SF sent an information
package about this safety critical incident to the F5 Technical Coordination Group in order to inform all ~5 users
worldwide.

During the replacement and subsequent Non Destructive Testing of all 15% bolts, a total of 5 damaged bolts were
found. One of these bolts failed completely during the removal-process. A very low applied torque caused the total
fracture of the bolt. Damage on the remaining 4 bolts was detected by Non Destructive Testing.

Bolt Function

The main wing loading including the wing torque is transferred through 4 bolts, see Figure 4.5.1.
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15% WING TO FUSELAGE
ATTACHMENT BOLT

Fig. 4.5.1 Arrangement of 4 bolt on wing

The 15% spar bolt, Figure 4.5.2 is installed in a fixed position with regard to the wing. It is radialy held by a wing
integrated bushing. Axially it is held by athreaded bolt extension that is engaged within abarrel nut. On the fuselage
side, a spherical bearing is axialy held within the bulkhead bore by two snap rings. The bearing is free to slide
axially on the bolt. The main loads for the 15% spar bolt are therefore vertical and lateral forces and the thereby

resulting bending moments.
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Fig. 4.5.2 Detail of bolt
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Failure Investigation

The fatigue crack surface of the bolt Figure 4.5.3 is typical for parts with pre-cracked surfaces subject to a bending
load. Therefore a crack must have initiated first around the whole circumference of the bolt before penetrating into
the core. On the surface of the bolt, beach marks can be seen due to fatigue crack growth. The beach marks are
horizontal lines, therefore indicating the presence of a bending moment caused by vertical loads.

Fig. 4.5.3 Fatigue crack surface of cracked bolt

The fatigue cracks initiated within the Nickelplated surface in the transition radius region. The fatigue crack
originated in machining grooves that had a sharp radius.

Moreover, the brittle Nickel-layer shows multiple cracks penetrating into the steel matrix. Corrosion pits are also
found. Further on, the Phosphorus content measured within the Nickel plating causes tensile internal stresses within
the plating, seefigure 4.5.4.

Fig. 4.5.4 Multiple cracks penetrating into steel matrix
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Only one bolt shows a continuous grain flow at the thread indicating a rolling process according to requirements
specified on the drawing. The other 4 bolts indicate a cutting process without rolling.

Conclusions and Actions

This incident shows clearly that the failure of the transition-radius section of the 15% bolt might have a severe
impact on flight safety.

Because the failed section does not carry primary loads, neither a static analysis nor a Damage Tolerance
Assessment had been performed by the aircraft manufacturer. However, the failure allowed axia slippage such that
the bolt is completely out of position, causing the total loss of the bolts primary function.

All failures or damages of the 15% bolts are clearly due to fatigue. In all bolts, crack initiation took place within the
brittle Nickel-plating, favored by sharp tool marks and corrosion pits at the critical transition radius.

Only 1 out of 5 bolts showed rolled threads according drawing specifications. The transition radius was far less than
the 0.05 inches specified on the drawing. The electroless Nickel-plating process caused a brittle Nickel layer.

The Time Replacement Schedule according to aircraft manufacturer’s technical orders requests replacement of the
15% bolts every 1200 flight hours. SF reduced the replacement interval to 600 FH for the Swiss F5 fleet and
applied the same reduction for the technical orders.

Subsequently, the aircraft manufacturer developed an improved design of the bolt.

4.5.2 Horizontal Stabilizer Actuator Support Fitting

Incident

On August 27. 1998 the Fatigue Engineering Group was advised by the Technical Coordination Group (USAF) to
perform a sample inspection on the Horizontal Stabilizer Actuator Support fitting (HSAS), see figure 4.5.5. After
three cracks have been detected, SF decided to have all aircraft checked before the next flight. The inspection
revealed about 25% of the aircraft with cracked fittings.

Fitting Function

The fitting is mounted on both sides in the aft fuselage and introduces the actuator loads into the surrounding
fuselage structure.

Fig. 4.5.5 Arrows show Horizontal Stabilizar Actuator Support fitting
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Investigation

Three different crack types were found: Two on the lower fitting (LO1, LO2) and one on the upper fitting (UP1),
Figure 4.5.6. Although cracks of 2.5 inches were found on the location LO1, see Figure 4.5.7, no failure of the
fitting occurred. It seems that a significant amount of internal stress is introduced by an improper fit of the fitting's

outboard flange with atitanium profile.

Fig. 4.5.6 Detail of Horizontal Stabilizar Actuator Support fitting

The performed fractographic analysis for the location LO1 (Figure 4.5.7) revealed pure fatigue cracking.



4/32

Fig 4.5.7 Location of cracksorigin of LO1
Redesign

Without any spare parts available and an urgent need to get the arcraft airworthy again, SF was assigned to
manufacture these fittings for the Swiss F-5E/F.

The FEM-model based on the 3D-solid-model for the original fitting showed stress concentrations in the same
locations where the cracking originated. Therefore the decision was made to head for a geometrical redesign of the
part.

Material Change

The materiel of the original fittings was a die forged 7075-T73 aluminum alloy. To reduce the lead times and keep
the costs down, plate material was to be used as a replacement of the die forged material. After an analysis of fatigue
strength data, the aluminum alloy 7075-T7351 was sel ected.

A fractographic analysis of the grain flow in some particular locations of the original fitting revealed the benefit of
aforged part as minor or even not existent.

Geometrical Redesign

The geometrical redesign included beef ups of high stressed regions and a smoothened geometry in the regions of
high stress concentrations (stiffness-gradients). Additional geometrical changes were introduced for a better fit in the
structure.

The redesign was statically verified by FEM. The stress level in the critical section was decreased by 40%. The
overall stiffnessin the loading direction of the fitting was increased by only 12%.
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Damagetol er ance assessment (DTA)

There was no loading spectrum available. The performed DTA is therefore based on an artificial spectrum (matched
with the design limit load conditions and with added vibration cycles). Calculations were made for the original as
well asfor the redesigned fitting, in order to get relative results.

The stress distributions in the uncracked fitting were taken from the FEM with the corresponding design load case.
The improvement of the crack initiation life was evaluated by S-N curves.

Results:

Increase of crack initiation life at least by afactor 5

Increase of crack growth life at least by afactor 2.4

Dueto the better overall fit of the fitting to the surrounding structure, less supplementary stresses are introduced

A coupon test program was performed to verify the analysis. A set of 3’ 3 specimen was tested to account for the
effects of the material change and the stress reduction. The results showed that the performed crack growth
calculation for the redesigned fitting is too conservative. With an adjusted analysis the CG life of the redesigned
fitting will increase even more.

Fleet

The redesigned fittings are not installed preventively. The replacement is performed on aircraft with cracked fittings
only.

Three aircraft are currently flying with the redesigned fitting. The production of 30 shipsets is in progress and
installation is ongoing.

4.5.315% Inboard Spar Cracks
Incident

The critical location is covered (figure 4.5.8) in the fatigue relevant maintenance technical orders of the aircraft
manufacturer. The Swiss F5 are initially inspected at 1800 flight hours according to a damage tolerance analysis
based on Swiss usage data. The majority of the Swiss F-5 already passed thisinspection with no damage ever found.
Only one single minor crack indication - that disappeared after a soft polishing - was observed on an aircraft in a
subsequent inspection at 2400 flight hours.

On November 26. 1998 the Fatigue Engineering Group was informed about a crack exceeding 9 mm, found during
the 2400 FH inspection.
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Fig 4.5.8 Critical locatin on 15% Inboard Spar

After the findings of 3 other aircraft with comparable cracks at the same location, SF decided to check all aircraft
with more than 1800 FH within a week. During this inspection, 27% of the hole fleet was found with cracked spars.
Wings with cracked spars are withdrawn from further flight service. Due to load transfer, the wing lower skin below
the crack in the spar is subject to higher than normal stresses. Continued loading of this wing location could result in
secondary damage in the wing lower skin being a highly safety and maintenance critical part of the F-5.

Spar Function
The wing torque box consists of the wing lower skin, the wing upper skin and 6 spars located between 15% and 44%

of the aerodynamic chord. The 15% spar itself consists of 5 spliced parts, a center section, left and right inboard
section and left and right outboard section.
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Fig. 4.5.9 Structure of F5 wing inboard box

The main loading on the wing torque box, Figure 4.5.9 is the wing bending moment as well as the wing torque
moment. The bending moment is taken by the skins acting as tension/compression components and by the spars
mainly acting as shear transferring components. However, the spars are subject to the wing deformation and the
flanges are tension / compression loaded comparable to the wing skins. In addition, 15% Inboard Spar extensions act
as attachments for the Leading Edge Extension and as hard points for the trailing edge flap actuators.

The 15% Inboard Spar is machined from a forging oriented in such a manner that the longitudinal grain direction is
optimized for the spar extensions parallel to the direction of flight. The grain flow is therefore orientated in the
transverse direction with regard to the direction of tensile stresses. A flange step down and a spar extension act as a
two dimensional stressraiser at the cracked cross section.

Conclusions and Actions

Because fast crack growth rates in excess of 20 mm per 150 FH, the recurring inspection intervals had to be reduced
significantly.

The cracked 15% Inboard Spars reduced the Swiss F5 fleet availability and more findings are expected in the
future. In addition, the replacement of the part requests a significant amount of effort and spare parts have drastic
lead times. This combination would have resulted in along term fleet shortage that would not have been acceptable.
SF therefore decided to develop atemporary repair solution to overcome the period to a replacement of the part.

The primary goal of the repair was to compensate the strength and stiffness lost due to the crack within the spar so
that the wing lower skin overload decreased to an acceptable value. In addition no structural degradation of the
structure due to the application of the repair itself was permitted.

This goal was achieved by applying atapered steel strap onto the wing lower skin. (Figure 4.5.10)
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Fig. 4.5.10 Repair with tapered steel strap

Because the steel strap’ s length was limited by aerodynamic and geometrical requirements, the load introduction had
to be designed and assessed very carefully. A damage tolerance analysis based on Swiss usage data was performed
for the critical locations. The life of the temporary repair is limited by one of the fastener holes. Even under worst
case assumptions, the fastener hole must be economically repairable after the repair’'s planned service life has
expired.

The temporary repair for cracked 15% spars significantly increases the Swiss 5 fleet availability during the next
two years. Future findings of cracked 15% spars can easily be repaired in the same manner. The final replacement of
the sparsis planned and has to be finished before the expiration of the temporary repair’s servicelife.
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4.6 F/A-18 SWISS SRUCTURAL INTEGRITY PROGRAM
(M. Guillaume; SF / M. Gottier & A. Kuo; Engineering Consultants)

4.6.1 Swiss F/A-18 ASIP Study

During the evaluation of a new fighter aircraft for the Swiss Air Force, the Swiss Defense Procurement Agency
commissioned Boeing to perform an Aircraft Structural Integrity Program ( ASIP) study to determine the F/A -18
structural parts which need to be modified to fulfill the Swiss service requirements. The static service requirement
consists of a 9g symmetric limit load factor and a 6g asymmetric limit load factor applied to a higher average
aircraft weight as the design weight of the United States Navy F/A-18. The Swiss service life criteria requires two
life times of crack initiation (Cl) life and two life time of crack growth (CG ) life. One Swiss service life equals
5000 flight hours. The fatigue spectrum, which was the base for these requirements, consists of a design load factor
exceedance curve and a point in the sky/configuration (PITS/ Config) usage criterion provided by the Swiss. The
eight pointsin the sky defined by Mach number and altitude are combined with eight configurations. These pointsin
the sky are determined for the average aircraft usage in contrast to the three points in the sky, representing the most
severe aircraft usage. A more detailed description of the Swiss service life criteriais provided in reference [10].

The ASIP study performed at Boeing, revealed that the Swiss fatigue spectrum is at least two to three times more
severe than the USN design spectrum, i.e. the Swiss Cl-lives for the fatigue critical parts of the F/A-18 are two to
three times shorter, than those of the USN. The reason is related to the proximity of the training area from the base,
which eliminates almost the entire cruise time and therefore increases the percentage of the maneuver type of

training per the total average sortietime.

Despite the more severe Swiss service requirements, it has been shown by the ASIP, study that the F/A-18 has
structural growth potential: Only 5 structural parts required a major modification by changing the material from
auminum to titanium. However, the majority of the F/A-18 structure met the more severe Swiss service
requirements with local structural modifications such as changing radii, increasing thicknesses of local areas,
changing fastener types or improving holes by cold working or by installing interference fit fasteners. Table 4.6.1
shows the different types of structural changesfor the major structural parts.

A total of 833 analyses have been performed during the ASIP study: 187 Static analyses, 528 Cl analyses and 118
CG analyses. The majority of the structural changes were due to the Swiss fatigue requirements (see ref. [10]). The
analytical fatigue method used to perform the ASIP study is based on fatigue test data from the USN FSFT. The
method is described in detail in reference [11].

As mentioned before, the biggest number of structural changes were performed by improving fastener holes.
Literature revealed that, a life improvement factor (LIF) of 3 can be taken into account by cold working a hole or
installing an interference fit fastener. However, in some locations of the Swiss F/A-18, a LIF of 5 was needed to
meet the Swiss fatigue requirement. This is the reason why a combination of cold working the hole prior to the
installation of a interference fit fastener or a so called close tolerance interference fit fastener has been chosen.
During the ASIP study, a coupon test program was conducted in order to verify the required LIF of 5. In chapter
4.6.2 an overview of the performed tests will be provided and a summery of the test results will be given.
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4.6.2LIF Test for Close Tolerance Holes for each spectrum

During the Swiss F/A-18 ASIP study a fatigue life improvement factor (LIF) of 5 was used to represent the
beneficia effects of cold working fastener holes prior to the installation of interference fit fasteners. Thisis a factor
of 1.67 over the LIF of 3 used for standard interference fit fasteners.

In order to verify this additional LIF of 1.67 , a coupon testing program was conducted during the ASIP study using
3 different specimen configurations and two different spectra. The configuration of the specimens consists of double
shear lap coupons with two (2), four (4) and six (6) fasteners and are shown in Fgure 4.6.1. The reason for the three
types of specimen was to determine which effect the ratio of bearing stress to through stress may have on the fatigue
LIF (table 4.6.2). The coupons were tested with two randomized spectra of different severity . The test matrix is
shownintable4.6.3.

Early testing revealed very long fatigue lives for specimens with only interference fit fasteners. This was the
reason why a control specimen of the same configuration without cold worked holes and interference fit fasteners
was tested. The fatigue life of this coupon was 140 times shorter than the fatigue lives of the previously tested
specimens with interference fit fasteners. It shows that this was due to high levels of fastener interference in the
specimens.

In order to induce earlier failure of the specimens, it was decided to increase the reference load for both spectra by
approximately 20%. Al1l testing was performed until either failure of the specimen occurred or 350'000 SFH was
reached. The test results for each spectrum are summarized in Figure 4.6.2.

It can be concluded that the combination of a cold worked hole and an interference fit fastener resulted in fatigue
LIFs which are between 4.75 and 9.55 (for details see table 4.6.4 ). These LIFs are all well above the desired LIF of
1.67 and therefore, the usage of a fatigue LIF of 5 in combination of a cold worked hole with an interference fit
fastener versus a hole without any fatigue improvement has been validated by these tests.

In addition, it reveals that most of the holes have a high interference due to the hole diameters, which were
manufactured close to nominal dimensions resulting in a LIF, which is much bigger than 3 for a interference fit
fastener hole versus an unimproved hole.
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4.6.3 Application of Close Tolerance Holesin Production

The F/A-18 wing is composed of six major elements: the inner wing box, the outer wing box and four control
surfaces (Figure 4.6.3). The inner and the outer wing boxes are highly loaded structural components consisting of
several spars and ribs and one upper and one lower carbon-epoxy main box cover. Mechanical fasteners are used to
attach the wing cover skins to the spars and ribs. The majority of the fasteners in the lower wing cover skin area are
bolts with an interference fit whereas the upper wing cover skin fasteners are screws with a clearance fit.

In order to fulfill the Swiss fatigue requirements, most of the lower wing cover skin fastener holes have to be
improved, i.e. in addition to the already existing LIF of 3, another factor of 1.67 was needed to achieve the LIF of 5.
This improvement was accomplished by cold working the fastener holes prior to the installation of the interference
fit fasteners. It revealed however, that this procedure was not practicable in the inner and outer wing box due to the
inner metallic structure/carbon-epoxy wing cover skin combination: a fastener hole in a inner metallic part could not
be cold worked through the composite skin due to the high risk of delamination of the composite structure. Cold
working of all fastener holes with the wing cover skin removed was not possible either because of growth of the
inner metallic structure. The reason for rejection of this procedure was based on a test performed on a spar. It
revealed that after cold working the entire row consisting of approximately 120 fastener holes, the spar grew by at
least one fastener diameter. As a consequence of this result, the fastener holes of the inner metallic structure would
no longer aligne with the holes of the wing cover skin. This was the reason why a solution with close tolerance
interference fit fasteners has been chosen for fastener holes where LIF of 5 was needed. Based on the results from
the test program described in chapter 4.6.2, Boeing reduced the manufacturing tolerances of holes with interference
fit fasteners by 0.001 inch.

The new tolerances of the interference fit fasteners are shown in table 4.6.5.

In order to be able to manufacture these tighter tolerances, Boeing had to improve the hole drilling process of their
automatic drilling system. In addition, each hole had to be checked using a diatest digital ball measuring device
(BMD). This device showed a much better precision than the mechanical ball gauge device and in addition, all1
measured data was stored and used for statistical process surveillance.

Tralling Eage Flap
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Inboard Leading —-"f

Edge Flap
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% Exdge Flap

Fig . 4.6.3 Wing elements of F/A-18 including flops and inner/outer torsion box
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4.6.4 Implementation of Swiss modificationsin production

The implementation of the Swiss modifications into the production line was a major task for the manufacturers of
the F/A-18 aircraft, i.e. The Boeing Company and Northrop Grumman. Many changes in their process
specifications, work instructions and tooling were needed. Among all these changes, specifically one required a lot
of effort until the required quality could be meet; these are the interference fit fasteners with tight tolerances (see
chapter 4.6.2 and 4.6.3). Each drill tooling needed to be modified in order to meet the requirement of the close
tolerance holes. Especially the process of the automatic drilling machine had to be analyzed and additional tests
were necessary to improve the system. In order to meet the more demanding requirements, it was also necessary to
change the hol e diameter measurement device due to the inaccuracy of the old device.

During production several problems also occurred: Mainly gaps between different structural parts of the wing,
which could lead to a fatigue problem due to local fastener bending were an issue. This was the reason why an in
depth analytical investigation was performed and new manufacturing standards had to be created. Based on these
results the tolerance for liquid shimmed gaps was increased in some structural areas.

During manufacturing, other structural defects such as misoriented platenuts, short edge distances of end fastener
holes in fatigue relevant parts and escaped fastener hole improvements were revealed. Most of these
nonconformances occurred at the beginning of the Swiss production and corrective actions took place. However, a
few of these nonconformances could not be corrected in early aircraft production and detail fatigue analyses were
therefore needed for those aircraft. These analytical investigations revealed that most of these defects still meet the
Swiss crack initiation requirements.

Despite of these positive results, it was decided to have some of these nonconformances built into the FSFT article.
Based on this decision it will be possible to test the different configurations due to structural deficiencies of the
Swiss F/A-18 fleet in the FSFT.

4.6.5 SWissFSFT

In the summer of 1998, the Swiss Defence Rocurement Agency (DPA) commissioned the Swiss Aircraft and
Systems Company (SF) to perform a full scale fatigue test (FSFT) on the Swiss F/A-18 al/c. In order to perforrn this
test in a most economical way with the most state of the art test set up and equipment, SF decided to team with
IABG, atest and analysis center in Germany.

The goalsto be achieved by the Swiss F/A-18 FSFT are asfollows:

A basis of a safe operation of the Swiss F/A-18 fleet combined with a most economical maintenance program shall
be established: the total fatigue life of critical components will be determined. In addition, inspection intervals
established by analysis and inspection methods will be validated. Furthermore repair designs which occurred during
the FSFT will be verified.

The redesigned Swiss F/A-18 structure based on the analytical approach used in the ASIP study shall be verified and
validated: first the Swiss fatigue requirements of 10,000 service flight hours (SFH) of crack initiation , 10,000 SFH
of crack growth and the residual strength load of 1.2 * By have to be proven. Second the fatigue lives of those
structural parts, which do not meet the Swiss redesign requirements, will be determined by test and validated. Third,
the analytical approach used to redesign the Swiss F/A-18 structure will be verified, i.e. the pegging procedure
described inref. [11] will be verified by proving following relationship:

Analytical ClI life/ Cl life determined by test = constant
Inthe ASIP study it was assumed that this relationship would be true for the USN and the Swiss design spectrum.

The Swiss FSFT program will be performed in the time frame between 1998 and 2004. These 6%z years are broken
down in three major time periods with following mile stones:
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- Summer 1998 - Start of pretest activities:
To assemble the FSFT article,
To define adetailed test concept, the test master event spectrum (MES) and fatigue relevant load cases,
To carry out acoupon test program to verify the test MES,
To convert FE datafrom CGSA/ CASD into NASTRAN/ PATRAN models and
To build up afull FEM for the F/A-18 aircraft to support the FSFT.

- Fall 1999 - Start of test set up phase:
To develop the test load spectrum and to set up the flight by flight test program,
To determine the inspection concept and
To build the mechanical test setup including equipment installation.
- Spring 2002 — Procurement and installation of test set up and performing of strain surveys.
- Fall 2002 - Start of test performance:
To simulate the 10,400 test hours and to perform inspection based on the reguirements of the inspection
concept.

- Endof 2004 - End of test phaseI:
The test should have been accomplished in a successful manner and at this time the data from the inspections
during test should be processed.

The FSFT will be performed with the Swiss design spectrum, which was used for the ASIP study to define the
structural modifications. However, in order to reduce the number of load cases for the FSFT, it was necessary to
perform an extensive study to determine a test MES program. Chapter 4.6.6 describes the procedure to define this
test master event sequence. The loading test set up is defined by means of a "push-pull” actuator system, which has
aready been applied successfully in FSFT of other fighter aircraft.

4.6.6 Development of Test Master Event Spectrum

The development of a master event spectrum (MES) for testing is one of the early activities specified in the Swiss
F/A-18 FSFT program.

Each event in a MES is defined by a combination of an aircraft configuration and a point-in-the-sky (PITS). The
loads on an aircraft are affected by these combinations. There are 25 combinations of PITS and configuration in the
Swiss F/A-18 design criteria. During the Swiss F/A-18 ASIP study, the number of PITS/ Config combination was
reduced from 25 to 11 equivalent combinations. The fatigue analysis of the ASIP study and the subsequent analysis
to support manufacturing are based on these 11 PITS/ Config combinations. Therefore, the fatigue lives predicted by
the 11 PITS/ Config will serve as the basis of developing a simplified MES suitable to the FSFT (see Figure 4.6.4).
The reason to perform this task is related to the amount of fatigue loads relative to each PITS/ Config combination:
the number of fatigue loads data increases with increasing the number of PITS/ Config combinations. For the ASIP
analyses, fatigue loads were generated only for 17 selected locations in the F/A-18 airframe and for 11 PITS Config
combinations. However, for the FSFT fatigue loads of the entire aircraft need to be generated. The effort to generate
fatigue loads for the entire aircraft for the 11 PITS/ Config will be enormous. This is the reason why it is necessary
to reduce the number of combinations of PITS/ Config in the MES to a manageable one for the FSFT while
maintaining the fatigue damage within £ 10% in terms of crack initiation (Cl). It is to mention that ClI is the primary
fatigue design criterion for the F/A-18 aircraft.
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Fig. 4.6.4 PITS/Conf combinations for Design MES

The development of the test MES was carried out in two steps:

1

A reduction of PITS/ Config combinations was performed by comparing loads of the wing root location
for those PITS/ Config combinations causing major fatigue damage. Using this approach, three MES were
generated with a computer program for 11, 8 and 6 PITS/ Config as a starting point. Three Wing Root Bending
Moment (WRBM) spectra were then created based on the MES of those PITS/ Config combinations. Based on
these stress spectra the crack initiation (CI) lives were afterwards determined for the most extensively used
material in the F/A-18 aircraft, i.e. titanium material, aluminum 7050 material and aluminum 7075 material.

The results are presented in Figure 4.6.5. The fatigue lives are normalized to the design spectrum consisting of
11 PITS/ Config combinations. It revealed that further adjustments of combining PITS/ Config was necessary

leading into a second step with more detailed investigations in modifying the distribution of PITS/ Config
combinations.
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2. The procedure mentioned above was used to determine the CI lives at eight different locations of the F/A-
18 aircraft for 6 PITS/ Configurations combinations with different distributions. The selected eight locations
represent loads in the major components of the airframe.

Several iterations were necessary in order to achieve the goal for the test MES spectrum with 6 PITS/ Config
combinations

Based on this extensive analytical study the following conclusions can be drawn:

A test MES for the FSFT was created with 6 PITS/ Config combinations (see Figure 4.6.6) meeting the + 10%
Cl lifecriterion at all eight fatigue relevant locations of the F/A-18 aircraft.

A reduction of PITS/ Config combinations based on one material can result in an erroneous MES. All major
materials used in the airframe should therefore be included in the investigation.

The influence of each PITS/ Config on the load/ stress of the various major components in an airframe is
significantly different. Thus, the PITS/ Config reduction study should include a number of locations whose
load/ stress can be representative of the major components.

Some PITS/ Config have a small percentage of usage, but have an major influence on the load/ stress of some
locations. These PITS/ Config must be identified and included in the MES to meet the goal of the intended CI
life criterion.

The analytically determined test MES has to be verified by a coupon test program using specimens made of all
major materials of the aircraft and different spectrawith different stresslevels.

PITS/ Conf Combination
Test MES: MES6B5
40000 1
Zone 1:
C1l: 17.19%
30000 G1l: 7.63%
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5 20000 0.7/ 15000 0.9/ 15000
3 Zone 3:
g @ L C3: 20.31%
D3: 3.40%
10000 )
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0 .
0 0.2 0.4 0.6 0.8 1 1.2
Mach Number

Fig. 4.6.6 PITS/Conf Combination for Test MES
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4.6.7 Coupon Test

The Swiss Test MES was developed for the FSFT by reducing the number of PITS/ Config combinations without
changing the number of events. Based on an analytical approach, the number of combinations were minimized while
maintaining the crack initiation (Cl) life within atolerance range of + 10%.

In order to qualify this Test MES program for the FSFT, a verification by a coupon test program was deemed to be
necessary. The goal of the coupon tests is to compare the Swiss Design Spectrum with the Swiss Test Spectrum.
This comparison will be accomplished based on the Cl life. The Cl life is defined as the fatigue life for the initiation
of a0.01 inch crack

Becauseit isvery difficult to detect such asmall crack, the following procedure will be used in thistest program:
Thetest specimenswill be cycled until a crack isautomatically detected by an eddy current probe. Then the test will
be continued p to failure while measuring the crack propagation with an optical device. The CI life is later
determined by subtracting the crack growth (CG) life from the tested fatigue life. However, the CG life had first to
be backtracked by analysisto aninitial crack size of 0.01 inch.

The test specimens are finite width specimens with a¥inch centered open hole (see Figure 4.6.7).

In order to keep the number of specimens in a manageable size, a selection of parameter was required, resulting in
the test matrix shown in table 4.6.6.

Fig. 4.6.7 Coupon Test Specimen for MES Testing

It is to mention, that each location represents a typical major structural assembly of the F/A-18; i.e. location A with

the wing root bending moment spectrum (WRBM) represents the inner wing and location B with the center fuselage
bending moment spectrum (CFBM) represents the center fusel age.
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The coupon test program is in the progress of being accomplished. A first draft of processing data from the Al 7075
material coupons shows promising results. However, detailed data processing and analytical work is still ahead. An

example of thistask for the crack growth investigation is shownin Figure 4.6.8.

Table4.6.1
Type of Structural | Major Structural Part
M odification Structural
Assembly
Change of Material | Center Carry Through Bulkheads at FS 453, FS470.5, FS488
(from Aluminum to Titanium) | Fuselage L/H and R/H Upper (Dorsal) Longeron between FS383 -
FS557.5
Local Geometrical | Center Bulkhead at FS383
Modifications Fuselage Former at FS508
Dorsal Deck between FS383 - FS557
L/H and R/H Upper Outboard Longeron between FS453 -
FS557.5 L/H and R/H Lower Outboard Longeron between
FS445 - FS557.5 Fuel Barrier Web between FS453 -
FS557.5
Inner Wing | L/H and R/H Lower and Upper Splice Fitting
L/H and R/H Wing Spars
L/H and R/H Win Closure Rib, Kick Rib, Fold Rib
Outer Wing | L/H and R/H Front Spar
L/H and R/H Fold Rib
Fatigue improvement method: | Forward
- Change of Fastener, Fuselage
- Cold Working, Center
- Interference Fit Fastener Fuselage
- Interference Fit Fastener and | Aft
Cold Working Fuselage
- Close Tolerance Interference
Fit Fastener Inner Wing
Outer Wing
Table4.6.2
Type of Specimen
L oad Ratio 2 Fasteners 4 Fasteners 6 Fasteners
KiSbrg/ KiSthru Bearing only 2.03 1.06
Table4.6.3
Type of I nterference Fit Cold Working & Interference Fit
Spectrum 2 Fastener | 4 Fastener | 6 Fastener | 2Fastener | 4 Fastener | 6 Fastener
Spectrum #1 10 10 10 10 10 10
Spectrum #2 10 10
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Table4.6.4
Spectrum #1 Spectrum #2
2 Fastener 4 Fastener 6 Fastener 2 Fastener
Improvement Factor 4,75 8.11 6.03 9.55
Table4.6.5
Nominal Fastener Current F/A-18 Swiss F/A-18
Size[inch] Dlameter Hole Size | InterferenceFit | Hole Size | Interference Fit
[inch] . .
[inch] [inch]
1/4 2490 - .2495 | .2450 + .0030 | .0010 -.0045 .2445 + .0025 .0020 - .0050
- .0000 -.0000
5/16 .3115-.3120 | .3075 +.0030 | .0010 -.0045 .3075 +.0020 .0020 - .0045
- .0000 -.0000
3/8 .3740 - .3745 | .3700 +.0030 | .0010 -.0045 .3700 + .0020 .0020 - .0045
- .0000 -.0000
Table4.6.6
Al 7075 Material Al 7050 M aterial Ti Material
Type of Spectrum Stress Stress Stress Stress Stress Stress
Level 1 Level 2 Level 1 Level 2 Level 1 Level 2
WRBM Design: | 3 3 3 3 3 3
Location A
WRBM Test ol 3 3 3 3 3 3
Location A
CFBM Design ol 3 3 3 3 3 3
Location B
CFBM Test 13 3 3 3 3 3
Location B

Specimennumber TEID-T5-11

ClI. §B30FH

CT: SERerH

Fig. 4.6.8 Crack Growth Result of Coupon Testing
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4.7FA-18 FINITE MODEL INVESTIGATION FOR FULL SCALE TEST PROJECT
(M. Guillaume; SF/ B. Bucher; SF/ M. Godinat; SF/W. Stein; SF)

During the past three decades finite element analysis (FEA) has become an increasingly powerful tool for many
technical or scientific applications. Computers, solvers and pre/post processing software have become more reliable,
faster, and much more user friendly. FEA methods were employed in the development of the F/A-18 structure more
than twenty years ago. Now SF is in the preliminary phase of an F/A-18 Full Scale Fatigue Test (FSFT) for the
Swiss F/A-18 where FEA methods will again play amajor role.

4.7.1 FEA for the SwissF/A-18 FSFT

FEA is an important tool for the Swiss F/A-18 Full Scale Fatigue Test. Finite element (FE) models generate internal
loads that can be used for subsequent stress and fatigue analysis. One of the many advantages of FEA methods over
hand cal culated methods of years past is the determination of primary load paths within the structure as a function of
the relative stiffness of each of the structural components. All load carrying stringers, stiffeners, bulkheads, frames
and skins will be reflected in the internal loads FE model. For a subsequent local stress analysis the stress analyst
will have to decide, depending on the stress gradient, whether it would be necessary and beneficial to create a detail
stress model with a finer mesh (more elements) or employ p-element formulation that would be more accurate for
the location under consideration. SF's primary FEA tools for the Swiss F/A-18 FSFT are MSC/Patran/Nastran. This
software package provides the full functionality of a state of the art FEA software package.

4.7.2 Fatigue Loads versus Test Rig L oads, Fatigue Analysis

For the Swiss F/A-18 FSFT, SF will select a set of fatigue load cases which represent the design usage of the aircraft
(alc). SF will take into consideration different PITS/CONFIG combinations as well as symmetric and asymmetric
flight maneuvers at different normal and roll accelerations. Combined aerodynamic and inertia loads will be applied
to the F/A-18 FE model as sets of balanced fatigue load vectors on select FEM node points. The fatigue loads are
distributed over the whole a/c and represent net load pressure distributions. Test loads on the other hand will be
coarsely distributed. This requires the SF stress analysts to investigate very carefully the local impact of whiffle tree
load introduction into the test article. For each load introduction point proof of structural integrity must be
performed. SF will implement this analysis first on static load and stress assessment utilizing M SC/Patran/Nastran
and then on a fatigue analysis which is based on the CI89 crack initiation software procured from Boeing St. Louis.
For fracture and maintenance critical parts selected crack growth analysis may be performed with the CG93
software procured from Boeing. M SC/Fatigue software was tested in 1998 at SF during the evaluation phase on a
crack growth specimen.

4.7.3 Detail Stress Analysisfor the F/A-18 FSFT

The internal loads FE model for the Swiss F/A-18 FSFT will be a baseline model for al subsequent stress and
fatigue analysis. For more detailed stress and fatigue analysis local mesh refinement may be necessary. For local
investigation a part of the structure may be isolated and interface loads or displacements may be applied as boundary
constraints in order to perform a more detailed analysis. For load independent analysis SF employs reduced stiffness
matrices which are extracted from and applied to a structure with Nastran ASET and GENEL cards, respectively.

The Boeing software Specgen can be used for local spectrum development for select locations in the structure with
little stress gradient. During the Swiss Aircraft Structural Integrity Program (ASIP) study the sa0508 FEM baseline
configuration was used to determine local stress spectra in the CTR/AFT portion of the F/A-18 fuselage. The
reference stress for Specgen isretrieved from the most severe design load case for this particular location.
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4.7.4 The Baseline FE Model for the Swiss F/A-18 Full Scale Fatigue Test

For the Swiss Full Scale Fatigue Test SF will base the stress analysis on a baseline FSFT FE model. This baseline
FE model is derived from Boeing FE models which were used for internal loads analysis. Extensive conversion and
verification procedures were performed on the forward fuselage, the LEX, the inner and outer wing box, the
leading/trailing edge flaps, and the aileron. Former Boeing data had to be converted from CGSA/CASD (Boeing
FEM Software) to MSC/Patran/Nastran. The CTR/AFT fuselage and the Vertical Tail FE models were created by
Northrop Grumman as Nastran models and used for the Swiss ASIP Study, see Figure 4.7.1. Those FE models
required little modification.

Considerable effort will be expended to generate balanced load sets by defining Nastran Force and Grid card files
that can be applied directly to the baseline FE model. The loading distribution will be adjusted at specific locations
where remeshing of component models was necessary. SF anticipates working with a full baseline FE model with
coarse FE dummy structures included. The final decision whether SF will proceed with a full or half model will be
influenced by the computer graphics adapter performance of our IBM WS 43P-150 computers.

With a full model, symmetric and anti-symmetric boundary conditions along the A/C plane of symmetry could be
omitted, balance checks could be more efficiently performed, and the test set up would be simplified and easier to
visualize. The test rig is anticipated as a coarse FE model. The test cylinder loads from the loading program will be
applied to the whiffle tree FE model and redistributed to the a/c baseline FE model. The model will be statically
constrained coincident with the test article constraint system.

The M SC/Patran/SuperModel software allows balance checks relative to any reference point. Also, graphical display
of bending, shear and torque distribution can be plotted along any reference line. With this tool verification of

applied fatigue load input is readily performed.

F/A-18 C/D
SA0508 FE Model

Figure4.7.1 Swiss F/A-18 Nastran / Patran Center / After fuselage FE model
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1 METALS
1.1 FATIGUE BEHAVIOUR OF NOTCHED AND UNNOTCHED MATERIALS

1.1.1 Some Investigations on the Effect of Corrosion on the Fatigue Life of a High-Strength Al-Alloy
R. Bochmann, DA-LM

All tests were carried out using flat specimens with K; =1.0 cut from a 50 mm thick plate of 7075-T7351. The effect of
corrosion on the fatigue life was investigated with pre-corroded specimens. These specimens were exposed for 168 h to a
salt-fog of 3.5% salt solution at 35°C. Significant corrosion attack was observed after this exposure. FALSTAFF load
spectrum was applied for the fatigue testing. The fatigue life degradation of the pre-corroded specimens compared to the
base material isshown in Fig. 1.

A few samples were used to get information about a possibly more realistic corrosion scenario experienced in service. These
specimens were first fatigue loaded for a pre-determined number of flights. Subsequently they were exposed to the corrosion
environment as described above and finaly fatigued until failure. The results in Fig. 2 indicate a not necessarily expected
behaviour. The fatigue life to failure after exposure to corrosion seems to be independent of the initial fatigue loading.
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Fig. 1: Effect of corrosion on the fatigue life of 7075-T7351.
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1.2 LOW CYCLE FATIGUE

1.2.1 Fatigue Testing of Thermal Barrier Coatingsfor Turbine-Blades under Realistic Testing Conditions
M. Bartsch, G. Marci, K. Mull and C. Sick, DLR-WF

Thermal barrier coatings (TBC) on components with inner cooling have a high potential with respect to higher turbine gas
temperatures and hence reduced fuel consumption of turbine engines. To exploit this potentia the coatings must however
reliably withstand the extreme thermal and mechanical fatigue loading conditions in the turbines. Failure of the TBC at
increased gas temperatures would lead to failure of the whole component.

Demonstration of TBC's reliability requires realistic testing, to make sure that lifetime determining mechanisms under
testing conditions are the same as in rea engines. Therefore a therma gradient mechanical fatigue (TGMF) testing
equipment was developed, which allows simultaneous mechanical and thermal loading, including thermo-shock [1, 2]. For
heating, the radiation of four bulbs is focused on the specimen by elliptical mirrors. Sliders with integrated vents for cold air
simulate the rapid cooling conditions of thermo-shocks, Fig. 3. Inner air-cooling of the hollow cylindrical specimensimplies
higher temperatures within the TBC than in the metallic substrate, Fig. 5. The strain in the TBC is imposed by the
deformation of the metallic substrate.

The loading test-cycle was selected on the basis of a standard flight of an civil airliner with start, cruise and landing cycles,
Fig. 4. The thermomechanical load is adjusted under the assumption that the metal blade or specimen substrate determines
the thermomechanical loading conditions imposed on the TBC. Therefore thermomechanical load level is regulated by
matching the life of a specimen without TBC to the life of a rea turbine blade. The TBC-lifetime for different service
conditions will be determined.

lamp mirror

sliders

heating cooling

Fig. 3: Radiation heating system and dliders with integrated air-cooling to simulate thermo-
shock conditions.
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simulating one flight cycle.

1.2.2 Influence of New Ti-Al Coatings on Fatigue Life of Ti-Alloys
C. Leyens, DLR-WF

Titanium alloys are prone to oxidising atmospheres due to the formation of non-protective, mixed oxide scales as well asthe
embrittlement of the subsurface zone. In order to expand the useful lifetime and even improve the high temperature
capabilities of titanium alloys for aeroengine applications, researchers at the German Aerospace Center (DLR) have
developed oxidation resistant coatings based on the binary Ti-Al system [3], which have proven to considerably decrease
the mass gain after exposure as well as to prevent the embrittlement by penetration of oxygen and nitrogen. Furthermore, the
coatings beneficially influenced the ductility of the base alloy after long-term exposure [4] and improved lifetime under
creep conditions [5]. Probably most importantly, constant strain fatigue tests at R.=0 of Ti-Al coated TIMETAL 1100 at
600°C reveded that the fatigue behavior was not significantly affected by the use of the coating systems, Fig. 6. In fact for
4um thin magnetron sputtered multilayer and gradient Ti-Al coatings the fatigue data was identical with that obtained from
the uncoated base material. Although an improvement of the fatigue resistance would be highly desirable from an
engineering standpoint, it was probably the first time that coating systems on titanium alloys were shown not to degrade the
fatigue properties of the substrate material [6]. Ongoing research is focussed on further improvement of the environmental
resistance of the coating systems by the addition of ternary and quaternary elements and their impact on the fatigue behavior
of the base alloy.
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Fig. 6: Maximum strain vs. cycles to failure for uncoated and
Ti-Al coated TIMETAL 1100 at 600°C in air.

1.2.3 TheEffect of Environment on the L ow-Cycle Fatigue Behaviour of a Near-g Titaniumaluminide at High
Temperatures
F.O.R. Fischer, H.J. Maier and H.-J. Christ, Uni-Si

Near-g titaniumaluminides are promising candidate materials for various components in advanced gas turbine engines, as
these alloys possess excellent weight-specific properties. In recent years much work has been directed towards improving
the low ductility and poor fracture toughness of gTiAl a ambient temperature. As gTiAl aloys move closer to
implementation, reliability under high-temperature service conditions is a key issue. Titanium aluminides, however, suffer
from poor oxidation resistance. Environmental degradation might thus restrict the use of gTiAl for high-temperature
components. Research addressing environmental effects on the high-temperature fatigue behaviour is till rather limited.

The material studied had a nominal composition of Ti-47Al-2Nb-2Mn (in wt-%). To improve low temperature ductility the
material contained 0.8 vol.-% TiB,. For fatigue testing smooth cylindrical specimens with a gauge length of 14 mm and a
gauge diameter of 8 mm were machined from investment cast and hot isostatically pressed material. After heat treatment a
duplex microstructure resulted. Prior to fatigue testing the gauge sections were electropolished to eliminate surface flaws.
The fatigue experiments were performed under isothermal test conditions in fully reversed total strain control using a
triangular wave-shape. The test temperature was varied in the range from 500 to 750°C, and the strain rate was kept constant
at 3 x 10° s, Environment degradation was studied in fatigue tests run in air and high-vacuum (p<10" hPa), respectively.
Fatigue testing was done both under symmetrical push-pull conditions, i.e. R, =-1, and at R, =0.1. The latter tests allowed to
assess the effect of mean stresses on fatigue life. Scanning electron microscopy (SEM) was employed to identify the
relevant damage mechanisms. The evolution of the microstructure was characterized by transmission electron microscopy
(TEM).

Fatigue behaviour was found to be drastically different below and above the brittle to ductile transition temperature, which
is about 650°C for the alloy studied. At temperatures below 650°C, rapid initial cyclic hardening followed by a pronounced
cyclic saturation state was observed. In tests run a 700 and 750°C cyclic softening dominated the cyclic stress-strain
response. The cyclic stress amplitude for a given strain amplitude did not change much over the temperature range studied.
However, fatigue life was found to increase by an order of magnitude if the temperature was increased from 500 to 700°C.
Similarly, fatigue life was increased by at least an order of magnitude in high-vacuum as compared to tests run in air. The
test results obtained in vacuum and air, revealed that the environmental effect on fatigue life was maximum at a test
temperature of about 600°C.

At temperatures above the brittle to ductile transition temperature, large environmental effects are expected resulting from
the poor oxidation resistance of the alloy. SEM indicated that at T 3 700°C athick titanium-rich oxide layer forms, Fig. 7. It
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is concluded that the fatigue properties are degraded as crack initiation and early crack growth are eased in the oxygen-rich
embrittled subsurface layer that was formed underneath the non-protective outer oxide layer.

If the test temperature is lowered, oxidation Kinetics is reduced and an increase in fatigue life should result. However, at a
test temperature of 600°C, i.e. slightly below the ductile to brittle transition temperature, oxidation resistance was still rather
poor. Initiation of small cracks was promoted by the oxide layer formed, and rapid crack propagation in the brittle material
resulted in drastically reduced fatigue life as compared to tests run in high-vacuum. Consequently, environmental
degradation is most pronounced at a temperature of about 600°C, where the material already behaves in a brittle manner and
oxidation is dtill rapid. Fig. 8 quantifies the effect of environmental attack and mean stress on cyclic lifetime for this
temperature.
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1.2.4 High-Temperature Deformation Behaviour and Damage M echanisms of the Near-a Titanium Alloy IMI 834
S. Hardt, P. Pototzky, H.J. Maier and H.-J. Christ, Uni-Si

The high-temperature fatigue and creep behaviour of the near-a titanium aloy IMI 834 was studied at temperatures up to
650°C. Thistitanium alloy was developed primarily for rotating components in the compressor part of jet engines. Initially,
an upper service temperature of 600°C was envisaged for IMI 834. In some applications, however, the aloy is already used
for high-temperature components were temperature excursions reach about 650°C. In order to identify the relevant damage
mechanisms and their influence on fatigue life, fatigue tests were carried out under isotherma and thermomechanical
conditions. The test program under isothermal conditions involved continuous cycling, dwell tests with hold periods in
tension and compression, and asymmetrical strain-time cycles. All fatigue tests were carried out under true plastic strain
control, with the exception of the tests containing hold periods.

If the maximum temperature does not exceed 600°C, planar dislocation dlip prevails and similar microstructures are formed
regardless of the test temperature and the testing mode in the fatigue test. Wavy dislocation dlip was found to determine
stress-strain behaviour when the maximum temperature was higher than 600°C. Independent of the test temperature, rapid
initial cyclic softening was observed in all fatigue tests, Fig. 9. Initial cyclic softening was followed by moderate cyclic
hardening at lower test temperatures up to 400°C. At intermediate temperatures cyclic saturation behaviour was found. At
high test temperatures of 650°C the bimodal microstructure of the aloy, which is recommended by the manufacturer, was
unstable throughout the fatigue tests. The coarsening of silicide precipitates and the disintegration of lamella boundaries
resulted in continuous cyclic softening at 650°C.

Generally fatigue cracks initiate rapidly at planar dlip bands that intersect the surface. As temperature is increased, oxygen
diffusion into the matrix becomes important and a brittle subsurface layer is formed. Thus, environmental degradation
becomes the dominant damage mechanism when the test temperature was 600°C or higher. Fatigue cracks initiated and
propagated easily in the brittle oxygen-enriched layer. Thus, the fatigue cycles containing the highest tensile stresses led to
the lowest fatigue life. This is shown in an exemplary fashion in Fig. 10, where fatigue cycles containing hold periodsin the
compressive part of the cycle yield the lowest number of cycles to failure. This was also found to be true for
thermomechanical fatigue tests as shown in Fig. 11, where out-of-phase tests were much more detrimental than in-phase
tests.
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Fig. 9: Cyclic stress response of bimodal IMI 834 at different test temperatures and
De,/2= 0.2%. Plastic strain rate was 8 10 s* in each test.
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1.2.5 Thelnfluence of Hydrogen on the M echanical Properties of b-Titanium Alloys
A. Senemmar and H.-J. Christ, Uni-Si

Titanium alloys are well-established for applications in the aerospace industry due to the combination of their high strength,
their low density and their excellent corrosion resistance. However, the applicability of titanium alloys is strongly restricted
because of to their hydrogen susceptibility which can lead to serious embrittlement effects. On the other hand, b-titanium
alloys as a special class of titanium alloys are considered to be quite insensitive against hydrogen embrittlement because of
their high hydrogen solubility as compared to a and a+b titanium alloys. However, only little information exists on the
influence of hydrogen on the mechanical properties of b-titanium aloys.

The objective of the present study is to investigate the effects of hydrogen on microstructure and to characterize the changes
in mechanical properties of b-titanium alloys. For this propose three different commercial b-titanium alloys were tested after
being exposed to various hydrogen concentrations. The materials studied are the metastable alloys Ti 21S and Ti 10-2-3 as
well as the stable b-alloy Alloy C (Ti-35Cr-15V). The mechanical properties were characterized by means of tensile tests,
fatigue tests under total strain control, fatigue crack propagation tests and Charpy impact tests. It was found that hydrogen
has an influence on the microstructure of Ti 21S and leads to a reduction of the mean size of the a-precipitates, in
combination with a slight decrease on the volume fraction of the a-phase. The results of the fatigue tests on this alloy (Ti
219) indicate that hydrogen reduces the strength and extends the cyclic lifetime of the alloy, whereas in the stable b-titanium
Alloy (Alloy C) hydrogen leads to an increase of the strength and a decrease of the lifetime under cyclic loading conditions.
Fig. 12 represents cyclic deformation curves of Ti 21S at a total strain amplitude of De/2=1.5%. The hydrogen was
introduced into the material during the solution treatment (871°C, 2h) from the gas phase. Subsequently ageing at 538°C for
8h was carried out. Fig. 13 shows cyclic deformation curves of Alloy C at De/2=1.5%. There again, hydrogen was
introduced into the material during solution treatment (815 °C, 2h) from the gas phase. The fundamental difference in the
effect of hydrogen is mainly attributed to the hydrogen related microstructural changes.
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Fig. 12: Cyclic deformation curves of Ti 21S, hydrogen charged during solution
annealing and subsequently aged.
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1.2.6 Effect of Pre-Deformation on the Cyclic Deformation Behaviour and the Microstructure of Particle-
Strengthened Ni-Base Superalloys
K. Schoéler and H.-J. Christ, Uni-Si

In most cases engineering materials undergo a (thermo-)mechanical pre-treatment in order to optimize their mechanical
properties or just during the production process. Therefore, the influence of such a pre-history on the subsequent cyclic
deformation behaviour is of particular interest. Unfortunately, the effects of a pre-deformation depend on several parameters
and influence the macroscopic mechanical properties and the microstructure in a complex way. Especially for materials with
planar-dip behaviour a monotonic pre-deformation leads to a reduction of the cyclic life and shifts the cyclic stress-strain
curve to higher values.

The dependence of the cyclic deformation behaviour and cyclic life on the pre-history was studied on polycrystalline Ni-
base superalloys (Nimonic 75 and Nimonic 105) in three characteristic precipitation conditions (precipitation-free, peak-
aged and over-aged). Cyclic deformation tests were carried out in the temperature range from RT to 800°C under true
plastic strain control with superimposed control of the plastic strain value at zero stress. This so-called bimodal control
keeps the plastic strain amplitude (at zero stress) constant in spite of changes in Young's modulus. Monatonic pre-
deformations were carried out at RT under total strain control up to given total tensile strains ranging from 1 % to 8 %.

Under most conditions a pre-deformation causes an increase of the resulting stresses, a pre-damage and leads to a reduction
of cyclic life. However, in certain cases a small pre-deformation was found to act beneficial and increase cyclic life, Fig. 14.
For the precipitation hardened Nimonic 105 this can be attributed to pre-deformation-induced changes of the microstructure.
During subsequent cyclic loading at high temperatures with low plastic strain amplitudes slip bands once formed remain
active and lower the resulting stresses and strains.

In order to describe the effects arising from a mechanical pre-history, a new pre-deformation parameter was developed and
applied. This pre-deformation parameter was calculated from damage parameters resulting from tests with and without pre-
deformation. Its value correlates with the dependence of the cyclic deformation behaviour on the pre-history. It was found
that the dependence on pre-history increases with decreasing test temperature, increasing degree of pre-straining, decreasing
plastic strain amplitude and increasing hardening effect of precipitates. Furthermore, it could be shown that for planar dip
materials the value of the pre-deformation parameter correlates with the inverse normalized cyclic life in a wide field of
deformation conditions, Fig. 15.
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1.3 CRACK PROPAGATION AND FRACTURE MECHANICS

1.3.1 A CTOD Approach to Assess Stable Tearing under Complex L oading Conditions
C. Dalle Donne, DLR-WF

An engineering approach for assessing the ductile fracture of cracked thin structure based on the ds crack tip opening
displacement (ctod) is presented in [7, 8]. Standard laboratory tests and experiments with biaxially loaded cruciform
specimens, Fig. 16, of 6 mm thick 2024-T3 sheets showed that the ds-R-curves were reasonably independent of specimen
geometry and applied loading conditions over almost the entire testing range. This was aso found for inclined pre-cracks
(mixed-mode 1/11) and small cracks emanating from notches under biaxial loading. Only negative biaxial loading ratios,
which lowered dramatically the constraint of plastic deformation ahead of the crack tip, led to an apparent increase of crack
resistance. These constraint effects could however be quantified by a second parameter based on the linear elastic T-stress.
The driving force was estimated with the Engineering Treatment Method (ETM), which required only the stress intensity
factor and plastic limit load solutions of the considered structure as well as the material stress and strain power law as input
parameters. Close agreement of ETM predictions to the experimenta load versus ds relationships or |oad-displacement
curves can be achieved, if the proper plastic limit load solution of the cracked structure is available.
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r o | o
! O O
2w I
F p— —
O —= & — O
codg} ds 60 ds O = eod - — O ||
TEaOﬁ 4w e 2W| -=——> T .
P 0= =0
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W=50 and 100 mm v O O W=150 mm
a,/W=0.6 _ e l @) ay/W=0.3
M(T) specimen '
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mode | notched mixed-mode mixed-mode notched
cruciform spec. cruciform spec. cruciform specimen
R=35 mm a,=0.42 mm R=35 mm

a,=0.3 mm a,=0.3 mm

Fig. 16: Specimen configurations. The drawings in the lower right part of the figure show the cracked central part of
the cruciform specimens.



5/15

2 WELDED JOINTS

2.1.1 Fatigue Assessment of Aluminium Weldments
U. Brandt, C. M. Sonsino, LBF

In this study, local approach and fracture mechanics concepts were used to predict the lifetime of aluminium weldments for
a wide range of stress concentration factors. The fatigue behaviour of 5 and 25 mm aluminium-alloy butt weldments with
full and incomplete penetration was investigated, Fig. 17. Such design details are found in different structures like truck
frames, vessels, railway body-shells etc. Strain controlled fatigue tests of the 5083 aluminium-alloy base and 5183 weld
metal were carried out to determine their cyclic material properties. Crack growth rate measurements were performed using
center crack tension (CCT) specimens. Weldments with and without incomplete joint penetration (1JP) were fatigue tested
under constant amplitude axial loading for stress ratios of R=0 and -1. The fatigue life of the tested specimens was predicted
using an analytical model which considers the lifetime to crack initiation and the crack propagation. As example, the
comparison of the experimental and predicted lifetime of the 25 mm weldmentsis shown in Fig. 18 and Fig. 19.

b. Butt weld with JP

40 p—20mm L0 RD
/ "54 0 =3225 / " %Kg—SW
{ Ki=14 s |p =0.Tmm
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a. Butt weld without /P
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Fig. 17: Butt weldments with and without incompl 2eotoejoi nt penetration (1JP).
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Fig. 18: Predicted crack propagation lifetime for 25 mm
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weldments with incomplete joint penetration.
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2.1.2 Fatigue Performance of Friction Stir Welded Butt Joints
C. Dale Donne and G. Bialas, DLR-WF

The friction stir welding (FSW) technique is a novel solid state joining process. It was developed by The Welding Institute
(TWI) as an derivative of conventional friction welding processes. A friction stir butt weld is produced by plunging a
rotating tool into the facing surfaces of the two plates, Fig. 20. The cylindrical tool consists of a shoulder and a pin
emerging from it. As the rotating pin moves along the weld line, the material is heated up by the friction heat and stirred by
the rotating pin in a process similar to extrusion. Since the temperatures are well below the melting point, problems as-
sociated with the liquid/solid phase transformation, such as porosity, solidification cracking, shrinkage and distortion are
avoided. Therefore even high strength aluminium aloys like 2024 or 7075 which are generally considered as ,, difficult to
weld" with standard welding procedures can be joined with limited lossin joint strength.

Microstructural, mechanical and corrosive properties of FSW butt joints in 4 mm thick 2024-T3 were presented in [9, 10].
The sheets were joined on a milling machine using two types of proprietary tool designs (tool A and optimised tool B).
Compared to the 2024-T3 base material following mechanical properties of the FSW joints were obtained:

joint ultimate strengths of over 400 MPa or 80 % ultimate strength of the base material, with a maximum value of
432 MPa (87 %) for the optimised stirring tool

better or comparable fatigue crack propagation behavior, Fig. 21

fatigue strength amplitudes at 10" cycles ranging from 50 MPa to 100 MPa for the optimised tool in the as welded
condition, Fig. 22

higher or comparable crack resistance curves (R-curves) in terms of crack tip opening displacement

Currently FSW butt joints of 1.6 mm thick 2024-T3 are tested. The mechanical properties are even better than the ones of
the 4 mm thick material. Ultimate joint strengths of over 90 % of the base material ultimate strength are obtained. The S-N
data of the FSW-specimens tested in the ,,as welded" condition fall in the base material scatterband [11].

Investigations on the corrosion properties revealed a certain sensitivity of the 2024-T3 joints to intergranular and exfoliation
corrosion.
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Fig. 20: Schematic of friction stir welding of butt joints. Fig. 21: Crack propagation rates in the friction

stir welds produced with the tool A.
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3 FATIGUE LIFE ASSESSMENT

3.1.1 A New Stress Damage Parameter for the Fatigue Lifetime Prediction
|. Bazios and H.-J. Gudladt, UniBw-M

Recently fatigue life predictions based on the accumulation of fatigue damage have received great attention. Especially for
random fatigue loading various stress damage parameters have been developed to predict lifetime quantitatively by using an
analytical concept. In general, there are two kinds of models: the first based on a global damage parameter and the second
based on the formation of fatigue cracks propagating during the fatigue test. A stress damage parameter of the first type was
proposed by Smith, Watson and Topper [12] and called Pgyr-parameter. The second type of parameter was proposed by
Heitmann et a. [13] and labelled Zs-parameter. In the first case, neither the notch geometry nor the size of the specimen has
been taken into account. In order to estimate the influence of the specimen size on the fatigue life, a new stress damage
parameter, Py, has been developed [14]. It is based on the Pgyr-parameter and includes the stress integral [15].

Fatigue tests have been undertaken with rolled AA6009-specimens with a central bore-hole (K=3) under constant amplitude
loading. In Fig. 23 the stress amplitude is plotted against the crack initiation lifetime. A DC-potential drop method has been
used for the determination of this lifetime. It was previously shown, that cracks with a length of at least 250 nm are
detectable with this technique. It is clearly visible in Fig. 23 that the fatigue life prediction correlates very well with the
experimental data, if the Pg-parameter is used. Similar results have been found for random fatigue tests, as shown in Fig. 24.
In this case, two different damage accumulation models (e.g. Miner as well as Manson) were taken into account. The stress-
lifetime curve calculated with the new damage parameter Pg correlates favourably with the 50% failure probability data, if
the Miner damage accumulation model is used in the model.



5/18

100 150
K=3,R=0,1
. = —+— exp. Data
g P N —h o ) —— Miner
S SWT_ | % =, " 109:50%90% Manson
[— 0% 50% 90% x i
o RS
< : ) |—ﬂ< U)
100
Zd PSI . . . P
Zd - sl
‘ —+— exp. Data
30 . ' 80
10° 10 10° 10° 10 10 10° 10° 10’ 10°
crack initiation lifetime [cycles] crack initiation lifetime [cycles]

Fig. 23: Experimental constant amplitude stress versus  Fig. 24: Experimental random loading stress versus life
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rameter predictions. rameter predictions.

3.1.2 Lifetime Prediction of Particulate Reinforced Aluminium Alloys under Cyclic Loading Considering the
Statistical Size Effect
W. Berger, J.Bar and H.-J. Gudladt, UniBw-M

The statistical description of fatigue test data is necessary for a lifetime prediction of components. The standard specimen
fatigue data is transferred to actual structure on the basis of the statistical size effect concept [15]. Further the stress
conditions in the crack initiation region of the structure as well as the statistical distribution of the crack initiating defectsin
the material must be taken into account. Here the applicability of lifetime prediction models, which are based on a single
crack initiating defect population, to metal matrix compositesis investigated.

At the first glance, the assumption of a single crack initiating defect seems to be invalid for such a material [2], because of
the heterogeneous structure and the variety of possible crack initiators, such as particle clusters, particle free areas and shots
[16].

Metallographic examination of the extruded, aluminium oxide reinforced 6061-alloy showed a strong scatter in the particle
volume content and an alignment of the particles in the extrusion direction. Further, cavities and non-metallic inclusions
with diameter of up to 0.5 mm where found. The tests were carried out on a servohydraulic testing machine with smooth and
notched specimens under uniaxial, stress-controlled cyclic loading until final failure of the specimens.

First, a statistical analysis is performed. On the basis of a Weibull distribution, the life lines for different probabilities of
failure in double logarithmic S-N-diagram are described with the Basquin-equation s>N" = const.. This equation enables the
transformation of the unnotched specimen data to a constant cycle number N = const.. Now, the transformed stress values
are presented as a cumulative frequency and analytically described with the general scatterband function:
é n g U

Pos(S o) =1 098 ZE2m= 2 o
g8 ¢ A gf
The value Z=S/S, represents the ratio of the stress integrals of notched and unnotched specimens. The fit and the fit
parameters are shown in Fig. 25.

For the life-prediction of the notched specimens the stress integrals of the respective specimen-geometry have to be
calculated and have to be included in the scatterband function. This is done with the analytical solutions for stress integrals
of cylindrical specimen according to Bohm [17]. The stress values predictions for the respective cycle number and for a
given probability of failure Pg (10, 50 and 90%) are obtained by a transformation of the general scatterband function. The
test data and the predicted life-lines for 10, 50 and 90% are presented in Fig. 26. The elastic-plastic notch stresses were
calculated with the finite element method. The transformation of the maximum principal stress by the surface stress integral



5/19

1,0 500
P = '
<
09l e
2 a0
08| S
2
° 0,7} o 300
5 =
L_‘E 06} IS
S o5t a
- g
= 04l @ 200|\egeries c061/41,0,
Ei s test data out of plastic calcuiation
o 03} g and prediicted scatterband-function
o Material 6061/AI,0, g @ unnotched specimen
02| notch-radius 2 mm c A notchradius 2 mm
Sv=2422 5 )
w notch-radius 0,4 mm
01f k=2125 g
0,0 I O(9| P R T R R T g 100+
210 220 230 240 250 260 270 280 10" 10° 10° 10’
maximum principal stress at the notch [MPa] cycles to failure
Fig. 25: Statistical data fit of notched specimen data Fig. 26: Predicted stress versus life lines with scatter-
(notch radius 2 mm). bands.

leads to good results and is always conservative. Consequently the fatigue life of simple components of metal-matrix-
composites can be predicted with this approach.

3.1.3 Dent Assessment Guideline: A Method to Assess Dentsin Fuselage Skins Regar ding Dur ability
B. Schmidt-Brandecker, DA-HAM

In frame of the improvement program for the Structural Repair Manua (SRM) of al Airbus models DaimlerChrysler
Aerospace Airbus (DA) developed a method which allows to assess dented fuselage skins by a simple approach. The aim of
the method is to determine the fatigue life (durability) of the fuselage skin damaged by a dent. Based on the fatigue life
factored by a sufficient scatter factor it can be decided whether a repair of the damaged area is necessary and when the
repair has to be carried out.

The factored fatigue life is determined by a simple equation. A so-called basic factored fatigue life was defined for fuselage
skin containing a dent with exactly defined details such as location, geometry, material, geometry of the dent, etc. The effect
of deviating details can be easily assessed by determining factors considering the effect of the differences between the
unique and the basic situation. The factored fatigue life THD for the unique dent is calculated by the following equation:

THD = THDpagc X STD X DED x MAD x RID x LOD +TID 2
with:
THDpesc: factored fatigue life of exactly defined geometry, loading and material

STD: influence of the skin thickness

DED: influence of the depth of the dent

MAD: influence of the skin material

RID: influence of location of adjacent riveting in relation to the dent

LOD: influence of location of dented skin at the fuselage (considers the stress level)

TID: time (number of flights) at incidence, to be added
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Fig. 28: Influence of depth of the dent.

The determination of all factors were supported by extensive coupon and component testing. The test program comprised:
unstiffened coupons including dents, variations of the parameters described above and stiffened components containing
dents at and between the stiffeners.

The basic fatigue life THD is valid for the conditions shown in Fig. 27. As an example of the considered factors, the
influence of the depth of the dent is shown in Fig. 28.

4 FULL SCALE TESTING

4.1.1 Ted toDeterminethe Effect of Multiple Site Damage on the Residual Strength Capability
H. Trey, DA-BRE

Multiple Site Damage (MSD) in structural aircraft joints is defined as the simultaneous presence of cracks at multiple
fastener holes that are of sufficient size and density whereby the residua strength of the joint is decreased by a certain value.
Multiple Site Damage consequently leads to Widespread Fatigue Damage (WFD) where the structural joint will no longer
meet the required residual strength. The examination of MSD phenomena therefore is a central item to the Ageing Aircraft
Initiatives.

In frame of the European Ageing Aircraft SMAAC (Structural Maintenance of Ageing Aircraft) Project, which was partly
funded by the European Commission under the BRITE EURAM programme, two large curved panels were tested at test
facilities at NLR, Marknesse (NL).
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The objective of these tests was to compare crack growth and residual strength of a complex pre-cracked structure without
MSD (Panel 1) and in the presence of MSD (Panel 2). The two panels contained longitudinal lap joints, and were
manufactured at DA. Both panels had the same overall geometry, but different crack scenarios were artificially created. The
first panel (Panel 1) contained alead crack only, whereas the second panel (Panel 2) contained an identical lead crack plus
additional MSD cracks.

Fig. 29 illustrates the main features of both test panels. Both panels (3030 mm x 1128 mm) include longitudinal splice joints
with a butt joint located over the central frame. An artificial crack (saw cut) of a length of 2a=530 mm was cut
symmetrically across the central butt joint in the upper rivet row (see Fig. 29). The central frame, clip and butt strap were
also cut.

For the second panel an M SD-like situation was simulated by cutting small cracks at both sides of the artificial lead crack up
to the end of the frame bay. These cracks extended 2.0 mm to both sides of each rivet (see lower left part of Fig. 29).

To initiate further fatigue crack growth at the tips of the lead crack up to a specified limit, both specimens were subjected to
constant amplitude loading with the Airbus operational internal pressure at R=0.1.

The residual strength test was performed by a step-wise increase of the internal pressure up to a pre-specified limit or panel
failure. Thetest resultsin Table 1 are related to the internal pressure at unstable crack extension of Panel 1, which was set to
100%. Asindicated in Fig. 30, these results suggest a 15 % decrease of the residual strength of Panel 2 due to the presence

of MSD cracks.

Table 1: Test results of large curved panels (the loads are related to the load at unstable crack extension of Panel 1)

Panel | Length of lead crack | MSD | Unstable crack extension at | Failure of specimen at

1 530 mm no 100 % > 150 %
2 530 mm yes 85% > 150 %
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Fig. 29: Geometry of Test Panels 1 and 2. Panel 1 contains a lead crack (530 mm), while Panel 2 contains a
lead crack (530 mm) plus additional MSD cracks. The MSD cracks were cut at both sides of each
fastener hole, each crack having alength of 2.0 mm.
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Fig. 30: Results of residual strength tests : MSD causes a 15 % load decrease in Panel 2

4.1.2 Damage Tolerance Test of Curved Fuselage Panels
Th. Fleischer, S. Goldbach, M. Semsch, IMA

In the years 1997 and 1998 several damage tolerance tests of fuselage sections were performed at IMA GmbH, Dresden.
Curved fuselage panels with load introduction elements were mounted in a specifically developed testing machine, Fig. 31.
This equipment simulates the loading conditions of rea flights, such as cabin pressure and bending of the fuselage. The
internal pressure p; and the longitudinal (Fag) and frame (Fy,) loads are applied by a pneumatic system and a
servohydraulic loading equipment respectively, Fig. 32. The loading of the skin in circumferential direction is reacted by

Maximum loads of the test rig:
Internal pressure: up to 1200 mbar
Longitudinal force: upto 2 MN

Dimensions of the test specimen:
Fuselage with 7 frames:
Width: 2000 mm
Length: 3500 mm
Radius: 2820 mm

pressure cabine

Fig. 31: Test facility for curved fuselage panels.

Fig. 32: Test principle.
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Fig. 33: Initial situation of residual strength test (two-bay-
crack above broken frame).

forces Fy of the stiff connections between the fuselage panel and the test rig.
The damage tolerance tests of the fuselage panels consists of three parts, with following results:

Crack propagation of circumferential skin cracks: the crack propagation rate of the crack between intact stringersis
significantly lower than the crack propagation rate of a crack above a broken stringer. The crack above a broken
stringer near the frame has alower crack propagation rate than the crack in the middle of askin field.

Crack propagation of longitudinal cracks: the crack propagation of the crack between intact frames is faster than the
crack propagation of the crack above a broken frame. The crack propagation in the middle of skin field is faster than
the crack propagation of the crack which is situated near a stringer. The differences are due to reduced bulging near
the stringer.

Residual strength test of a two-bay-crack over a broken frame: the initial situation after a crack propagation test is
shown in Fig. 33. The residua strength behaviour of the structure is influenced by the skin thickness of the fuselage,
the fracture toughness of the skin material and of the frame material, the design of the frame and the riveting of skin
and frames.

4.1.3 A340-600 EF2 Full Scale Fatigue Test for Center Fuselage and Wing
Th. Nielsen, DA-HAM

The A340-500/600 Commercial Transport Aircrafts are designed and will be certified as A340-200/300 derivatives
according to FAR 25 Paragraph 25.571, including Amendment 45.

This review provides the principles of the EF2- test (EF2 = essai fatigue 2) for the center fuselage and wing boxes which
will be performed at IMA Dresden. Since the A340-600 is designed for higher loads compared to the A340-500, it was
decided to concentrate on -600 full scale testing. The -500 structure will be assessed on the basis of the -600 component
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tests. In general, the test program is based on the A330/A340-EF2 test. It is divided into two phases: the fatigue tests are
followed by damage tolerance investigations including damage propagation. Major topics of the test program are:

Design Service Goal of 16600 flights,
Verification of damage tolerance behaviour,
10000 simulated flights at the moment of A340-600 type certification,

44000 test flights (equivalent to more than 3 life times), blocked in a flight-by-flight program including 10 percent
loads enhancement to reduce the test time

20000 flights with " detectable" artificial damages at typical locations for the A340-600

In order to provide the structural life justification and to identify possible fatigue sensitive areas of the new A340-600
passenger aircraft, a flight-by-flight fatigue test program is in progress. The test specimen, Fig. 34, is essentiadly a

i

Fig. 35: Test set-up of the A340-600 EF2 full scale fatigue test.
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production article. It consists of the center fuselage (length approximately 33m), the center wing, an outer wing box and of
the attachments for the engine pylons, for the flaps, for the main and center landing gears with the respective dummy
elements. The test specimen is controlled by 94 dual acting hydraulic jacks and is supported by 6 rods which are fixed at the
dummy forward bulkhead of the center fuselage and at the main landing gears, Fig. 35. The load introduction is
accomplished by bonded load pads on the wing lower surface to simulate the real load distribution. Additional loads are
applied to the attachments of the flap track dummies, the engine pylon dummies, the main and center landing gear dummies
as well as to the linkages at the passenger and cargo floor beams. Lateral flight loads are applied to the fuselage upper and
lower shells by bonded pads.

The simulated test loads are increased by 10 percent and represent:

Ground loads - 7 basic loads (1g) with superimposed incremental loads for taxiing, turning, take-off, rotation,
landing impact, landing run and braking,

Flight loads - 8 level flight loads (1g) with superimposed vertical and lateral incremental gust loads,

Corresponding cabin pressure differential for each flight phase based on the typical flight profile.
Based on the previous test the test program following load cases are foreseen:

20 blocks of individual flight types of different severity,

2000 flights per block representing a randomized distribution,

21 flight types including 8 different airborne sub-flight types and 3 different ground sub-flight types,

Random application of flight types and load cases.

To verify the damage tolerance behaviour of the A340-600 primary structure it is planned to install " detectable” damages
based on scheduled in-service inspection methods. Also a number of standard repair solutions will be selected and installed
on the test specimen to investigate the fatigue and damage tolerance behavior.

4.1.4 Eurofighter EF2000 Major Airframe Fatigue Test
C.Peters, IABG

The experimental fatigue life quaification of the Eurofighter EF2000 Major Airframe Fatigue Test (MAFT) was
successfully performed at IABG's test laboratory in Ottobrunn from March 1993 till September 1998. The test specimen
consisted of a complete airframe of the fourth Eurofighter prototype with front, centre and rear fuselage and fin and LH/RH
wings without equipment. In the test rig a total of 66 hydraulic actuators, 4 retraction actuators for main/nose landing gear
and airbrake, 6 struts and 4 pneumatic pressure systems were used to apply the required external and internal 1oads to the
airframe structure. Fig. 36 shows a sketch of the entire test set-up.

The test loads were introduced into the test specimen by several fittings fastened to the specimen and a large number of
rubber loading pads bonded to the surfaces of fuselage, fin and wings. A number of airframe components were replaced by
dummy structures (landing gears, engines, radome, foreplane, pylons, dats, airbrake). These dummies simulated the real
loadings at the respective attachment points. A fuel tank interconnection system was installed to enable fuselage and wing
fuel pressurisation by a pneumatic system. The cabin with canopy seal and the intake ducts with diaphragm seals were also
pressurised with air. The pressurisation volumes were reduced by polystyrene fillings. This increased the test rate and
minimized the risk as well.

The main purposes of the test were:
verification of afatigue life of 6000 flight hours
identification of fatigue sensitive areas

determination of stress distributions with stress and deflection measurements and comparison of these data with the
Major Airframe Static Test (MAST), Flying Aircraft (Structure Health Monitoring System) and FEM analyses

A randomised flight-by-flight test program of 18000 simulated flight hours (SFH) was necessary for the fatigue life
verification of 6000 operational flight hours. The factor of 3 covered the scatter of the results. The program consisted of 3
missions with 17 different flights and about 800 different load cases.
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Fig. 36: Test set-up used for the EF2000 Major Airframe Fatigue Test.

Several static and spectra measurements were performed and extensive inspections were carried out during the performance
of the test. The comprehensive inspection program included daily walk-around inspections, minor inspections every 1000
SFH and major inspections at 6000 / 12000 / 18000 SFH. The object of the inspections was to detect fatigue damages
already at their initiation phase and to monitor propagation of cracks or delaminations.

Superficia inspections of easily accessible areas were carried out daily with no or only short test stoppage. These walk
around inspections consisted of a normal visual check as well as close examinations of crack-suspect areas using adequate
aids (magnifying glass). The complete aircraft was inspected within three days.

Every 1000 SFH a periodical inspection was carried out on selected critical areas. Every 6000 SFH a major inspection was
performed on the complete aircraft. For the critical components, inspection locations and intervals were defined along with
the desired inspection method. In general, visual inspections were specified. More sophisticated methods such as eddy
current and ultrasonic were however required for specific areas. For a part of these inspections the polystyrene in the cabin,
in the intake and in the tanks of the fuselage was removed. Further, some loading trees were dismounted and several panels,
doors and covers at the fuselage were opened.

Pre-delivery and pre-test inspections of CFC components were performed by the Eurofighter Partner Companies. The
locations of any delaminations, whether within the tolerances or outside the tolerances (defects) were recorded. Following
the completion of rigging, which included attachment of loading trees and loading actuators, the ultrasonic inspections were
repeated for the complete aircraft every 6000 SFH.

During fatigue testing, fuel tank leakage checks were performed every 3000 SFH. All panel joints, rivet rows and corners
were scanned with a Helium Sniffer and inspected for leakage.

At the end of the MAFT test activities, a “Tear-Down" inspection was performed. To alow the full accessibility of the
internal structure, the LH wing and the fin were disassembled and the upper skin of the wing and the LH skin of the fin were
removed.

415 Static Loading and Fatigue Life Test of Extra EA-400
C. Peters, IABG

The EA-400 is asmall business aircraft with six seats devel oped by the German company EXTRA Flugzeugbau GmbH. The
aircraft with a pressurised cabin is completely manufactured in carbon fibre composite material. To obtain the certification
for the EA-400 by the German authorities and the FAA, qualification tests were required. These tests included static loading
and flight by flight fatigue tests. Additionally the behaviour of the connection engine mount/fuselage under engine burn
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conditions had to be determined. A number of manufacturing failures and impact damages were introduced by the
manufacturer at different locations in the main structures of the aircraft. This was done before the tests to check the damage
tolerance behaviour of the composite structure.

This qualification test was performed at IABG’s test laboratory in Ottobrunn. IABG designed and built the test set-up and
installed the hydraulic loading system, the control and monitoring system and the measurement and data acquisition system.
The entire test set-up consisted of frame which restrained the test article and of a number of load introduction systems
(loading trees and hydraulic jacks). Fig. 37 shows a sketch of the entire test set-up.

The test article was mechanically loaded by 9 independent servo-hydraulic jacks. Pressurisation and depressurisation of the
EA-400 cabin in relation to the test phases, was realised by a pneumatic system. For safety reasons and to reduce
pressurisation and depressurisation time, the cabin was filled up with foam cubes. Sixty channels for the strain gauges and
12 displacement transducers were required to measure the behaviour of the structure during the static tests up to LL, UDL
and during the residual strength test. For the fatigue life test 2 loops of the fatigue life program were required. Each loop
consisted of 30 000 flights of a flight-by-flight loading program, giving atotal of 60000 flights (which correspond to 2 x 20
000 flight hours). The fatigue test was carried out at room temperature and without moisture conditioning. Until March 1999
altogether 15000 flights were successfully simulated. A picture of the test set-up containing the EA-400 test article is given
inFig. 38.

Fig. 37: Test set-up of the structural full scale Extra EA-400 tests.
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Fig. 38 Completely assembled test set-up containing the EA-400 test article.

4.1.6 Full Scale Fatigue Test with a CFRP Outer Wing Box
H.-J. Mayer, DA-BRE, H.-C. Mihimann and T. Millert, DA-HAM

The technology project ,,CFRP Wing* at DaimlerChrysler Aerospace Airbus (DA Airbus) is the first attempt in civil
aeronautics to build and test a complete wing of CFRP (Carbon Fiber Reinforced Plastic). Development of this project
started in 1994. The targets are;

to minimize the technological risks by investigating design philosophies, feasibility and manufacturability,
to tap economic potential in the manufacturing process
to provide empirical verification of the design and the structural analysis and

to be ready for development and production of a wing for a 100-seater, a A400M or the outer wing of a A3XX
(Megaliner).

Testing on a complete wing, Fig. 39, has been in progress since July 1998. Based on a 100-seater definition a complete wing
has been manufactured. This left hand (LH) wing consists mainly of CFRP; only load introduction elements are metallic.
The design elements are: lower and upper skin stiffened by stringers in longitudinal direction, ribs in cross direction and
front and rear spar. It is about 15 m long from root to tip and has a root width of 2.3 m. It has internal and external metal
fittings for the attachments of the engine pylon (dummy), for the main landing gear (dummy), for moveable landing and take
off aids (dats, flaps, aileron and spoiler) and for afuselage connection. Itsinterior serves as afuel tank.

The test rig simulates the special supporting and loading conditions of a wing. A center wing box is hinged between a
trussed double steel frame asin an aircraft. On the left hand side, simulated wing loads are introduced in the root joint of the
CFRP wing specimen. These loads are balanced by a RH wing dummy, which is attached to the center wing box. Further
dummy structures are used for the load application to the engine pylon, to the main landing gear, to the slat and flap tracks
and to the aileron. All loads are produced by hydraulic jacks supported by a basic rig connected with the double frame
construction. Thusthereis aclosed loop for the forces.
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Fig. 40: CFRP wing during fatigue testing under positive gust, deflection at the wing tip of about 500 mm.
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The test loads are applied by a total of 29 hydraulic jacks. The wing itself is attached to 12 jacks, which simulate the
aerodynamic loads (bending, transverse forces and torsion). The loads are distributed via beams to the rib-spar nodes on the
front and the rear spar. At the engine pylon dummy 5 jacks allow load application in 3 directions as well as rolling and
yawing moments application. Loads in 3 directions are introduced with 3 jacks at the main landing gear dummy. The wing
moveable surfaces have 3 jacks for the flaps, 2 jacks for the slats and 1 jack for the aileron loads. Correct internal loading is
achieved through a jack which is located at the wing root attachment. The remaining 2 jacks at the RH wing provide the
equilibrium loads. The loading system is digitally controlled and all hydraulic jacks are working simultaneously. A
monitoring system serves for security. Another separate computer controls the overall flight-by-flight test procedure. The
test is therefore running automatically night and day. To fulfil the requested environmental conditions of CFRP (moisture /
temperature) the tank areaisfilled with heated water for the test time.

During the manufacturing process, the CFRP structure was damaged artificially to simulate manufacturing defects and
handling stress (bonding failure, different impacts etc.), allowing their influence on strength and fatigue behavior to be
studied.

The test program consists of a vibration test under three different specimen/load conditions, static tests for the main load
cases, a fatigue test phase (one aircraft design life equals 60,000 simulated flights) and a damage tolerance test phase
(another 30,000 flights). All fatigue loads are enhanced by a factor of 1.15. Sealing tests of the fuel tank area are performed
in certain intervals as well as inspections using ultrasonic test methods. Finally, residual strength tests under special load
conditions and a rupture test will be performed.

The wing fatigue test runs in a flight-by-flight manner, i. e. real life is simulated by repeated loads with variable amplitudes
and load distributions. The flight load simulation comprises the 1 g airborne and on ground loads with superimposed
environmental and maneuvering conditions. The 1 g loads are applied in the natural sequence from pre-flight taxi to post-
flight taxi with 5 different airborne conditions in between. Superimposed incremental 1oads caused by taxi bumps, turning,
engine run-up, thrust reversal, and braking on ground, vertical gusts in the air and spin up and spring back during the
landing impact are applied. Special attention is given to the synchronization of the loads at the engine pylon, the landing
gear and the wing. To cope with the dynamic gust load response of the engine pylon, 4 lateral pylon load cycles are applied
simultaneoudly to one vertical wing load cycle.

The test is performed with a set of different flight types simulating different weather (gust), runway (bumps) and landing
impact (sinking speed) conditions. Discrete loads were taken from the particular load spectra, distributed to the flight types
and mixed to a random order. Five gust, 4 taxi bump and 4 landing impact flight types have been joined together to form
complete flights. The joining effort was to combine e.g. large gust loads with low taxi loads and vice versa. So 19 joined
flight types were obtained which are applied in a randomized sequence for a 4000 flights test block. Such atest block will
be repeated 15 times to get one DSG (Design Service Goal).

At present, the wing has completed its vibration test and the static tests up to limit load (under positive gust with about 900
mm deflection on the tip) successfully. Recorded data on the load behavior, strains, deflections and interior pressure (about
800 measuring points in al) indicates that the component properties correspond with calculated predictions very well. In the
flight-by-flight fatigue test program, approximately 60,000 flights (1 life) have been performed at the end of April "99, Fig.
40. Inspections show no additional defects in the composite structure.

Till the end of 1999, it is anticipated that the completed test series will be finished including all necessary, additional
coupon/component testing for higher component load flow e.g. for the Megaliner (A3xx) application. The total know how
which comes out of this test program CFRP wing structure enable DA Airbus to design CFRP wing structure and thus to use
all benefits of CFRP: weight saving from 15 % up to 25 %, no corrosion, vastly superior behaviour under fatigue loading
and high fire resistance.

4.1.7 Fatiguelife Demonstration Testson the CFRP Vertical Stabilizer of Airbus A 330-200
I. Mam and S. Jansen, DA-HAM

In connection with the new development of Airbus A 330-200 (Shrink), which has a length of 59 m and a wingspan of 60.3
m, alarger CFRP vertical stabilizer was also developed in a modified design. Higher stresses occur during operation of the
new component, since the surface of the vertical stabilizer has been increased by 18% up to 52.9 m? compared with the
basic component. Therefore extensive tests had to be performed to demonstrate sufficient fatigue life.
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Fig. 41: Test setup for fatigue tests on the CFRP vertical stabilizer,
A330-200.

The test specimen was composed of the fin box with the fuselage attach fittings, rudder actuator attach fittings, rudder
bearing attach fittings and a rudder dummy with the original rudder spar. From the very beginning, the fin box had
artificially applied manufacture, impact and repair defects.

A special test rig, simulating the representative loads resulting from gusts and manoeuvres, was developed. Three movable
beams, used for rigging of the vertical stabilizer in its fuselage attach fittings, were integrated in a steel frame. With this
movable beams, the reaction forces resulting from the air loads could be applied through a system of hinged supports and
hydraulic jacks, which took the deformation behavior of the aircraft fuselage into account. In addition, the lateral loads were
distributed over the surface of the vertical stabilizer via 19 hydraulic jacks with corresponding whiffle trees. Moreover,
loads were introduced into the rudder axis area and rudder jack areas. Fig. 41 shows the test set-up.

During the fatigue test, al the loads as well as the deformation behavior of the structure were permanently monitored by a
redundant system. The loading program included flight types of different duration (number of load conditions) and intensity
(load level) in acycle of 4.000 flights. This cycle was repeated fifteen times, so that atotal of 60,000 flights = 1.5 times the
fatigue life were simulated.

Climatic ageing was taken into consideration through a load factor. Periodical inspections involving different methods
provided information on the structure’s condition. In the course of the fatigue test, no change was noticed on the artificial
damages of different kind and size. The final static test, in which the side shells were partially heated, demonstrated
sufficient residua strength of the structure.
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5 INVESTIGATIONS OF GENERAL INTEREST

5.1.1 Fatigue Strength of Smooth and Notched Specimens under High M ean Stresses
S. Narberhaus and H. Zenner, TUC-IMAB

Based on an extensive test series on notched and smooth specimens the influence of tensile mean stress on the fatigue
strength and the cyclic deformation behaviour of the steel X22 CrMoV 12 1 and the ductile cast iron GGG 40 was
investigated [18]. In 16 test series the fatigue strength was experimentally determined with the modified stair case method.
The varied parameters were the notch factor K; and the stress ratio R. In stress controlled tests the mean strain was measu-
red. The main results of this research program can be summarized as follows:

The determined dependence between mean strain and the number of load cyclesis well fitted by an exponentia func-
tion.

In tests with combined HCF/L CF loading no influence of the L CF overloads on the fatigue strength or the cyclic de-
formation behaviour was found. The ratio of HCF load cycles to L CF was about 10* to 10°.

In the theoretical part of the research program, a creep model for the calculation of the cyclic deformation as a function of
the load cycles was developed. Only static and cyclic material properties are needed to calcul ate the coefficients of the creep
model. The proposed model is suitable for both materials investigated. It was successfully implemented in the ABAQUS
finite element code. The calculated local strain versus number of load cycles plots showed good agreement to the experi-
mental results.

On the basis of the experimental and theoretical results, a new approach for fatigue life prediction was developed. The con-
cept combines the fatigue damage with the creep damage similar to Robinson [19]. Damage is divided in two parts: the fati-
gue damage is represented by the ratio of applied stress amplitude versus fatigue strength, whereas the creep damage is gi-
ven by the ratio of total strain versus the strain at fracture. The calculated fatigue strength is in good correspondence with
the experimental results. A comparison between the Combined Damage Rule (CDR) prediction and the test results is made
inFig. 42.

1000 = = = = CDRGGG 40
i @] Exp. GGG 40
800 | CDRX22 CrMoV 12 1
i ®  Exp. X22CrMoV 121

600 |- /

Stress amplitude s, [MPa]

0 200 400 600 800 1000
Mean stress s, [MPa]

Fig. 42: Comparison between cal culated and experimental fatigue strength.
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5.1.2 Experimental Investigation on the Cyclic Behaviour of Deformed Steel Sheets
R. Masendorf and H. Zenner, TUC-IMAB

Sheet metal components are frequently subjected to severe deformation during the manufacture process. The service life of
such components can be predicted on the basis of the local strain concept. The cyclic behaviour of the material, which
depends on the degree of deformation and deformation ratio, must be known for the calculations. Since no approximate
solutions for the cyclic characteristics of pre-strained sheet material are available so far, tests with St15 deep drawing steel
sheet were carried out (ultimate strength Ry, = 314 MPa, yield strength Ry, = 190 MPa, thickness 1 mm). The cyclic
behaviour of the material was determined by constant amplitude, strain controlled tensile-compressive tests (zero mean
strain). The test samples were cut out of pre-strained metal strips. Buckling of the specimen was prevented by friction-
minimised supports.

The results of the strain-controlled tests are presented in Fig. 43 in terms of stress-strain curves and in Fig. 44 as e-N curves.
The e-N relation is described by the Manson-Coffin equation

ea,t = ea,el + ea,pl = S_ET(E(NA )b + Q(NA )C (3)

For strain amplitudes smaller than 2 mm/m, an increase in service life with increasing pre-straining is evident. In this range,
the variation of the e-N curve is governed essentially by the elastic strain components s¢” and b. The variation of these
characteristic values is plotted as a function of pre-straining in Fig. 45. Moreover, the parameters K’ and n’, which describe
the cyclic stress-strain curve are also indicated in Fig. 45.

In the future, the effect of pre-straining (degree of deformation and deformation ratio) on the cyclic behaviour of various
steel and aluminium sheet materials will be investigated. The objective is to extend the uniform materia law [20] by
coefficients, which quantify the effect of pre-straining.

The work was supported by Deutsche Forschungsgemeinschaft (SFB 362 "Fertigen in Feinblech”, TU Clausthal, Uni
Hannover).
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INTRODUCTION

The present review, prepared for the occasion of the 26th ICAF conference to be held in Bellevue (WA)
USA, on 12 - 13 July 1997, summarises works performed in France in the field of aeronautical fatigue during the
period May 1997 - June 1999.

Topics are arranged from basic investigations up to in-service reporting.
References, when available, are mentioned at the end of each topic.
Correspondents who helped to collect the information needed for this review in their own organisations are:
Mr Jean-Louis Chaboche for ONERA,
MM Louis Anquez and Danidl Gilletta de St Joseph for Dassault Aviation,
MM Cédric Meyer and Laurent Deféver for Aerospatiale-Matra, Aviation Branch,
Mr Bertrand Journet for Aerospatiale-Matra, Joint Research Center,
MM Pascal Hamel, Marc Langon, Y ves Laporte and David Recorbet for CEAT.
They will be the right point of contact for any further information on the presented topics.

Many thanksto al of them for their contribution.
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6.1 FATIGUE LIFE PREDICTION STUDIESAND FRACTURE MECHANICS

6.1.1 Fatigue crack initiation
6.1.1.1 Theoretical studies on aluminium alloys Wohler curves (Dassault aviation)

C. Bleuzen (CEAT) analysed the scatter of high strength auminium alloys (2024, 7010,...) using open holes
specimens. A s/0.1s fatigue loading was applied and three s levels were systematically investigated. The conclusion
of this study was that there exists a range of s where the probability of fatigue failure is no longer log-normal as it
seems to be outside this critical range (figure 1).

Dassault then initiated a research programme on this subject since this experimenta fact was considered as being
important due to its possible consequences on damage cumulation in case of spectrum loading. This study, focused
on the 2024 T3 aloy, pointed out that there exists one kind of inclusion of average size 10 mm (figure 2), very
brittle, which fails when a given stress S is reached. Under constant amplitude loading, initiation arises from
persistent sleep bands in the bulk matrix when the maximum applied stress is lower than S and in the very
surrounding of the broken inclusions when the maximum applied stress is higher than S. It appears that this last
mechanism is definitely more damaging than the first. Then, the damage created by a low cycle (maximum stress
lower than S) is not the same if the brittle inclusions are, or are not broken.

If we apply a spectrum loading on a structure leading locally to a maximum stress higher than S, some brittle
inclusions will fail and, as a consequence, all the low cycles will produce higher damage than if they were applied
alone. So, there is aneed to determine a specific wohler curve taking this fact into account.

Dassault propose to deduce this curve using the following methodology :

- experimental side : apply identical blocks consisting of one high load (such that s is higher than S) followed by a
given number of low loads,

- theoretical side : use the hypothesis of linear damage cumulation in order to deduce the damage created by the low
load when broken inclusions exist.

This has been done successfully on 2024 T3 auminium alloy (figure 3).

Reference : M. XING Bin ‘Confrontation of deterministic and statistical aspects in aluminium alloys fatigue
initiation’. Thesis presented at the Ecole centrale de Paris (98-29).

6.1.1.2 Follow-on activity concerning a new methodology to predict fatigue crack initiation (Dassault
Aviation)

The updated Neuber approach that has been developed by Dassault provides better previsions than the classical one
(as dready addressed in the ICAF 97 French National review).

Based on small scale yielding hypothesis, using the amplitude of the shear stress and the hydrostatic stress as active
parameters (computed at a given, material dependant, critical distance from the free edge), the developed numerical
tool takeslocal plasticity into account, but needs only elastic computation.

This specific development is now integrated into the fatigue analysis tool in ELFINI software.

Good previsions are obtained (figures 4 & 5), whatever the spectrum, for open holes and holes with loaded fasteners.
Dassault current effort aims at applying the same kind of procedure to the fatigue failure of the fasteners themselves.
6.1.1.3 Contact fatigue (Aerospatiale-Matra Joint Resear ch Center)

Fatigue cracks often initiate in areas where contact takes place. Aerospatiale Joint Research Center has investigated
several fatigue problems where contact is the main crack source. Pitting of gears and fretting fatigue are two
examples of such problems and have been studied using the same analysis tools : arefined finite element analysis of
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structural elements with contacting conditions and a fatigue analysis of the different stress histories through a
multiaxial criteria.

In the case of gears, as shown in figure 6, the model uses a partial simulation of the wheel and the pinion. The finite
elements are being used to analyse effects of rea loadings and include friction between the two parts. Fatigue
analysis is conducted on surface and subsurface elements, using Crossland or Dang Van multiaxial fatigue crack
initiation criteria. Available fatigue data for the relevant materials (carburized steels, Duplex Hardening Steels) are
used as input information to predict the component fatigue life. Depending on lubrication parameters, fatigue lives
are minimum either on the extreme surface or in the subsurface elements. For example, if a high roughnessiis present
on a pinion, a higher friction coefficient is expected between the two parts, thus generating low fatigue lives on the
extreme surface. This numerical behaviour istypical of micropitting, experimentally obtained in the same conditions.
On the contrary, if the components have alower roughness, cracks tend to appear deeper in the material, as expected
by the Hertzian theory. This model has shown a good efficiency in providing useful information on the gear
properties needed for given running conditions.

In the case of fretting fatigue, as illustrated on figure 7, the same type of analysis can be conducted : the stress
histories of different elements in a finite element model are analysed through a crack initiation multiaxial criteria.
The effect of coatings are also analysed. Simulation are in good agreement with experiments currently underway on
30NCD16 steels. The beneficial impact of coatings on fatigue lives is particularly well reproduced. It should be
noted that simulation results are usually conservatives in the conditions which have been explored. This is probably
due to the fact that, in certain conditions of fretting-fatigue, cracks can be localy created in the vicinity of the
contacting zone but do not propagate any more as soon as they have left this highly stressed area. This aspect of
fretting-fatigue cannot be analysed using multiaxial criteria and will need further work with fracture mechanics tools.

6.1.1.4 Assessment of life prediction methodsfor turbine blades (O.N.E.R.A.)

Since a long time, Onera has developed congtitutive and damage equations for the lifetime prediction of turbine
components, especially turbine blades. In order to check the capabilities of these methods for thin walled turbine blades, a
special experimental set up has been designed [1], [2]. Cyclic axisymmetric wall thermal gradients are applied on atubular
specimen (figure 8). The induction heating / air cooling system is able to reproduce thermal gradients of about 200°C over
the 2mm wall thickness under permanent conditions (more during transient ones). A cyclic axial load is superimposed in

order to represent centrifugal effects.

Thelife prediction method involves three main steps :

- a cyclic constitutive equation, involving several non linear kinematics hardening rules, is determined from

standard cyclic tests over the whole temperature domain [3], [4],

- the cyclic inelastic analysis of the component is performed by finite elements. A sufficient number of successive

cyclesiscalculated (typically 10 to 20) before the response stabilisation,

- a creep-fatigue-oxidation model is determined from a series of fatigue tests at various temperatures and
frequencies and from creep tests. This model separates the macrocrack initiation into a microcrack initiation stage
(incorporating the coating deterioration and oxidation effects) and a microcrack propagation (in the bulk material)

during which creep-fatigue interaction does occur [5].

Applied on two turbine blade materias, the IN100 polycrystalline superalloy and the AM1 single crystal, the test results
demonstrate clearly the life improvement obtained from the use of a single crystal (figure 9), The modelling method is
able to predict correctly the observed lives on the two different materials. Let us note that the IN100 models were entirely

determined 20 years before the present analysis[3].

References:

[1] Chaboche, JL., Culé, J.P., Gadlerneau, F., Nouailhas, D., Pacou, D., Poirier, D., Thin wall thermal gradient :

experimental study, F.E. analysis and fatigue life prediction, 5th
Macha, E. and Mroz, Z., eds., Krakow, sept. 8-12, 1997, pp.237-250.

Int. Conf. On “ Biaxial/Multiaxial Fatigue & Fracture”,
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[2] Galerneau, F., Chaboche, J.L., Fatigue life prediction of single crystals for turbine blade applications, to appear in
Int. J. of Damage Mechanics, 1999.

[3] Chaboche, J.L., Policella, H., Kaczmarek, H., Applicability of the SRP method and creep-fatigue approach to the
LCHTF life prediction of IN100 aloy, AGARD Conf “ Characterisation of Low Cycle High Temperature Fatigue by
Strain Range Partitioning, Aalborg, 1978.

[4] Nouailhas, D., Development and application of a model for single crystal superalloy, Freed, A.D., and Walker, K.P.,
eds,, “ High Temperature Constitutive Modelling — Theory and Applications”, ASME, MD-26, AMD-121, New-Y ork,
1991, p151.

[5] Gallerneau, F., Etude et modélisation de I’endommagement d’un superalliage monocristallin revétu pour aube de
turbine, Thése de Doctorat, Ecole des Mines de Paris, 1995.

6.1.1.5 Engine material behaviour under thermo-mechanical fatigue (CEAT)

Aircraft engine hot-section components, such as turbine blades, are designed to operate in environments at elevated
temperature, with high thermal gradients and mechanical loads. Repeated engine start-up and shut-down operations
submit these components to cyclic strains which are generated both thermally and mechanically.

In order to investigate the blade materials behaviour, CEAT developed a thermo-mechanical testing
machine (figure 10), ten years ago. The test principle consists in measuring the stress-strain curves
(elastic, plastic, thermal and total deformations) during a thermo-mechanical cycle. The test may be
either stopped for performing metallurgical investigations when the stress-strain loop is stabilised, or
carried out up to failure.

For the time being, an experimental programme is carried out to evaluate the damage of a single-crystal nickel base
superalloy under thermo-mechanical cycling. Tests are performed on tubular specimens (figure 11), recovered or not, with
a coating against corrosion and oxidation.

6.1.2 Fracture mechanics
6.1.2.1 Fracture Mechanics of Cold Expanded Holes (Aerospatiale-Matra, Joint Resear ch Center)

In house fatigue crack growth tests on cold expanded holes, on aluminium alloys, have shown a tremendous crack
retardation effect within the first few millimetres of crack advance (3 orders of magnitude). There is a need to take
this gain into account for damage tolerance purpose. Together with Aerospatiale-Matra, Aviation branch, it was
decided to run complementary tests and review the fracture mechanics of cracked cold expanded holes in order to
calculate the stress intensity factor for the presence of residual stresses. The models given in the literature are too
simplistic in their assumptions. The retardation effect has been modelled with a shape function. In order to have a
more general purpose approach, the effort was placed on finite element analysis to calculate K. The steps are as
follows:

-simulate cold expansion process using finite element analysis (joint work with BAe AIRBUS),
- introduce a crack in the mesh,
- apply the service fatigue stress,
- derive the stressfield and calculate K,
- predict da/dN using an appropriate crack growth rate equation (short / long crack).
The predictions are satisfactory but the calculation will be refined (figure 12).
6.1.2.2 Stress corrosion (Dassault Aviation)
This investigation has been divided into two parts :

- derivation of the stress field installed by the interference of bushing and conic axis. Thisis achieved by F.E models
(2D) - with constant conditions between :
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- lug hole and bushing,
- bushing and axis bushing,
- axis bushing and axis.

- performance of an alternate immersion/emmersion test on a service retired empennage fitting (Mystere 20). The
observed propagation is then modelled by a damage tolerance approach.

Different parameter influences, as interferences and lug sizes, have been reviewed.
The results obtained are used to optimise the scheduled inspections in the maintenance manual.

Thistopic will be the subject of a presentation in the Session 5 of the symposium.

6.2 COMPUTATIONAL TECHNIQUES

6.2.1 Finite element modelling of joints (Aerospatiale-Matra, Aviation Branch)

In order to predict more accurately the circumferential butt joints fatigue life and to optimise their design, a fully
representative non-linear model has been developed and validated by comparison with test results on coupons, flat
stiffened panels and full-scale fatigue tests. Local stress fields and in-house fatigue procedures alow fatigue life to
be determined at critical details (figure 13).

Thismodel alows:
- to know the critical sites: strap, skin, splice, stringer,
- to estimate the load transferred by fastenersin these sites,
- to calculate the local stress concentration factor Kt,
- to calculate fatigue life thanks to S-N curves extrapolations.

The geometrical non-linear behaviour of complex assemblies (skin, strap and frame) has to be taken into account. In
fact, flexions bred stacking have unfavourable consequences on fatigue life.

Finally, this model makes possible to check the consistency and the reliability the results of tests performed by the
CEAT on flat and curved panels (figure 14) in the frame of the project called ‘Fuselage Nouvelle Génération
Métalique' - FNGM - (i.e. New Generation Metallic Fuselage). Results are also compared with full-scale fatigue
tests.

6.2.2 Improvement of in-service performances (Aerospatiale-Matra, Aviation Branch)

The aim of this axis is to better control allowable stresses in order to ease calculation limitations laid down to
production (tolerances accepted, non conformity) and airlines (repairs, allowable damages, scratches, reworks, dents,
customised inspection intervals,...).

Thefollowing items are studied :
6.2.2.1 Allowables damages and repairs:

Thanks to 3D geometrical and material non linear Finite Element models developed and validated by tests, it is
expected :

- to calculate the stress concentration factor due to reworks in any kind of configuration : located in the
middle of the pocket, in afastening area,... Having this Kt factor, it is then possible to estimate fatigue lives,

- to simulate the dent created by an impact, and also the dent dress-out at alater stage,
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- to calculate the stress concentration factor due to dents in some typical cases : in a uniform area of the
fuselage, above a stringer, above the intersection between a stringer and a frame, in order to predict fatigue
lives as afirst priority.

6.2.2.2 Largecutsanalysisin propagation and residual strength

The goal of this study is to increase the capability of damage tolerant structural items to resist to large cuts. That
means, in particular :

- to reduce maintainability costs (replacing visual detailed or NDT inspection by general visual, reducing
inspection intervals,...),

- to reduce weight thanks to the better damage tolerance capability offered by new alloys,
- to comply with high fatigue stress levelsin the case of large aircraft,
- to comply with design and/or justification requirements (rotorburst, 2 bay crack criterion,...).

Thanks to 3D geometrical and material non-linear models developed in the frame of a project called ‘Tol Dom
2000, it isnow considered to reach :

- the calculation of circumferential crack growth due to mechanical loads, knowing the driving force curve
(stressintensity factor versus crack length) and Forman law for the alloys used,

- the calculation of longitudinal crack growth due to internal pressure. The bulging effect remains as afield of
investigations,

- the prediction of the residual strength in the presence of a circumferential or a longitudinal crack, including
static failure of stiffeners, fastening system failure (shear) or instability of the skin (R-curve concept),

- the design of tiffenerswhich are able to sustain limit loadsin the presence of alarge cut (figure 15).

These models will be validated thanks to tests performed by the CEAT on the flat and curved (so pressurised) panels
during the course of the FNGM programme (figure 16).

6.3 EXPERIMENTAL TECHNIQUES

6.3.1 Assessing K -gauge capabilitiesfor structuretesting (CEAT)

The K-gauge (figure 17) has been developed for the assessment of Kl and KlI through the strain field measurement
at acrack tip.

First phase investigations, already mentioned in the ICAF 97 French National Review, had shown :
- asignificant influence of an error in the axial positioning,

- an influence of the coefficient of biaxiality in complex loading conditions, mainly due to the distance between the
strain state measurement points and the crack tip.

From the second phase that recently completed this study, a methodology able to correct K-gauge measurements of
the influence of the stress field represented by the T-stress elastic term has been developed. This method, which
requires a supplemental strain measurement, makes more universal and efficient the K-gauge usage and allows to
measure the T-stress term. Sufficient previous testing and evaluation has now been done to be able to introduce this
gauge in structure testing.
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6.3.2 Development and running of a fatigue test facility for fuselage representative curved panels (CEAT)

A new test fixture has been set up at CEAT to subject full-scale fuselage curved panels to static and fatigue loads
representative of those resulting from the fuselage pressurisation and bending. Thisfixture is capable of :

- fatigue tests under constant and variable-amplitude loads up to 1,200 kN and 700 mbar (10.15 psi) at frequencies
up to 8 Hz and 0.25 Hz, for the axial and differential pressure |oads respectively,

- residual strength tests, by applying axial and/or differential pressure loads up to 4,000 kN and 1,400 mbar (20.3
psi).
This fixture was designed to accommodate panels with a radius of 110 inches (2.8 m), typica of the AIRBUS A340

fuselage. The panel maximum dimensions are 4026 mm x 2268 mm (158.5 inches x 89.3 inches), with a varying
frame pitch.

Specia attention has been paid to the application of the tangential loads to the panel skin (use of non-impregnated
glass fibres to reduce the shear effects resulting from the axial deformation) and the inspectability (reinforced-glass
window over the central bays and motorised handling of the pressure chamber back door for quick access to the
panel). The general drawing of thistest facility is shown figure 18.

A typical test campaign on a single panel consists in propagating under combined fatigue loads an artificia crack
along the circumferential direction. The panel is then repaired and a new crack is applied in another area of the panel
along its axial direction. Then again, the propagation under combined fatigue loads is monitored by use of a remote
control camera. Thetest is ended by residual strength assessment leading to the panel destruction.

Since August 1998, 3 panels have gone through such tests within the framework of an Aerospatiale-Matra research
study aimed at defining the future AIRBUS A3XX fuselage. Results reported § 6.2.2.2 have been obtained with this
test device.

6.3.3 Biaxial fatiguetesting facility for engine materials (CEAT)

In the early nineties, CEAT has developed a biaxia fatigue machine capable to perform tests at el evated temperature
(internal pressure + axial load on a thin walled tube, up to 1200°C).

This test facility is able to develop, in a FBA (Fatigue BiAxiale) specimen, tension-tension principal stresses which
are representative of those existing in engine rotating discs. To start with, an experimental programme has been
carried out at 650°C on the N18 alloy (a powder metallurgy nickel-base superalloy used for M88-2 discs, the
Rafale’ s engine). The detrimental influence of biaxial loads on the lifetime has then been shown when compared to
uniaxial test data.

Since then, a study has been launched to have a better control of the test parameters (temperature and loadings).
On one hand, thermal mappings, established during pressure cycling, have shown :

alongitudinal thermal gradient smaller than 5°C on the external FBA specimen wall,

an internal wall temperature cycle in phase with the pressure loading, but with a mean value lower than
the external temperature (about 70°C with an induction heating system).

On the other hand, the finite element analysis, figure 19, (used to calculate the correct loading of the specimen) has
been improved by using a materia behaviour law (the elasto-plastic stress-strain curve) obtained from the first
quarter cycle of a uniaxia fatigue test on a FBA specimen instead of a law extracted from a tensile test on a
conventional plain specimen.

Now awidest study isaiming at :

characterising the influence of test parameters (max loadings, loading ratios, phase difference between
the axial and pressure loadings) by using experimental design,
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modelling and calculating the biaxiality effects with viscoplastic improvements on the material
behaviour law and with a comparison between cumulative damage model combined with multiaxial
criterion’s.

64METALLIC MATERIALSAND TECHNOLOGY TESTING

6.4.1 Fatigue on landing gear representative specimens (Messier Dowty - CEAT)

A fatigue test programme on specimens representative of landing gears components, in this particular case the
landing gear trailing arm illustrated figure 20, which has already been mentioned in the last two National Reviews, is
now completed. After having tested several materials as the aluminium alloys (7010 T74, 7175 T73 and 2618A T6)
and the high strength steels (300M and 35NCD16), the last phase was dedicated to compare two shot peening
processes : steel balls and glass balls. This experience has been carried out on 7010 aluminium alloy specimens
treated by chromic anodisation. Results have shown :

- acomparable fatigue behaviour in the range of 10° cycles, regardless the ball material,

- for the two shot peening processes, a 25% decrease of the endurance limit in the 10° cycles domain, when
compared to the untreated material.

Stress controlled fatigue tests carried out on uniaxial cut-up specimens - steel shot peening + chromic anodisation
treated - have shown a fatigue strength reduction function of the number of cycles, with no significant improvement
in the range of 10° cycles.

This general programme is now oriented towards the fatigue behaviour of main articulations (figure 21). The purpose
is then to develop dimensioning rules alowing for the new requirements associated to future landing gears such as
new endurance reguirements, new maintenance conditions and new materials.

Fatigue tests undertaken on thirteen representative specimens are aimed at assessing the influence of various
parameters such as the geometry, materials and lubrication conditions which govern the design of these articulations.

6.4 2 Validation of 2017 CP (Crack Proof) rivet use (Dassault Aviation).

Fatigue tests have been performed on specimens, with load transfer and without, representative of a Falcon stringer
to skin attachment and a skin splice.

Various kinds of rivet installation have been tested :
- automatic (PRECA),
- manual,
- robot.

The effect of the countersink depth and de-burring at the skin faying surfaces turned out to be of major importance in
fatigue performance. The fatigue life of 2017CP riveted assembly is demonstrated to be equivalent to the solution
treated riveted assembly (figure 22).
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6.5 RULE MAKING SUPPORTING ACTIVITIES

6.5.1 Improvement of justification methods, prediction of widespread fatigue damage for ageing aircraft :
A300 life extension (Aerospatiale-Matra, Aviation Branch)

This subject leads Aerospatiale-Matra to work on multiple site damage modelling. In the framework of the European
research program Brite-Euram SMAAC, afinite element based methodology has been developed and validated. This
should allow to predict multiple crack initiation, propagation and residual strength in susceptible structures taking
scatter and interaction effectsinto account (figure 23).

6.5.2 Improvement of justification methods, Initial flaw approach for design (Aerospatiale-Matra, Aviation
Branch)

The concept of Initial Flaw Size has been used in US military aircraft for along time (to assess the threshold and the
inspection interval).

It is also currently used in Aerospatiale-Matra for damage tolerance analysis, especially to determine the inspection
interval in simple and multiple load path structures.

Up to now, the threshold of first inspection has been calculated with a fatigue approach. Today, Aerospatiale-Matra
is used to calculating with the following values : 1.25 mm for the manufacturing defects and 0.125 mm for the
Equivalent Initial Flaw Size.

The objective of Aerospatiale-Matra research is to use efficiently the Initial Flaw approach for damage tolerance
evaluations (Threshold and Interval assessment). This approach is now required by FAR/JAR 25.571.

The main tasks consist in :
- verifying the consistency of the values used so far (0.125 and 1.25 mm),

- determining Equivalent Initial Flaw Size and Manufacturing Defect distributions taking into account the
various aeronautical configurations (material, geometry, technology...),

- defining new design criteria.

6.5.3 Fuselage fatiguetest on aretired Mercure 100 (Dassault Aviation & CEAT)

After Mercure fleet retirement from operation in April 1995, the production line number 3 aircraft (registered under
F.BTTC) was acquired by the airworthiness section of the French Official Agency SPAé. The fuselage has been
taken to the Toulouse Aeronautical Test Centre facilities to perform a pressurisation fatigue test for 50,000 cyclesin
order to compare the results of this test, on an aged and corroded structure, with those obtained twenty years ago on
theinitial full scale test required for the Mercure 100 type certification. The purpose of thistest is not at all to extend
the life of this aircraft since the whole fleet is now retired from service, but to develop arguments that can be useful
in rule making activities.

This fuselage was 18 years old and had accumulated 37,740 flights (or 31,970 flight hours). After installation in the
test rig (see photography figure 24), a thorough inspection of the fuselage structure, performed by a joint control
team of CEAT and Dassault Aviation speciaists, identified the damaged state of the test article before the first
pressure cycle. 141 damages, mainly from corrosion origin and a few short cracks, were then identified. These
damages are monitored through the following inspection programme :

- basic ingpections each 5000 cycles,
- deeper inspections each 20 000 cycles.
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After this initial structure identification, the first test cycle took place in June 1996. This fatigue test has been
recently completed and a static test up to 1.15 DP performed.

After 30,000 cycles, a major fatigue damage at the upper corner of the passenger door (figure 25) needed to be
repaired (with an external steel doubler) for pursuing the test. As far as the other fatigue cracks discovered on the
oblique rear pane frame fitting cap (see description in the ICAF 97 French National review) are concerned, decision
was made to monitor their growth without any repair action. These damage did not show any significant evolution
between 30,000 and 50,000 cycles, plus the residual (1.15 DP test). Nevertheless, during this period severa fatigue
ruptures have been experienced in the lock stops of the passenger and service doors.

A limited tear down to be launched soon will alow to comprehensively conclude this programme. As a first
impression and as far as real ageing influence on fatigue behaviour was investigated, few lessons have been learnt
due to the good corrosion resistance of this fuselage.

6.6 - SONIC FATIGUE (Dassault Aviation)

Extensive experimental works have been made by Dassault Aviation in the Sonic fatigue area. Since Falcon 10 inlet
lifetime was considered as too short, it has been modified (with alower stiffness) and the new structure design is now
comparable to the MF 900 and F 2000 inlets.

Thefatigue life of the modified inlet is deduced from strain gauges measurements on frames and skins.

Asfar as Mystere 20-5 and MF900B inlets are concerned, the two aircraft have the same engines and inlets, but the
rate of crack detections (sonic fatigue) on Mystere 20-5 inletsis much higher than MF 900B rate.

An inlet equipped with strain gauges has been installed on a Mystere 20-5 and a MF900B. It has then been shown
that the stresses around the de-icing holes increase very much above 92% N1 (engine regime). It is believed that the
engine used on the Mystere 20-5 is more frequently used in a range between 90 and 98% N1, owing to the flight
manual.

The frame 1 web should be reinforced. The effect of the nose buzz noise on stresses has aso been evaluated.

6.7 FULL-SCALE FATIGUE TESTSNEWS

6.7.1 TBM 700 fatigue test (SOCATA and CEAT)

The TBM 700 is a monoturboprop aircraft with a 6/7 seat capacity, produced by SOCATA since 1991. Today, 130
aircraft have been delivered around the world with 19 ordered by French Air Forces for various liaison and training
missions.

A full-scale static test on a complete structure, plus a pressure fatigue one (up to 10,000 flights) on the fuselage only,
have been performed in the period 1989 - 90 for type certification. 3,300 flights were then released, by analysis only
as far as other parts than the fuselage are concerned. In order to achieve the demonstration required for a 10,000
flight certification, a new complete fatigue test started in 1995 at CEAT (figure 26) with a specimen made of the
previously tested fuselage plus brand new wings, empennage and landing gears.

Safety factors that were decided to be applied were 3 for the fuselage and 4 for the rest of the structure, leading to a
40,000 flight simulation. The fuselage having already supported 10,000 missions, there is one pressurisation cycle
every two missions. Some complementary (severe) landing conditions have also been introduced in the load spectrum
to meet Air Force specific requirements.
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The 40,000 flight target was reached in August 1997, the main detected fatigue damages concerned the pressurised
part, without requiring so far complex repair solutions :

- passenger door frame (between frames 10 and 12),
- junction bulkhead - windshield,
- exit door.

10,000 extra flights have then been added to fully substantiate the repair solutions introduced during the test. This
last fatigue phase was completed by November 1998 and a residua static test has been performed in February 1999
before dismantling the test article.

Additional damage found during the last fatigue phase mainly concerned the already mentioned passenger door frame
12, that will require a dlight drawing modification. This damageisillustrated figures 27 and 28.

Theresidual static test campaign which consisted in :

- afuselage pressure test (1.1 DP),

- apositive wing bending (combined with fuselage pressure) up to Limit Loads,
did not reveal additional findings.
6.7.2 Gazelle helicopter fatiguetest (EUROCOPTER & CEAT)

The gazelle SA341 is a combat light helicopter produced by Eurocopter for observation, liaison and anti-tank
missions. This helicopter currently equips the French Army and, with machines built under license by Westland, the
United Kingdom Forces.

The structure tests of this helicopter were performed in CEAT in the period 1974-78 with, in particular, a full-scale
fatigue test that could release a 7,500 flight hours (FH) safe life time, extended by analysis to 10,000 FH later on.
Taking into account the remaining potential of their own fleets, French and UK Forces wish to prolong the utilisation
up to 15,000 FH. For this purpose, a second fatigue test, co-funded (25%) by the UK Forces, isin progress at CEAT
(figure 29).

The test article, service aged and removed from the fleet, is made of a tail boom coming from the French Forces
(5,440 FH accumul ated) and a fuselage coming from the UK ones (7,500 FH accumulated).

The year 1996 was dedicated to design and build up the test facility while transforming the airframe in the test
desired configuration.

The fatigue test started in December 1996.

Twenty seven load channels are used to simulate the three successive phases of the test programme :
- unarmed (clean) version : training and linking (28,125 FH),
- armed version without VIVIANE sight : day-timetactical flight (3,750 FH),
- armed version with VIVIANE sight : day and night-time tactical flight (5,625 FH).

Data from 16 straingauges and 12 bridges are continuously acquired during the test by mean of a new CEAT device
called MEFA. Considering the time needed from inspection and repairs, the total test duration should not exceed
three years.

For a 37,500 flight hours test target {(3 x 15,000) - 7,500}, 29,625 FH have already been simulated by June 1999.
Thefirst phase of the test (28,125 FH simulated in training and liaison version was achieved in December 1998.

Around forty fatigue damages have been detected on the test article, most of them already found in service or during
the first fatigue test. The most important are localised as follows :
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- canopy welded frame,

- bulkhead (four damages) as there is an illustration figure 30,
- tailboom/fusel age junction bores,

- quarter hull skin.

Some so-identified damages have been repaired using permanent solutions already applied in service. New damages
needed the design of specific repair solutions which are currently validated through this test.

The second phase of the test (day-time tactical flight without Viviane sight) started at the end of April 1999. 1,500
FH were simulated at the beginning of June, without significant damage on the test article.

6.7.3 - Alphajet fatiguetest (Dassault Aviation and CEAT)

In-service in the French Air Force (FAF) since 1979, the Alphajet training and aerobatics aircraft has been the
subject, since the end of 1994, of a life extension programme (reference 1) with the aim to define the actions to be
taken so as to continue both economical and safe operations beyond the original service life. The resulting extended
life should alow to fulfil the FAF's needs beyond 2001 and up to 2016 with 150 aircraft operating about 38,000
flight hours per year.

This programme mainly relies on a durability test currently (figure 31) performed on the airframe of the first aircraft
having reached the origina safe life limit of 180 Fatigue Index (FI) which was substantiated at the beginning of the
seria production through an initial fatigue test carried out up to 540 FI (equivalent to 54,000 hours of the expected
usage). Up to now, in addition to the 180 IF experienced in service, the test airframe has accumulated 290 Fl
corresponding 14,000 flight hours in the FAF's current average advanced training conditions.

In compliance with the scatter factors used for French military aircraft to promulgate service lives from full-scale
fatigue tests, today, the test progressis not yet sufficient to release any life extension according to a, strictly speaking,
safe life concept.

At the current stage of the fatigue test, the most significant damages detected on the test article are :
- failure of aretaining roof flap splice,
- cracks on wing skin,
- cracks in awing/fuselage junction bore.

Some promising results have however aready been derived from the durability test and from associated
developments :

- most of the cracks revealed by the periodic inspection on the current test airframe had formerly been
identified on the initial one. From these recurring damages, a fair correlation has been recorded between both
FI values at the onset of cracking, and crack growth rates.

- with one exception for which a preventive repair has been developed, the disclosed cracking cases exhibit
slow growths and appropriate NDI methods (with specific transducers in some instances) have been selected
so that the modifications brought to the aircraft maintenance plan could be optimised.

- repair schemes ranging from interim repair to more definitive ones could be developed and the test airframe
is used to assess the fatigue potential of the repaired airframes in anticipation of crack findingsin the fleet that
should therefore not unacceptably affect the aircraft availability.

Reference (1) : L. Deféver, T. Courbe, L. Le Tellier, ‘Alphajet aircraft life extension programme’, proceedings of the
19th symposium of the International Committee on Aeronautical Fatigue, Edinburgh, 1997.
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6.7.4 Transall structurelife extension (Aerospatiale-Matra and CEAT)

Developed in the 60’ s in a French-German cooperation, the TRANSALL C160 aircraft isamilitary transport aircraft.
67 of them are used by the French Air Force for tactical and humanitarian missions basically.

The service life extension for the Transall was decided in 1996 for the following major reasons :

- the advanced fleet age of aircraft in service,

- the estimated date of entry into service of the new generation military aircraft (around end of 2005).
The definition and substantiation of the life extension program will be based on the analysis of both :

- an extensive in-service damage collection with the establishment of a damage data bank,

- afull scale fatigue test on an aircraft retired from service.

The major participants in this process are : A.LA (Atdier Industriel de I'Armement) from "Clermont-Ferrand”,
CEAT, SPAé (Service des Programmes A éronautiques) and AEROSPATIALE.

A big concern was to define the load spectrum to be applied to the test airframe. A usage monitoring campaign was
launched in 1996 to that end, based on :

- collection of general information about each flight of each TRANSALL aircraft (paper form containing the
type of mission, flight duration, take-off and landing weights, door openings for droppings...),

- in-flight recording of flight parameters and stresses on 4 aircraft of the fleet, to derive the loads associated
with each type of mission.

This campaign should come to an end in July 1999, after analysis of flight paper forms and in-flight records on more
than 20,000 and 1,500 flights respectively.

At the same time, the assembly of the test fixture at CEAT will be completed (figure 32). It consists of 119 hydraulic
jacks + fuselage pressurisation, and around 600 strain gauges.

After afew last adjustments, the test is expected to begin in September 1999, for a duration of approximately 4 years.

Tear-down inspections are expected at the end of the test to complement the fatigue test and in-service damage data,
in order to establish the life extension conditions and updated maintenance program necessary to operate the fleet
beyond 20,000 flights.

6.8 IN-SERVICE AIRCRAFT FATIGUE MONITORING

6.8.1 System general description and data collection (CEAT)

Most French military aircraft and a few ones of the same type operated by German and Italian Forces, are equipped
with "fatiguemeters' g-counters. This device is able to count the number of times the vertical acceleration reaches or
exceeds some predetermined levels during each flight. A debriefing form has to be filled in for each flight. The
values of the counters, the mission code and the takeoff store configuration of the flight are written on the same form.
Data collection, analysis and calculations on these individual aircraft recordings are performed by CEAT.

Simple calculation rules are used to provide, at any time during each aircraft lifetime, the cumulative fatigue damage
at some points of the structure (pointed out as critical during the full-scale fatigue test for instance).

The cumulative fatigue damage is calculated on the basis of Miner's rule, assuming a representative Kt and an
appropriate S-N curve . The relations between stresses and vertical acceleration are fitted to give a damage egual to
one for one lifetime in the condition of the full-scale fatigue test.
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First calculations were performed in 1974. Today, more than 800 aircraft are monitored by CEAT, representing the
processing of more than 150,000 flight hours a year.

The load monitoring is not carried out on a sample of each fleet : each aircraft is equipped with a g-counter. Today
the following fleets are monitored :

- Mirage 2000, Mirage F1 and Mirage I VP,

- Alphajet,

- Jaguar,

- Atlantique ATL1 (French, Italian, German),
- Falcon 10 Mer,

- Epsilon,

- Mystére 20.

For those fleets approaching their potential limitations, periodicity of processing and feed back to the Air Forces has
been recently increased. Thisisthe case for the Alphajet (every month) and the Mirage 2000 (every other month).

6.8.2 Evolution of the system : MICROSPEES (Dassault Aviation and CEAT)

Early production line Mirage 2000 for French Air Force (FAF) are equipped with the fatiguemeters (g counters)
described § 6.6.1, the data of which are mostly representative of the loads supported by the wing root. With the
development of new external load inventories, the M. 2000D aircraft, being now delivered to the FAF, are equipped
with the "MICROSPEES' device.

This device - 5 analogic channels + 7 binary parameters data (no strain-gauge) - is able to record the history of
different flight parameters such as : Mach, dltitude, static and dynamic pressures, control deflections, fuel
consumption. The analysis of the records sent to CEAT consistsin deriving the stress history at different points of the
structure and implementing these local stress spectra into models for fatigue crack initiation and propagation :

- fatigue crack initiation prediction is very similar to that performed on the other Mirage 2000 (on the basis of
load exceedance records from g-counters) : afatigue index (FI) is derived from the damage calculated on the
basis of Miner's rule assuming an appropriate S-N curve. The only difference lies on the accuracy of the
spectrum and the stress history which is taken into account by use of a RAINFLOW process,

- fatigue crack propagation prediction uses a model developed by ONERA : this model is based on the crack
closure concept and accounts for stress history.

The first inspection is derived from the crack detection on the durability test airframe, by application of a reduction
factor of 3 to the corresponding calculated Fatigue Index.

The crack growth investigation under various spectra and stress level outlines that the above mentioned "Fatigue
Index" (FI), is penalising with regard to the definition of inspection intervals when considering more severe
utilisation of aircraft. Thus, the subsequent inspection intervals are defined by a specific "Propagation Index" (PI)
value corresponding to the application of a reduction factor of 2 to the calculated time necessary to reach the critical
crack size.

The processing of the first MICROSPEES records raised some difficulties that have been overcome since then in
new technical specifications. These are being implemented in a CEAT software to resume processing by the end of
1999.
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6.8.3 Next generation of the system : HARPAGON (Dassault Aviation and CEAT)

HARPAGON is the name of the Health and Usage Monitoring System on the RAFALE aircraft. Part of it will be

dedicated to fatigue damage calculation.

The approach is similar to that applied to the Mirage 2000-D fleet and described in §6.8.2. Fatigue and Propagation
Indices (FI and Pl) are derived from in-flight recorded parameters. The main improvements are the following :

- more parameters recorded (around 30),
- more structural points tracked (around 30),
- more advanced model for fatigue crack initiation (Dassault Aviation model),

- day to day assessment of the fatigue remaining potential and inspection interval performed by the Air Force and
Navy themselves. These values are periodically updated by feed back and comparison to more extensive calculations
performed at CEAT.

Today, the technical specifications for the calculations are being written, so that the computer programming may
begin by the end of 1999. This should enable the system to be ready when the RAFALE entersinto service.
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Figure 1: 7010 T73651 aluminium alloy, fatigue results (two statistical populations co-exist in the intermediate
stress level (180 MPa)
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Figure 15



6/27

Figure 16 : Curved fuselage panel tested with alongitudinal large cut
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Figure 17 : K gauge principle
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Figure 18 : CEAT's curved fuselage panel facility
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Figure 20 : Landing gear trailing arm specimen
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Figure 21 : Main articulation specimens
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Figure 24 : Mercure fuselage fatigue test
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Figure 27 : TBM 700 location of the most significant fatigue damage
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Figure 28 : TBM 700 fatigue failed component after taking-down
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Figure 29 : Gazelle helicopter full-scale fatigue test
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Figure 32 : Transall full-scale fatigue test
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Review of Aeronautical Fatigue Investigation in Italy during the period
April 1997 to 1999

A. Savetti
Universitadi Pisa

1. INTRODUCTION

This paper summarises aeronautical fatigue investigations which have been carried out in Italy during the period
April 1997 to April 1999. The different contributions have been arranged according to the topics, which are loading
actions, fatigue and fracture mechanics of metallic materials, fatigue behaviour of composites, joints and full scale
component testing. A list of references, related to the various items, is presented at the end of the document.

The review is based on the activities carried out within the various organisations belonging to A.l.F.A., the Italian
Association for Fatigue in Aeronautics. The authors gratefully acknowledge the fundamenta contribution, which has
made this review possible, made by several A.l.F.A. members, who are the representatives of Universities and Industries
inA.LF.A.

2. MEASUREMENT AND ANALYSISOF OPERATIONAL LOADS
2.1 - Design and installation of a structural monitoring system (Aermacchi)

On the basis of the requirements of a foreign customer, a structural Health, Usage and Monitoring System (HUMS)
has been jointly developed by Aermacchi and Agusta; the system has been subsequently validated and installed on the
S211 fleet in order to perform the Load/Environment Spectra Survey and Individual Aircraft Tracking functions.

The main guidelines followed in the development of such a system have been:

Relative simplicity

User friendly

Ease of installation on aircraft already in service

Limited use of dedicated sensors

Reliable use of the S211 full scale fatigue test load histories

The recording and reduction of a limited number of in flight parameters time histories allow the analytical
calculation of flight loads in the most significant items (see fig. 1). The loads analysis is performed with the aid of a
computer on ground and is based on a sound and extensive flight load survey previously carried out during the
certification phase of the S211 aircraft.

The relevant elements of the S211 HUMS system are:

1) INFLIGHT

- Acquisition of flight parameters

- Datacompression through the Peaks and Valley methodol ogy
- Max Ny exceedences indication

- Automatic counting of spin turns

2) ON GROUND

- Datavalidation

- Loadg/stresses calculation in the selected control points of the airframe
- Fatigue damage rate evaluation for each control point

- Consumed safe life and load severity indexes of the fleet

Fig. 2 shows the results obtained, with reference to the wing structure.
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2.2 TORNADO life monitoring (Alenia Turin)

As already outlined in previous versions of the Italian National Review, the accounting for structural fatigue life of g-
sengitive components applied to the entire Italian Tornado fleet continues to be managed by ALENIA using its own
computer program that utilises g-meter readings and configuration/masses control. This activity is performed in parallel
with the Maintenance Recorder System that is managed by Italian Air Force.

Updating of Maintenance Recorder System software (a monitoring system based on flight parameters recordings on
board and fatigue life consumption calculation on ground) was performed. In addition, the software for filtering input
data was improved, and a significant reduction of invalid recordings due to spikes was obtained.

A series of comparisons of Maintenance Recorder System results with outputs obtained by other computer programs,
commonly used for calculations, took place. This activity was successfully concluded and resulted in the final validation
of the system.

As far as the evaluation of the fatigue consumption of items not monitored by present monitoring systems is
concerned, a complete review of qualification status and fatigue criticality of unmonitored items was performed.

The activity of measurements on statistical basis of actual service loads and spectra will continue in the next years,
thiswill permit also to evaluate the possibility to extend the use of the aircraft.

An analysis dedicated to verify fatigue consumption of pylons carrying stores, that were not previoudly considered in
the design of the aircraft, was carried out.

2.3 Fatigue monitoring of the AM-X (Alenia Turin/Aermacchi)

As dready outlined in previous versions of the Italian National Review, the fatigue monitoring of AM-X is
performed on each aircraft of the fleet by means of the computer program prepared by ALENIA; like for Tornado, the
program is based on g-meter readings, configuration/masses and mission profiles.

Another structural fatigue monitoring system, developed and installed in collaboration with Aermacchi, based on 7
strain gauges and 1 accelerometer and called Airborne Strain Counter (ASC), is also used, but only on alimited number
of aircraft, while all the others will be monitored via g-readings.

The reference stress spectrum is obtained by full scale fatigue tests and it is measured several times in order to
minimise the scatter in the strain gauges readings.

A first comparison between the two systems was performed; such comparison activity will continue to find areliable
correlation between the two systems.

3.METALS
3.1 - Fatigue behaviour of notched and unnotched materials
3.1.1 Application of surface coatingsfor anti-wear purposes (Agusta)

Following the experiences of the previous years, a research activity has continued on the influence of anti-wear
treatments on the fatigue behaviour.

Dynamic components of helicopters are quite often subjected to dynamic loads in presence of dliding contacts, which
result in typical fretting fatigue conditions. For this reason, fatigue tests in fretting conditions have been carried out on
Ti dloys, [1]. Test results obtained in fretting and non fretting conditions (R=0.1) are shown in fig. 3a, while the effect
of two coatings (PVD: Physical Vapour Deposition; DG: Detonation Gun) is shown in fig. 3b.

By applying surface coatings necessary to reduce friction or surface damage, it is necessary to take into account the
effect on the fatigue properties that the coating generates. Therefore, rotating bending fatigue tests are always carried out
at any time that new surface treatments are evaluated. Fig. 4 shows how two new coatings under evaluation behave in
comparison with the bulk material baseline and with previous test results.
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3.1.2 Advanced surfacetreatmentsfor transmission gears (Agusta)

New production routes for high performance gears and bearings, as well as possible process improvements, are
continuously being developed; in the following, a description is given of some results about the fatigue evaluation of
new surface treatments obtained during the last two years.

3.1.2.1 Development in nitriding and car burizing processes (Agusta)

The key processes commonly applied to improve the mechanical and fatigue properties of gear steels are the
nitriding and carburizing processes.

The increased resistance and the residual compressive stresses introduced in the surface layer (case) usualy play a
fundamental role in fatigue performance.

Studies on both those processes are currently underway, together with fatigue testing to evaluate the influence on the
performances at Politecnico di Milano - Dipartimento di Chimica Fisica Applicata and in Agusta company. The
evidence of the effects of process improvements to fatigue will be available in the future months.

3.1.2.2 Duplex hardening (Agusta)

A Brite Euram program, funded by the EU, is aimed at the development of high performance surface materials,
searching for the best compromise of core toughness, surface hardness, fatigue endurance and rolling contact fatigue
resistance and elevated temperature resistance. Many parameters have conflicting conseguences and the influence of any
of them is evaluated.

One of the key areas is of course the surface hardness and the presence of a fairly thick hardened case showing
compressive residua stresses. This can be achieved by duplex hardening (carburizing followed by nitriding), thus
obtaining a hardened case over atough core, see [2]. Fig. 5 shows the improvement in fatigue endurance which can be
obtained with reference to atraditional carburized material.

3.1.3 Evaluation of high tempering temperature carburizing steel (Agusta)

Traditional carburizing steels for helicopter transmissions are usualy limiting the performance of the gearbox by
their temperature limits. In fact their carburized case cannot withstand temperatures higher than 150°C without
softening. The choice of a material with higher tempering temperature is the most straighforward to allow higher
temperature performance and to withstand longer loss of lubrication conditions, without introducing too many changes
in the design. In fact for Pyrowear 53 (trade mark of Carpenter Technology), all the sophisticated processes applied to
the gears remain almost unchanged. A comprehensive study was carried out to evaluate fatigue endurance properties of
this new material compared to traditional AlSI 9310.

The evaluation of the gear performance in fatigue is difficult because the carburized case must be tested possibly in
the same stress concentration conditions of the actual gear. Tooth bending tests, though more similar to redity are
subject to experimental pitfalls. A good solution seems the tensile tooth root fatigue specimen which is shown in fig. 6.
By careful choice of the root radius, a good similarity with the situation of the actual gear tooth root can be achieved.
For carburizing steel tests 1mm radius was chosen.

The tests on Pyrowear 53 showed very consistent results compared to AISI 9310, as shown in fig. 7. As these tests
were run at ambient temperature, the advantage at elevated temperature in the transmission is expected to be noticeable.

3.2 - Crack propagation and fracture mechanics
3.2.1 Fatigue crack propagation and fracture analyses of some Al-Li alloys (Uni. Rome)

An experimental activity has been carried out to evaluate the crack growth resistance of three different commercial
Al-Li aloys: 2091, 8090 and Weldalite 049 (2195). Fatigue tests were performed on compact tension (CT) specimens
machined from the plates in the LT orientation with B=9.5, 12 mm and W=40 mm. All tests were conducted with a
sinisoidal constant amplitude loading, a R=Pmin/Pmax=0.3, with a maximum load Pmax of 4 KN. The fatigue tests
were carried out in two different environments (air and 3.5% NaCl aqueous solution) and at different frequencies (1, 2, 5
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and 10 Hz). Fracture surfaces were examined using a scanning electron microscope (SEM). Some fracture surfaces were
etched with a particular reagent in order to identify the crystallographic orientation of fatigue crack surface facets.

Figures 8 show the comparison between the fatigue crack propagation behaviour of the three studied aloysin air (a)
and in NaCl agueous solution (b). The scatter bands in the figures are the result of al the tests conducted on each alloy
in the indicated environment.

The comparison between the three aloys in air does not show any appreciable difference in the crack growth
behaviour. Only the 2091 alloy, near the threshold region, shows higher propagation rates. In aqueous chloride solution
Weldalite 049 shows lower propagation rate at any D K. From all the results obtained, it is clear that there is not a direct
correlation in the frequency range 1 - 10 Hz between the applied frequency and the fatigue crack growth rate both in air
and in chloride solution

The good fatigue properties of this class of materials result from a series of phenomena that reduce the crack growth
driving force. Usualy Al-Li aloys show an intergranular fracture with evident signs of delamination. Delamination
phenomena increase fracture toughness and fatigue crack growth resistance in the TL and LT orientations, because they
divide the specimen into thin sheets and thus change the expected plane strain state (triaxial load) in aglobal plane stress
state (biaxial load, lower stress level). However, the main phenomena that reduces the crack growth driving force are
those related to the roughness induced closure mechanisms.

For a better and more complete analysis of the test data, a FE analysis has been carried out of the plastic wake and
plastic zone utilizing the Dugdale strip yield model. The main objective of such an activity was a better interpretation of
test results near the theshold, where significant contributions to crack closure come from the roughness. More details are
reported in [3].

3.2.2 Application of aluminium lithium alloys (Agusta)

Application of Aluminium-Lithium alloys is quite extensive, where a strong weight reduction is required. The
possibility to introduce 8090 material in condition T81 in lieu of the classical 2024-T3 is amost straightforward, as
8090 in this condition retains most of the mechanical properties of Clad 2024-T3, with also a slight improvement in
fatigue endurance.

One concern was related to fatigue crack propagation, because new design of helicopter airframes is bound to
damage tolerance certification criteria.

Asit iswell known, some of the properties of 8090 are dependent on the loading direction (typically yield strength).
However the recrystallized condition, which is now employed for sheets of this grade, reduces the anisotropy effects. In
particular, no influence of loading direction on the crack propagation rate was observed.

Crack propagation tests were performed on 1 mm thick sheets, milled tension specimens-ASTM E647, in three
orientations (L, T, 45°), and three stress ratios (0.1, 0.3, 0.5) by the Department of Mechanics — Milan Polytechnic; a set
of resultsisreported in fig. 9.

3.2.3 Evaluation of Fracture Mechanics characteristics of Al alloys for high temperature applications (Univ.
Pisa)

Within the framework of a Brite-Euram project, aimed at the development of Al based aloys for applications in
temperature up to 300 °C, the Department of Aerospace Engineering of Pisa has carried out some fracture mechanics
tests on shests, that were produced within the research by means of the Powder Metallurgy technique. Two materials
were, at the end of the research, selected as candidates for the proposed applications: a quaternary aloy, Al-Fe-V-Si, and
a Al-Mg-Li reinforced with 7.5% wt. Ultrafine Titanium dioxide. The two alloys showed rather different fracture
toughness characteristics that were assessed by means of R-curve tests: good ductility for the quaternary aloy and a
brittle behaviour for the MM C. Some of the crack-growth rate data are shown in figs. 10.

3.2.4 Residual strength evaluation of stiffened Glare panels (Univ. Pisa)

Within the framework of the ADPRIMAS Brite-Euram project, a collaboration has taken place between Alenia and
the Department of Aerospace Engineering of Pisa, to study the residual strength of stiffened panels, with a Glare skin.
The activity consisted of experimental tests carried out to evaluate the static properties of two types of fibre-metal
laminate, named Glare X and Glare Y, produced by Alcoa for Alenia, that built three samples of each of the four
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gtiffened panel configurations that were object of evaluations. Two additional sheets were also provided to the
Department of Aerospace Engineering, in order to evaluate the fracture resistance (R-curve) on Centre Cracked Tension
(CCT) specimens.

The stable crack propagation, during the residual strength tests on the CCT specimens, as well as on the stiffened
panels, was monitored by the Image Analysis technique. One sample for each stiffened panel configuration was
extensively instrumented with strain gauges, to verify the stress distribution during the test. Some standard tensile tests
were also carried out on small coupons cut from the skin of some stiffened panels after the residual strength test, to
obtain the constitutive laws of the material, to be used in the numerical analyses (in progress).

The lay-up of the glass fibres was the same for both Glare types, i.e. Al/£45/Al/0,/Al/+45/Al; the only difference was
the aluminium aloy used: 2024-T3 for Glare X and 7475-T73 for Glare Y.

Two panel configurations had the skin in Glare X and two in Glare Y. However, other parameters were different in
the various configurations, in addition to the skin material, such as the panel width, the type of the pad below the
stiffeners and the type of joint between the skin and the stringers, as shown in Table I. All the panels had five stringers,
made of 7075-T6 extrudate, with the central cut; different values of initial crack length were chosen, with a complete cut
being introduced in the skin.

Both crack tips were monitored during the tests. The load increments were in steps of 50 MPa from 0 to 150 MPa, 5
MPa from 150 to 200 MPa and 2 MPa from 200 MPato failure. Figs. 11 and 12 show the Load vs. Crack extension plot
for the stiffened panels.

4. COMPOSITES
4.1 - Fatigue behaviour

4.1.1 Degradation of the fatigue endurance of composites due to impacting, notching and absor bing of water, ails,
fuels and de-icing fluids (Pol. Milan)

An experimental research was carried out, with the purpose of studying the combined effects of moisture absorption
and damages (due to low-energy impacting) or notches on the static and fatigue behaviour of composite laminates made
of aramidic or graphite fabrics and epoxy resin; besides, the work evaluated the influence exerted by the absorption of
typical aeronautical fluids, i.e. skydrol, jet-fuel and de-icing, as well as distilled water, on the tensile and compressive
static and tensile-compressive fatigue behaviour of the same composite materials. The response of the different materials
to low-energy impacts was investigated as well, and the shares of elastic re-bound and absorbed damaging energies were
evaluated.

The mechanism of fluids diffusion into composites was deeply investigated, in order to set-up a methodology for the
accelerated conditioning of these materials, able to experimentally reproduce the real phenomenon of water up-take.

Finally, static and fatigue testing were carried out on specimens previously dry- and wet-conditioned up to saturation;
so doing, the effect of moisture absorption on plain, notched and impacted coupons was evaluated keeping, as a
reference, the behaviour of dry-conditioned samples.

Furthermore, the influence exerted by notches and impact damages on the mechanical characteristics of the
composites was analysed, at a parity of the environmental conditioning. By means of the opaque-enhanced dye
penetrants stereo-radiography, the damage onset and growth was studied during the whole fatigue life, and the
correlation between the decrease of the mechanical characteristics and the damage development was carried out.

In conclusion, the scanning electron microscopy (SEM) made feasible the investigation of the microscopic
mechanisms of absorption and damage, and allowed the proposition of physical interpretative models.

4.1.2 Fatigue Evaluation of Composite Materials (Agusta)

One of the drawbacks of composite materials application is the extremely high cost of certification, due to the need
of performing at different complexity levelstestsin several damaged conditions, including the evaluation of the moisture
effect. Fundamental studies are therefore quite useful, if they can be used to substantiate the reduction of certification
tests.

To assess the effect of hot-wet ageing on the properties of a glass reinforced epoxy resin, static and dynamic tests
were run in dry and moisture saturated condition. It has been found a reduction in the elastic properties and strength. On
the other hand it seems that the hygro-thermal ageing has no marked effects on the fatigue curve at endurance loads,
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whereas at low cycles a behaviour similar to the static case is observed.
More details and the main results and can be found in [4].

4.2 - Damage mechanisms and damage development
4.2.1 Damage toler ance evaluation of sandwich composite structures (Uni. Pisa/Agusta)

This program is focused in the improvement of structural evaluation of sandwich structures, to reduce the
certification costs. Agusta is involved in the performance of tests and analyses, in collaboration with the Department of
Aerospace Engineering of Pisa, to address the evaluation of delamination growth in the sandwich skin. The purposeisto
improve comprehension of the driving parameters in delamination growth, deriving data to reduce the test plans on
complex elements and subcomponents.

In the previous ICAF Symposium, a paper was presented, [5], describing the results of a test program carried out
within “Damtos’, a Brite project. Sandwich panels, representative of real helicopter structures, were tested under the
application of static and of fatigue loading, both in pristine and in damaged conditions; in this last case, impact damage
was inflicted, or artificial delamination was introduced in a skin. One of the most interesting facts observed was that an
artificial delamination may grow, under the application of a compressive fatigue load of constant amplitude, with a
progressive decrease in the rate; in some cases, when the load range was low, the growth stopped and a sort of stable
final shape was reached.

A FEM analysis was carried out of the above mentioned test results, with the purpose of assessing G, the Strain
Energy Release Rate, the Fracture Mechanics parameter that is best suitable to describe fracture progress in composites.
The total value of G is not particularly meaningful, but special attention must be paid to how G is divided into the
contributions according to the fundamental Fracture Mechanics modes, i.e. mode | (opening), mode |1 (in-plane shear)
and mode 111 (out-of-plane shear). The reason for this is that the fracture resistance has quite different values, when
measured according to the various modes; in this respect, mode | is the most critical. As a consequence, the FEM mesh
must be very detailed: the displacement field must be evaluated very accurately, keeping also geometrical non-linearity
into account due to the occurrence of buckling of the sublaminate. For this purpose, a global-local approach was
utilized; two FEM analyses are carried out, the first on arather coarse mesh of the complete panel, and the second one
on the central part, very finely described, where the displacements computed in the first analysis are applied. An
example of the results obtained are shown in figs. 13, where the distribution of G contributions according to mode | and
Il are shown, for a generic delamination shape, observed in the experiments; it is interesting to note that, for an increase
in delamination length, a strong decrease in mode | contribution occurs, while the mode |1 one increases. This explains
why, in some cases, under the action of a small fatigue load, it was observed that the delamination evolved towards a
stable shape: mode | is associated with a much lower interlaminar resistance than mode I1.

The study of interaction between different mode partitions of G is therefore of particular interest and a material
characterization will be carried out using the Mixed Mode Bending test procedure, developed by NASA, [6].

Other details about this activity can be found in [7].

5. JOINTS
5.1 - Riveted joints
5.1.1 Multi Site Damagein riveted joints (Uni. Pisa)

The main target of this research, carried out in collaboration with AerMacchi and within the Brite-Euram BE95-1053
(SMAAC), was the study of Multiple Site Damage (MSD) occurring in ageing aircraft, particularly at fuselage
longitudinal joints. As a matter of fact, a number of small fatigue cracks, aligned with a long crack, can significantly
reduce the residual static strength of the structure. To study this problem, an experimental activity has been carried out
on specimens representative of atypical longitudinal riveted joint of a pressurised fuselage. The geometry of the selected
single strap butt-joint specimen is shown in fig. 14; the material is 2024-T42 bare, t=1.2 mm. The research was carried
out through the following phases:

1. fatigue crack nucleation on butt-joint MSD specimens;
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fatigue crack nucleation on simple coupons, a strip specimen with a single row of rivets, obtained by cutting the
MSD specimens longitudinally;

fatigue crack propagation in MSD specimens,

residua static strength of cracked MSD specimens;

analysis of fatigue crack nucleation and propagation;

prediction of residual static strength using different fracture criteria.

oA ®

The Image Analysis technique was used in almost all the tests. This method has some advantages: @) it is possible to
carry out fatigue crack nucleation and propagation tests automatically; b) it can be easily applied to complex geometries,
even with multiple-site damage; c) there are no particular requirements for the specimen surface, and so in many cases
surface preparation is limited to the paint removal by emery paper. The sketch of the test equipment is shown in fig. 15.
It consists of commercial products: a Personal Computer, an Analog/Digital converter plug-in card, a Frame Grabber
plug-in card, a black& white videocamera, an optic-fibre illuminator and a three-axes stage equipped with step motors. A
computer code, named FATIMA (FATigue crack measurement by the IMage Analysis technique), was realized to
control the equipment; it allows to perform fatigue crack nucleation and propagation tests, as well as residual strength
tests.

The experimental activity has allowed the collection of a large amount of test data, that were quite useful for the
activity described in par. 5.1.2. An additional activity, related with a few residual static strength tests on large MSD
(W=600 mm) pre-damaged specimens (i.e. with a well-defined crack scenario), is planned to be carried out. The tests
would show the stable link-up between cracks before the final failure.

A simple model has been used to predict the residual strength of damaged MSD butt-joints. The assumptions were
the following: a) assigned load transfer ratio between the rivet rows; b) evaluation of K by means of the compounding
method, considering also the interaction effect of neighbouring cracks; c) stable crack propagation evaluated by the R-
curve of the material; d) link-up occurring when the plastic zones join; €) failure occurring at the average yielding of the
net section or by reaching the Kc of the material. Preliminary results were very encouraging. A more complex model is
under study, which is based on the use of the Crack Tip Opening Angle as a criterion for stable crack propagation.

More details about the results of this research activity can be found in a paper to be presented at the ICAF
Symposium, [8].

5.1.2 Development of a fatigue design methodology based on the probabilistic approach (Uni. Pisa)

The PISA (Probabilistic Investigation for Safe Aircraft) code, written in Fortran, studies the modelling of the fatigue
behaviour of typical aeronautical structures, such asriveted joints and stiffened panels or joints, in order to evaluate their
number of cycles to failure. By means of the MonteCarlo method and utilizing the statistical distribution of the main
parameters that influence the deterministic estimate of the component fatigue life, the code is capable to simulate the
typical scatter in fatigue of metallic components.

Experimental activities have been carried out to provide the statistical distribution of some of the variables that
influences the result. The variables considered are:

a) nucleation of single cracks, through the Time to Crack Initiation model or the analogous Equivalent Initia Flaw

Size,

b) growth rate, through the coefficient C of the Paris law;

c) failure of the structure, described by the fracture toughness K ¢ distribution;

d) possible inspectionability of the structure, at prescribed intervals in terms of number of cycles, through the

Probability of Detection curve.

The PISA code uses analytical models, available in the literature, to evaluate the corrective coefficients for K, keeping
the various crack scenarios into account (interaction of a crack with a hole or with neighbour crackr or with stiffeners).
In the case of multi-rows riveted joints, the code considers also the Load Transfer for the different rows. The code,
carrying out a high number of simulations, can provide an estimate of the probability of failure of the component
examined.

The code has a modular structure and each module has been critically evaluated and, by means of comparison with
results available in the literature, validatied. In addition, a specific test activity has been carried out to provide data on
real components, useful to evaluate the code in its globality, i.e. the accuracy/reliability of its results.
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Future developments of the code will bgo in the direction to include a larger number of possible MSD critical
components.
More details of this research activity will be described in a paper to be presented at the Symposium, [8].

5.1.3 Fatigue behaviour of riveted jointsmadein Glare (Univ. Pisa)

Within the framework of the Brite-Euram research project ADPRIMAS, a collaboration between the Department of
Aerospace Engineering of Pisa and Alenia has taken place, focused on the study of the fatigue behaviour of riveted and
bonded joints made of Glare. Thisis a part of awider task, with the objective to develop a fuselage side pand, that shall
be qualified in afull scale fatigue test.

Notwithstanding the experience gained in the design of metallic aircraft structures for so many years, joints are
always critical elements; in the case of Glare, even greater attention must be paid to the study of the behaviour under the
application of fatigue load cycles. The real problem is that fatigue damage develops in a quite different manner, with
respect to metals, and therefore the design process must follow different rules. The fibres that are inside Glare have a
very high resistance and fatigue cracking is limited to the metallic layers. The fibres act as crack stopper layers, that
delay crack propagation in the thickness and reduce the crack growth rate within the Al layer; in addition to this positive
action, it should be also considered that the fibres, even when al the metallic layers are completely cracked, after the
application of many load cycles, make the joint still have areasonable residua strength.

Aleniaisin charge of the design of a fuselage side panel for awide body aircraft, using Glare as the base material.
For the skin, as a consequence of the large diameter, the pressurisation load condition requires a large thickness:
therefore a Glare type 4/3 was selected, i.e. with four Al layers and three glass fibre layers. A very particular fibre lay-
up with high shear stiffness and strength, namely Al/+45/A1/0,/Al/£45/Al, has been chosen for that structural element,
since it is subjected to large shear flows introduced by the floor beam. As a reference, the hoop direction has been
assumed as 0-degree. This is a very “singular” lay-up, which has never been studied before; in the literature, only
information about more “traditional” 0 or 90 degrees fibre orientations can be found.

Asfar as the aluminium alloy is concerned, the high static requirement has made it attractive to consider also the use
of 7475 Al aloy, another “singular” choice for a fuselage skin, with respect to the much more common selection of
2024-T3.

The joints of this experimental investigation are representative of fuselage longitudinal joints. The test program
comprised many different specimen configurations, that were designed by Alenia, in accordance with typical solutions
utilized. The configurations evaluated are lap joints, with 2 or 3 rows of rivets, and butt joints, with single or double
strap. In total, 16 different configurations (4 bonded and 12 riveted) were evaluated.

All the specimens were 140 mm wide, and each rivet row contained 7 rivets, spaced 20 mm apart (the external rivets
were placed at a distance of 10 mm from the lateral edge); also the distance between rivet rows was 20 mm, while the
edge margin (in the axia direction) was 12 mm. The specimens were manufactured by Alenia; the rivets were installed
wet, using a PR 1773 B surface sealant, and their formed heads had a diameter equal to 1.3 times the shank diameter, a
typical Alenia production standard.

For each configuration, the following test procedure was followed:

a) one specimen was tested to evaluate the tensile strength;

b) a few specimens, typically 5-6, were subjected to a fatigue loading up to complete failure, in order to obtain a
traditional SN curve; the aim of these tests was to define a realistic stress level to be used in the subsequent tests: a
fatigue life of about 4-5 hundred thousand cycles was considered appropriate, because, divided by a typical scatter
factor of 4, provides areadlistic target fatigue life;

¢) the rest of the specimens was used to study the decay of the Residual Static Strength (RSS) with the fatigue
damage accumulation: each specimen was subjected to a prescribed number of load cycles (C.A., R=0.06, Smax
defined at the previous step), after which itsresidual strength was measured.

Some results are shown in figs. 16 and 17, where it can be seen that the joint is capable to retain a high percentage of
the original strength after a considerable percentage of its fatigue life. This is very positive, from a Damage Tolerance
point of view, but on the other hand fatigue cracks began to nucleate very early, on the mating surfaces, where bending
stresses were high and a particular “knife edge” effect was present as a conseguence of the reduced height of the
cylindrical collar, where the rivet shank applies very high pressures. The end of the useful life for this type of joints
seems therefore to be the evidence, on the outer metallic surface, of a fatigue crack; in these conditions, as already said,
the joint has still reasonable strength capability, but safety reasons will never alow an aircraft to fly with externally
visible cracks.
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5.1.4 Fatigue behaviour of metallic lap joints (Univ. Pisa)

A research has been carried out at the Department of Aerospace Engineering of the University of Pisa about the role
of the riveting technological parameters on the fatigue behaviour of metallic lap joints. For this purpose, the attention
has been focused on lap joints in 2024-T42, thickness 1.2 mm, with two rows of rivets. A test program was defined and
carried out to investiugate the influence of the types of the head, the material, the heat treatment, the squeeze force on
the fatigue behaviour. The material was anodised and protected by primer and topcoat; the rivets were wet installed.
Contemporarily, a numerical analysis has been carried out; particular attention has been paid to study the influence of
the specimen width, keeping also geometrical non-linearity into account, to compare the stress distributions in realistic
joints with those obtained in typical laboratory coupons. Details of the results obtained are not given here as this item
will be the object of a paper presented at the next ICAF Symposium, [9].

5.2 - Weldments
5.2.1 Mechanical propertiesof Variable Polarity Plasma Arc (VPPA) welded 2219-T851 joints (Uni. Pisa)

The Variable Polarity Plasma Arc (VPPA) welding technique used in the keyhole mode offers significant
improvements compared to the traditional techniques, particularly in terms of higher bead quality associated with low
production costs.

In view of these advantages, Alenia Aerospazio-Divisione Spazio has successfully developed and qualified a VPPA
keyhole process to be applied on 7 mm thick joints of Aluminium Alloy 2219. The qualified process is applicable to the
COLUMBUS module and to the Mini Pressurized Logistic Module structure manufacturing. The Department of
Aerospace Engineering of Pisa has taken part to the qualification program, by performing fracture mechanics and
susceptibility to stress corrosion tests on welded and un-welded plates. Residual stresses acting in welded plates were
also measured. Some details about the results obtained were given in the previous review. The testing activity was
concluded; a synthesis of the results obtained was given in [10].

The item of the residual stresses in welded joints was prosecuted numerically by using MARC, [11]. The solution is
subdivided in two phases; in the first phase the welding process is simulated numerically. A mobile thermal source heats
the plates; the intensity of the source is calibrated to have an area where the temperature exceeds the fusion temperature
of the material as large as the weld bead. This analyses stops after the simulated cooling of the plates. Then the
mechanical problem associated to the thermal history is solved. The interest in the prediction of the residual stresses
acting in awelded component lies in the possible optimisation of the welding sequence to reduce the internal stresses or
to reduce the deformations of the welded components. Also the effect of different constrains used to support the
component during the welding process can be easily simulated by FEM. Fig. 18 shows an example of prediction of the
residual stresses in an aluminium welded plate, compared with experimental results. Both the distribution than the
numerical values of the residual stresses are quite accurately predicted.

5.2.2 Application of Titanium to fatigue critical parts (Agusta)

The work started in 1995 for the evaluation of anear b aloy Ti-10V-2Fe-3Al, and that was aready mentioned in the
last Italian National Review, has been concluded. This aloy has proven itself quite suitable for dynamic parts subject to
severe fatigue load, especially for positive R ratios. Prototype parts were also produced and tested. On the other hand,
the characteristics of fatigue propagation seem penalized with respect with annealed Ti-6Al-4V.

Some of the advantages of applying Titanium alloys, especialy in the metalurgical conditions associated with
enhanced fatigue and static properties, are counterbalanced by high material and machining costs. Studies are underway
about the possibility of welding titanium parts by the Electron Beam process, starting from near final shape sub-
components. A preliminary evaluation of fatigue performance of the welded joints was carried out and is shown in the
fig. 19. All the failures took place in the Heat Affected Zone near the welding. As shown in the figure, the welded
material fatigue limit can be considered approximately half of the bulk material.
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5.2.3 Crack propagation in Ti-6Al-4V TIG welded plates under static and under fatigue load (Univ. Pisa)

Crack propagation tests were carried out on TIG welded Ti-6Al-4V plates, 200x600mm, thickness 2 mm, with the
weld bead perpendicular to the load (crack in the weld bead or in the Heat Affected Zone) and with the weld bead
parallel to theload (crack perpendicular to the weld bead). This material istypically used in space applications. The start
notch was a surface crack. Some specimens were stress relieved to investigate the effect of the internal stress on the
crack propagation rate. Comparative tests were carried out also on virgin material.

Welded plates were tested also for stress corrosion cracking; the corrosive environment was isopropilic acohol.
Preliminary fracture toughness tests were performed on two specimens; the crack was in the Heat Affected Zone; stable
crack propagation was observed in the two tests at values of the stress intensity factor greater than 95 and 102

MPa x/m . The maximum value before final failure was 116.5 MPax/m . Very long stress corrosion tests, up to five
months, were performed. Crack propagation due to stress corrosion was observed under a stress intensity factor of about

100 MPax/m . The mean crack propagation rate observed was very low, about 4 x10-3 mm/day. A comparative test,
performed using 3.5% NaCl solution, gave the same result. The conclusion of this activity was the high resistance of
welded panels to stress corrosion cracking. Some crack propagation tests under fatigue loading in corrosive environment
were performed and the effect of the corrosive environment was evident in this case, fig. 20.

More details can be found in [12].

5.2.4 Susceptibility to Stress Corrosion of 7050-T 7351 Electron Beam Welded Specimens (Univ. Pisa)

Susceptibility to stress corrosion tests were carried out on electron beam welded specimens made of 7050-T7451
aluminium alloy. As a comparison, specimens made of base material were tested too. The starting material was welded
plates, 200x200 mm, thickness 27 mm, obtained by joining (EBW) two plates, cut in the longitudina direction, along
the transverse direction. The welded plates were machined to obtain small bars, which were milled to produce butt
welded cylindrical specimens, diameter 4 mm, gauge length 26 mm.

The resistance of the welded material was high: the tensile properties were only dlightly lower than those of the

base material. After thirty days exposure to a corrosive environment (alternate immersion in a 3.5% NaCl solution), the
tensile properties of the welded material were considerably reduced, while the same properties were only dightly
affected in the base material. The combined effect of stress and corrosion was only slightly detrimental for the base
material and very detrimental for the welded material. At the lowest stress level tested, about 25% of the ultimate stress,
the welded specimens failed after amean life of 90 days.
Considerable residual stresses associated with the welding process were measured in a welded plate. A test was
performed to verify the possibility of stress corrosion cracking promoted by the welding residual stresses. In actual fact,
no cracks were observed, but the corrosion rate increased, particularly in the areas affected by the higher residual
stresses. The results of the whole activity were given in [13]. Fig. 21 shows the Time-to Failure results relevant to the
welded specimens.

5.3 Bonded joints
5.3.1 Fatigue behaviour of bonded jointsin Glare (Uni. Pisa)

As dready described in par. 5.1.2, a large eperimental activity was carried out, within the framework of the
ADPRIMAS Brite-Euram project, to evaluate the fatigue behaviour of joints in Glare. The investigation about riveted
joints was completed by the assessment of four bonded joints configurations; three differed overlap/thickness ratios were
used (20, 30 and 40), plus a bonded and riveted configuration.

In the case of bonded joints, the failure mode was rather particular; the mating Al layer cracked at the overlap end,
due to the stress concentration, and the crack propagated rapidly in the thickness and the width, cutting completely the
metal layer. The fibre layer below acts efficiently as a crack stopper, so that the fatigue damage develops in the form of a
delamination, between the cracked Al layer and the subsequent fibre layer, that offers minor resistance in comparison
with the metal-to-metal bondline. The delamination grows in the overlap area, until the specimen separates in two parts.
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6. COMPONENT AND FULL-SCALE TESTING
6.1 - Full-scale fatiguetest of AM-X aircraft (Alenia Turin)

AM-X WAFT (Whole Aircraft Fatigue Test) ended after the application of 16000 simulated flight hours (SFH) and a
major inspection was performed.

A second test, WAFT2, was programmed with two main objectives. 1) to qualify the main modifications of fuselage
Main Frames in the area concerned by the wing-to-fuselage attachment; 2) to extend the AM-X fatigue life from 16,000
to 24,000 simulated flight hours. The test set-up is similar to that defined for WAFT Test and the loading sequenceis the
same. At present, 8,000 SFHs have been completed and the test article inspection program isin progress.

6.2 - Dassault Falcon 900 (Alenia Turin)

A damage tolerance test on the engine mount system was performed.

The theoretical crack propagation calculations were performed using a dedicated FEM model (fig. 22) to calculate
DK and an ALENIA computer program calculating cycle by cycle the crack propagation rate. The analysis of results,
including the comparison between cal culations and test and the tuning of theoretical method, is now in progress.

6.3 - ATR 72 full-scale fatigue test — Tear down inspection (Alenia Naples)

The Full Scale Fatigue Test of ATR 72 Aircraft was defined keeping the specific load conditions expected in
service into account. The ATR 72 A/C was designed to cover an operational life of 70000 flights. During the Full Scale
Test the objectives were to demonstrate:

Two Lifetimes for the structural parts designed as Damage Tolerant
Five Lifetimes for the structural parts designed as Safe Life

As aready reported in the last National Review, the Full Scale Fatigue Test was successfully concluded and the

scheduled Tear Down Inspection (including non destructive and destructive checks) has been carried out.

Tear Down Inspection main objectives were:

To find hidden cracks and to discover new critical areas, if any, not detected by inspections performed during the

fatigue test;

To verify the effectiveness of the inspection program for the ATR fleet;

To assess the minimum detectable crack length provided by selected inspection methods, and to correlate it with the

fractographic results;

To determine the real crack dimension for damages detected during fatigue test;

To analyze material and processes applied to the ATR, in order to verify theinitial quality of the airframe structure.

The Tear Down Inspection results substantially confirmed the damage scenario detected during fatigue testing;
some small differences were discovered after the disassembly of main components and can be attributed to the better
accessibility conditions.

6.4 - Helicopter A119 Koala (Agusta)

A new single engine aircraft derived from A109, with 2720 kg of take off weight and a Pratt & Whitney engine of
1000 SHP. Civil certification is being carried out according to JAR 27.

Some significant dynamic parts are new design, the others were derived from A109.The fatigue test plan was
completed on the main new assemblies, which are:
accessory gearbox, engine shaft, tail rotor drive line, 90° gearbox, landing skid, tail rotor mast, tail rotor controls,
‘compact’ main rotor head, with 'short' tension links and 'longer' blade root section (both composite items).

The usage spectrum and the flight conditions for the fatigue life calcul ations were derived and the preliminary fatigue
lives were evaluated.

Thefinal load survey and fatigue calculations are in progress at present for the Civil Type Certificate.
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6.5 - ATR 42/72 Carbon Epoxy empennages (Alenia Naples)

As described in the last National Review, a new structural configuration of the empennages for the ATR aircraft has
been defined in order to achieve a significant weight saving for the complete airframe. The new configuration resulted in
aweight reduction of about 85 Kg in comparison with the metallic configuration. The main features were fully described
in the last National Review; during the last two years, the Full Scale Fatigue test was successfully completed, reaching
the target of 70,000 flights.

6.6 — EF Typhoon (Alenia Turin)

ALENIA prototypes (DA3 and DA7) are flying to perform the flight activity tests.

A simplified analysis for structural fatigue consumption of prototypes was performed, using flight test
instrumentation, comparing design spectra with flown spectra of some significant flight parameters.

The Magjor Airframe Fatigue Test reached the target of 18000 simulated flight hours, covering the design safe life of
6000 hours (scatter factor of 3).

A very good behaviour of composite materials components was demonstrated; fatigue problems were limited to
metallic parts.

An analysis of failures experienced on MAFT was performed getting indications for design improvements.

A fatigue test on wing tip DASS pod started in ALENIA Turin. The spectrum includes manoeuvres with associated
buffet conditions and gust loads. The simulation of buffet was obtained by the statistical elaboration of buffet power
density spectra. The PSD function of buffet response (fig. 23) has been elaborated into a probability density function
(PDF) relevant to RMS of both Fz and My used as driving loads. The PDF was calculated for maxima assuming an
identical, but opposite one, for minima. The negative part of the curve can be associated to maxima lower than O (or
viceversa minima greater than 0). The range used for the construction of the spectrum was 0 to 4s, and the analysis of
this range has been performed by discretizing the curves of PDF into 13 intervals.

Studies for production aircraft and updating of spectra started, taking into account updating of aircraft characteristics
and carriage of new stores.

6.7 - Fatigue test on thetail end fittings of the EH-101 helicopter (Aermacchi)

On behalf of Agusta afatigue test is currently being performed at Aermacchi in order to qualify the end fittings of the
EH-101 tail unit. The test rig assy and Test Article are shown in figure 24.
The design service life to be demonstrated is 10000 flight hours with a scatter factor of 4.
The test spectrainclude:

Axial thrust loads of tail rotor
Tail rotor reaction torque loads
Tail surface down loads

Altogether, five types of load spectra have been adopted; the first 3 corresponding to 3 flights (one at high load
factor, one at medium and the third at low G level). The last two correspond to high and medium vibration level. No
cracks have been discovered insofar in the items under test

6.8 — Residual fatigue test on aged structural wing components (Aermacchi)

Within the frame of the Brite-Euram project SMAAC (Structural Maintenance of Ageing AirCraft), aresidual fatigue
test has been carried out on a pair of old MB-326 wing main spar. The spars were obtained from the Tear Down
inspection of two very aged wings (35 years old) of an MB-326 trainer, whose expired safe life had been evaluated in
about 90%, based on fatigue meter readings, for atotal of 4902 flight hours.

The purpose of the test was to investigate the behaviour of aged thick items (steel and aluminium alloy) in presence
of possible MSD and/or fretting corrosion phenomena.
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The test rig is shown in figure 25. The adopted test spectrum was much more severe than that measured with fatigue
meter (reference figure 26).

One end actuator was used to apply a flight by flight Nz — bending moment spectrum at the root of both test articles
(RH and LH). The desired magnitude of the local stresses was controlled by means of strain gages throughout a
calibration procedure. The RH lower steel wing attachment fitting (WAF) failed first after 5035 test hours; the failure
section, shown in figure 277, indicated that multiple sites cracks initiations took place simultaneously from the corners
of the first 3 bolts holes and subsequently by mutual interaction propagated up to the failure of the fitting. The test was
then resumed by installing a dummy RH spar and introducing artificial saw cuts (1.5 mm deep) in the LH lower spar cap
critical holes.

The second failure occurred after 5109 test hours in the lower spar cap (LH) at the first bolt hole for the connection
of the ML G casting block (reference figure 28).

Both failures (WAF and spar cap) however were consistent with the results of the former MB-326 certification full
scale fatigue tests.

6.9 —Wear/Fatigue test of YAK/AEM-130 canopy transparency (Aermacchi)

During the development phase of the YAK/AEM-130 canopy structure, a test has been carried out in order to
investigate the wear resistance of the cast acrylic transparency at its connection with the forward frame of the canopy. A
particular specimen with a teflon gasket at one end, representing a section of the upper zone of the transparency was
inserted in arig simulating the frame.

The test has been performed in two steps, corresponding to two specimen configurations:

1) Specimen horizontally fixed

2) Specimen inclined 35° and hit by UV lamp rays in presence of dust/powder to reproduce realistic environment
conditions.

In both test steps the specimen was subjected to a cyclic displacement of + 8 mm in order to simulate the relative
movement of the transparency with respect to the frame.

Furthermore, a force F = 25 DaN normal to the specimen was constantly applied to reproduce the pressurization
effect (reference fig. 29). The fatigue wear test has reached 94000 cycles in the first configuration and more than 50000
cycles in the second one without evidences of damages to the transparency.

6.10 - EFA wing centre/outboar d pylons fatigue test (Aermacchi)

Certification fatigue tests on the center and outboard underwing pylons have been carried out in order to demonstrate
a safe life of 6000 flight hours with a scatter factor of 3 according to the general design requirements. For both pylons
the test spectra have been determined from the design N, spectrum by analysing the aircraft maneuvers for each segment
of the mission profiles and considering the external underwing stores which can be transported in the different missions.
The Test Articles consisted for both pylonsin the following items:

»  Pylon body structure
»  Dummy store
»  Wing attachment fittings (spigot and yaw)

The test structures were connected to a rigid rig and the loads applied by means of 10 actuators (some on the store
and other on the pylon) in order to better realize the theoretical spectra. In figs. 30 and 31, respectively for center and
outboard pylon, are shown sketches of the Test Articles and of the actuators application points.

The pylons load spectra have been applied to the test structures in a flight by flight load sequence. A 1000 flight
hours test block has been adopted, containing 74000 load cycles for the center pylon and 91867 load cycles for the
outboard pylon.

The tests results for both components have cleared the desired fatigue safe life of 6000 flight hours, i.e., no cracks or
failures have occurred after 18000 test hours.
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7. FATIGUE SUBSTANTIATION OF NEW DESIGN AIRCRAFT

7.1 - Helicopter A109E and K2 (Agusta)

The Civil Certifications of the two variants were improved including:
O 20.000 ft atitude
O rescue hoist of 600 Ib.
O Cargo hook of 1000 kg

Specific mission profiles were developed to derive the usage spectra for the fatigue life calculations of al the critical
parts.

7.2 - Helicopter A129 I nternational (Agusta)

This is a five blades variant of A129, with new and more powerful engines. The tail rotor RPM were increased to
107 % NR to improve performances.
The fatigue life evaluation was carried out based on a specific flight load survey including DEMO flight profiles.

7.3 - Helicopter NH90 (Agusta)

The NH90 is designed and manufactured by Eurocopter, Agusta and Fokker. Agusta designs and produces the drive
system, the transmission support and the composite ramp door. The fatigue life calculation were carried out for the
prototypes according to the preliminary load survey data related to the full operational envelope.

Although thisis amilitary aircraft, civil FAR 29 requirements are taken into account, including damage tolerance for
fatigue. This topic was deeply discussed providing a revised ‘ Fatigue Substantiation Criteria document which addresses
the constructor’s proposal. The fatigue lives will be based on the well established safe life approach and the Flaw
Tolerance / Damage Tolerance criteriais proposed only for setting inspections for accidental damage. The plan for flaw
tolerance evaluation of Agusta parts was preliminary defined.

Agusta at present is approaching the D.T. evaluation of the Tail Rotor drive line showing fail safe capabilities of the
couplings and ‘no crack growth’ by analysis carried out by the Dip. di Meccanica del Politecnico di Milano. The test
proposal for the Main Case was defined considering degradation of multiple joints, by removal of the bolts, and
flaws/scratches at the load concentration sections of the attachments.

7.4 - Helicopter EH-101 (Agusta)

Prototype monitoring was updated according to the present status of the fatigue evaluations, including the improved
configurations for production.

The Civil variant -510 was certified in 1998 and is now in the final phase, the improved certification including
15000 ft atitude and the rescue hoist kit, which required specific usage spectra and comprehensive fatigue life
calculations.

The evaluation of Damage Tolerance (DT) capabilities was aimost completed as detailed in the paper [14], presented
at RTO Meeting April 1999 in Corfu on D.T. for Rotorcraft.

Navy variant (Royal Navy and MMI). The most relevant fatigue testing activities for the Navy variant were focused
on the evaluation of the MR Blade and Tail Unit folding conditions and the related structural components: the Tail Unit
and the Rear Fuselage folding beams, the Inboard and the Outboard Tension Links. The ship trials data provided load
recordings with wind gusts and ship induced |oads.

Canada — SAR/Utility variant. The fatigue spectrum for the specific SAR missions addressed by Canada Air Force
was developed and a preliminary fatigue life assessment was carried out for the critical parts.
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7.5 —Helicopter AB139 (Agusta)

This is the new helicopter of 6000 kg gross weight, twin-turbine, multirole capability. The helicopter is in
development phase. Civil Certification will be carried out according to JAR 29 Rules and therefore the fatigue
assessment will require the Flaw Tolerance evaluation.

The fatigue substantiation criteria document was issued addressing the approach of compliance to the flaw tolerance
requirements, detailing the proposed rationale to use either the Fracture Mechanics approaches or the enhanced safe life
method, as far as applicable:

O theretirement life will never exceed the safe life evaluation
O inaddition the flaw tolerance evaluations will prove tolerance to the ‘barely detectable flaw’ and inspections for the
‘clearly detectable flaw’.

The substantiation of composite parts (MR Blade, MR Tension Link, and TR Blade) will be carried out according to
the AC 20-107A.

To minimize the inspections in metal parts, sizing for the ‘no growth’ of the rogue crack of 0.38 mm depth will be
the preferred approach, including even slow growth if limited to loads with very low occurrence in the spectrum, like the
start-stop or GAG cycles.

The substantiation criteria take advantage of the options currently addressed in the rule:

O fail safe capability, if double loading path can be applied in design;
O damage tolerance capahilities, if no crack growth is pursuing ;
O enhanced safelife, in the other cases, to prove tolerance to extreme but still realistic flaws.

The Department of Aerospace Engineering of Pisa and the Department of Mechanics of Milan Polytechnic will
support Agusta in these evaluations, having identified specific areas of interest which are respectively: the complete
metal fuselage for Pisa and the rotor parts for Milan.

7.6 —Tiltrotor AB609 (Agusta)

The relevant test activities on primary structures designed by Bell have already required the design of dedicated rigs
by the Laboratorio Prove Strutturali. The most complex rigs are those for the testing of the Wing, the Prop Rotor Mast
and the Swashplate Drivers.

For the wing tests, a common rig has been designed, capable of supporting a total of 48 actuators, to carry out the
fatigue and the static tests.

8. INVESTIGATIONS OF GENERAL INTEREST

8.1 - Fatigue test on the window of a high speed train (Aermacchi)

A fatigue test on awindow inserted in an aluminum frame of a high speed train is currently in progress. The design
requirements are reported in the French rule “FICHE No. 566 OR”. This rule requires the window to be submitted to
synusoidal pressurization cycles according to the following program:

a) 10° cycleswith DP = + 1500 Paat 6 Hz and with the load distributed on the total window surface
b) 10° cycleswith DP = + 2500 Paat 3 Hz and the load uniformely distributed on the window surface
C) 10° cycleswith DP = + 1500 Paat 6 Hz and the load uniformely distributed on the window surface.

The test rig and the window frame are shown in Figure 33.

8.2 Effect of Plasma Cutting on the Fatigue Resistance of Fe510 D1 Steel (Univ. Pisa)

A research programme has been carried out, concerning the effect of plasma cutting on the fatigue properties of
Fe510 D1, thickness 8 mm, [9]. Plasma cutting is widely used in industry but in spite of the good quality obtained by
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automatic processes, plasma cut edges in critical fatigue structures are often re-worked by grinding or mechanical
profiling.

Comparative fatigue tests were carried out on dogbone specimens obtained from plate by milling or plasma cutting.
The plasma cut surfaces did not ook as regular as the milled surfaces; the edges were not straight and close tolerances
are difficult to obtained. Besides, small scratches were present on the cut surfaces.

The optical microscope showed that the heat-affected zone of a plasma cut edge was composed of martensite, a
harder structure than the basic ferrite; the hardness of this area was more than twice the hardness of the parent material.

A compressive residual stress of about 150 MPa was measured at the external surface of a plasma cut edge; this
stress was superimposed on the thermal residual stress field, which involved the deeper layers of the specimen.

The results of fatigue tests carried out on milled and plasma cut specimens were fully comparable. So it can be
concluded that plasma cutting in this material, is not detrimental from the fatigue resistance point of view. Additional
fatigue tests confirmed the good fatigue resistance of plasma cut specimens after thermal relaxation even in the presence
of small artificial defectsin the hard layer produced by plasma cutting.
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Type Stringer Pad Width Skin
Bonded | Riveted | Bonded | Integral | W, (mm) material
XR8A30 680 Glare X
WR1A30 680 GlareY
XR7G60 No 740 Glare X
YR7G60 No 740 GlareY

Tab. | — Configurations of the stiffened panelsin Glare.
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Fig. 14 Single-strap butt joint for MSD study
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Fig. 22 FEM analysisfor Stress Intensity Factor evaluation
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Fig. 24 Assembly for fatigue test of the EH-101 rear tail end fittings

Fig. 25 Assembly for fatigue test of the MB-326 wing spar
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Fig. 27 Fracture surface of RH wing attachment fitting
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Fig. 30 EFA centre pylon test article and position of the actuators application points
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Fig. 32 Test rig of the window frame of a high speed train
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9.1. INTRODUCTION

1. Leading government laboratories, universities and aerospace manufacturers were invited to contribute summaries
of recent aeronautical fatigue research activities. Their voluntary contributions are compiled here. Inquiries should
be addressed to the person whose name accompanies each item. On behalf of the International Committee of
Aeronautical Fatigue, the generous contribution of each organization is hereby gratefully acknowledged.

The Boeing Company

NASA - Langley Research Center

NASA - Glenn Resear ch Center

Federal Aviation Administration- William J. Hughes Technical Center
University of Utah

Lehigh University

USAF Warner Robins Air Logistics Center

US Navy — Naval Air Systems Command
Rensselaer Polytechnic Institute

Purdue University

Analytical ProcessesEngineering Solutions, Inc
NCI Information Systems, Inc.

R - Tech

Lockheed Martin Aeronautical Systems
Northwestern University

Florida International University

Lynntech, Inc

Air Force Research Laboratory

R S T T T T T G T T

2. References, if any, are listed at the end of each article. Figures are compiled at the end of the review.

3. Theassistance of Ms. Charlotte Burns, Universal Technology Corporation, in the
preparation of thisreview is gratefully appreciated.



o7

9.2. OVERVIEWS

9.2.1 New Certification Proceduresfor Compositesin Small Aircraft
Donald Oplinger
FAA William J. Hughes Technical Center

NASA Langley Research Center together with various elements of the FAA has been working with the Advanced
General Aviation Transport Experiments (AGATE) consortium of small aircraft manufacturers since 1994 to
revitalize the U.S. small airplane manufacturing industry. One of the major thrusts under AGATE, the Integrated
Design and Manufacturing (ID&M) effort, is to enhance competitiveness of U.S. small airplane airframe
manufacturers through development of low-cost production methods based on the use of composite components.
The William J. Hughes Technical Center, through its research program on Advanced Materials (along with other
units of the FAA including the Small Airplane Directorate and the Aircraft Certification Service), has been
providing financial and technical support to AGATE/ID&M sinceitsinceptionin 1994,

A major barrier to lowering the cost of aircraft using composite structural materials has been the cost of certification.
To alarge extent the high certification cost has been due to the need for individual manufacturersto develop large
and costly data on structural and chemical properties of the materials selected for use in aircraft construction. The
conventional and AGATE/ID&M certification procedures are compared in Figure 1.

In the conventional approach shown at the left, individual companies are required to develop the total database;
several companies desiring to apply the same material to a number of components are each required to develop the
same database. Thus, the considerable effort involved in generating the database may have to be duplicated several
times. Inthe AGATE/ID&M process shown on the right, the group of small aircraft companies making up the
consortium agree to use acommon material for each of their applications and only one database development is
needed. The cost of generating the database is then shared by the whole group of companies making up the
consortium, resulting in a sizeable savings to each of the partners. It is estimated that after development of the
common data base, the certification cost of each company is reduced from $350,000 to $50,000, with a concurrent
reduction in time to complete the devel opment of the property base from as much as 24 monthsto aslittle as 6
months.

Essential to the success of this effort was the participation of various organizations within the FAA. The Small
Airplane Directorate (ACE) agreed to accept the group certification approach; individuals within ACE also worked
as associate members of the consortium to give guidance to the small airplane manufacturers as to details of the test
plan that had to be followed in generating the database. William J. Hughes Technical Center participation included
co-funding of the data gathering effort — conducted by Wichita State University — and consultation support where
coordination with the MIL-HDBK-17 Composite Materials Handbook was required.

POC: Donald Oplinger, AAR-431, FAA William J. Hughes Technical Center, Atlantic City International Airport,
NJ 08405, (609) 485-4914.

9.2.2 Supplemental I nspection Documents for Commuters
Dr. Xiagong Lee
FAA William J. Hughes Technical Center

Increased utilization, longer operational lives, and the high safety demands imposed on currently operating air
carrier airplanes have indicated that there is a need for a program to provide for a high level of structural integrity
for al airplanesin the commuter transport fleet. Supplemental Inspection Programs (SIP) have been used
successfully to provide this level of safety in the large transport segment of the industry.

To extend this concept to commuter category airplanes, the FAA proposes changes to require all airplanes operated
under FAR Part 121, all U.S.-registered multiengine airplanes operated under Part 129, and all multiengine airplanes
used in scheduled operations conducted under Part 135 to undergo inspections after their 14" year in service to
ensure their structural integrity. The proposed rule would also require that damage tolerance (DT) -based SIP be
developed for these airplanes before specific deadlines. (See Figure 2.) This proposal represents acritical step
toward compliance with the Aging Aircraft Safety Act of 1991. It ensures the continuing airworthiness of aging
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airplanes by applying modern DT analysis and inspection techniques to older airplane structures that were
certificated before such techniques were available.

Many commuter airplane manufacturers and operators do not have the large engineering staffs, budgets, or fleet
sizesto support a program as extensive as the large transport program. To ease this burden, the FAA is assisting
U.S. manufacturers of selected airplane models to develop Supplemental Inspection Documents (SIDs) which could
then be used by operatorsto develop SIPs. In addition, other manufacturers can also use SID guidance material as
they develop the documents for their aircraft models. SIDs are under development for two models of aircraft
representing a cross section of the commuter fleet: Cessna 402 and Fairchild Metro 227.

Cessna has developed a SID for the Model 402 through the use of DT-based analyses. (See Figure 3.) Fairchild
established inspection thresholds and intervals for each of the principal structural elements (PSEs) in the Metro 227
through the use of DT-based analyses. The inspection thresholds and intervals and recommendations and
descriptions of inspection techniques will form the basis for the SID, which isto be completed early next year.

POC: Dr. Xiagong Lee, AAR-431, FAA William J. Hughes Technical Center, Atlantic City International Airport,
NJ 08405, (609) 485-6967.

9.2.3 Rotorcraft Fatigue and Damage Tolerance and the Use of a Health and Usage M onitoring System
Mr.Dy Le
FAA William J. Hughes Technical Center

Rotorcraft flight envelopes are extremely complicated due to high oscillatory loads. Therefore, in the design of
rotorcraft structural components, fatigue is critical and is a prime areathat significantly effects the safety of
rotorcraft.

Damage tolerance (DT) design practice is based on the premise that should serious fatigue, corrosion, or accidental
damage occur within the operation life of the rotorcraft, the remaining structure can withstand the limited 1oad
without catastrophic failure or excessive structural deformation until the damage is detected through scheduled
inspection intervals. The approach is based upon fracture mechanics and nondestructive inspection (NDI)
techniques. It has been concluded that the damage tol erance approach and reliability of improved and advanced
NDI techniques would minimize the catastrophic failure in aging rotorcraft, and at the same time, reduce the life-
cycle costs by extending their useful structural component life.

The FAA is currently supporting the development of a comprehensive understanding of the damage tolerance
methodology for rotorcraft through several efforts. (See Figure 4.) The results of these efforts will be used for
developing or revising applicable Advisory Circulars and FARs that the FAA engineers could use in certifying new
components or making safety-related decisions in order to reduce the accident rate due to structural failuresin
rotorcraft.

Operational Evaluation of a Health and Usage Monitoring (HUMS) program, conducted by Bell Helicopter Textron
Inc., isdesigned to evaluate structural usage monitoring and damage tolerance methodology using data collected
concurrently during a helicopter flight program. The previous effort involved a Bell Helicopter Model 412 equipped
with a Health and Usage Monitoring System and data recorder and operated by Petroleum Helicopters Inc. (PHI)
during the 1996 Summer Olympic Games in Atlanta, Georgia. The Atlanta Short Haul Mission (ASHM) included
many short flights but with alarge number of maneuversto provide pickup and delivery services. The collected
usage data was used to compare with certification data and to data collected from a previous study for the Gulf
Coast Mission (GCM). The usage data was also used to perform fatigue life calculations and determine relative
crack growth rate on the rephrase and collective lever, the main rotor spindle, and the main rotor yoke.

The results indicate that the calculated lives for the GCM and ASHM are much higher than that certified for the
rephrase and collective level and the main rotor spindle with a pressure altitude split at 3000 feet. For the main rotor
yoke, with the atitude split, the GCM calculated lives are higher, and the ASHM calculated lives are about the same
as that of those certified.
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The calculated crack growth life, using three different spectra, indicated relative short inspection intervals for
components that were designed using a safe-life philosophy.

A fina report of this effort was published in April 1998 documenting the fatigue life analysis and damage tolerance
analysis, Operational Evaluation of a Health and Usage Monitoring System (HUMYS), AR-97/64.

The expansion of the usage database will continue with Bell and PHI using a HUM S-equipped Bell Helicopter
Model 412 to examine a variety of different missions. The evaluation of the damage tolerance analysis and its
comparison to the traditional safe-life methodology is also continuing.

POC: Mr. Dy Le, AAR-431, FAA William J. Hughes Technical Center, Atlantic City International Airport, NJ
08405, (609) 485-4636.

9.24  Second International Symposium on Fretting Fatigue, Salt Lake City, Utah,
August 31 - September 2, 1998

D.W. Hoeppner, and V. Chandrasekaran

University of Utah

The Second International Symposium on Fretting Fatigue was held at the University Park Hotel in Salt Lake City,
Utah on Aug. 31-Sept. 2, 1998. The Quality and Integrity Design Engineering Center (QIDEC) at the University of
Utah, in conjunction with Fatigue and Structural Design Engineering Incorporated (FASIDE), sponsored the event
along with MTS Systems Corporation, and United Technologies Corporation. This symposium is a follow-up to the
First International Symposium on Fretting Fatigue held at the University of Sheffield in April, 1993.

The symposium featured keynote | ectures by researchers from numerous countries. In addition, sessions featured
invited papers as well. A total of 40 papers were presented by researchers around the world that represent a broad
spectrum of research and devel opment activities. Figure 5 shows the distribution of papers by country. Figure 6
shows the distribution of fretting fatigue papers by topic.

Papers that were presented at the symposium will be published by the American Society for Testing and Materials
(ASTM) as a Specia Technical Publication (STP) entitled Fretting Fatigue: Current Technology and Practices.
Drs. D.W. Hoeppner, V. Chandrasekaran and C.B. Elliott of QIDEC are functioning as the editors for the STP 1367.
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9.3. LOADS

9.3.1 FAR23 Loads Program - Computer Aided Engineering for Airplane Loadsto the Code of Federal
Regulations

Mr. Thomas DeFiore

FAA William J. Hughes Technical Center

The FAR23 Loads Program was devel oped to approximate loads on small airplanes from preliminary airplane
geometry using methods acceptable to the FAA. The program includes 20 modules that are each self-contained sub-
programs designed for specific application.

Most of the detailed flight loads are developed from the flight envelopes specified in 23 CFR Parts 333 and 345. At
every point specified in the flight envelope, the airplaneis balanced by atail load reacting to the specific linear
normal acceleration and the aerodynamic lift, drag, and moment about the center of gravity. The data needed to
make these balancing cal culations consists of (1) the weight at the center of gravity, (2) aerodynamic surface
geometry, (3) structural speeds, and (4) aerodynamic coefficients. After the balanced loads are devel oped, the
critical structural loads are determined for each component. For the critical conditions, the air, inertial, and net loads
are calculated. Aileron, flap, tab, engine mount, landing, and one engine out loads are also calculated. Landing
loads are calculated from the landing geometry, landing load factor, weight, and center of gravity data.

The FAR23 Loads Program provides a procedure for calculating the loads on an airplane according to the Code of
Federal Regulations, Title 14 - Aeronautics and Space, Chapter | - Federal Aviation Administration, Subchapter C -
Aircraft, Part 23 - Airworthiness Standards: Normal, Utility, Aerobatics, and Commuter Category Airplanes,
Subpart C - Structures.

The FAR23 Loads Computer Program is documented in an FAA Technical Report, DOT/FAA/AR-96/46, User's
Guide for FAR23 Loads Program. Computer Aided Engineering for Airplane Loads to Federal Air Regulations.

POC: Mr. Thomas DeFiore, AAR-431, FAA William J. Highes Technical Center, Atlantic City International
Airport, NJ 08405, (609) 485-5009 and Mr. Richard Micklos, AAR-432, FAA William J. Highes Technical Center,
Atlantic City International Airport, NJ 08405, (609) 485-6531.

9.3.2 Variation in Load Factor Experience of Fokker F27 and F28 Operational Acceleration Exceedance
Data

Mr. Thomas DeFiore

FAA William J. Hughes Technical Center

Fatigue meter data obtained during operational flights of Fokker F27 and F28 aircraft were reprocessed and
analyzed to study the variation in load experience between different aircraft of the same model type.

The data covered about 470,000 flights which were made by 101 aircraft belonging to 51 different operators. A
simple a gorithm was devel oped to quantify the load factor experience in terms of fatigue damage per flight. The
data were subjected to a statistical analysis where considerable variationsin |oad experience were obtained. See
accompanying Figure 7 for the F27 and F28. The results give an indication of the potential benefits which can be
gained from individual aircraft load monitoring. Similar studies are planned on data for US carriers when sufficient
flight data are obtained.

This research was performed under a memorandum of cooperation between the Federal Aviation Administration and
the Netherlands Aviation Department. As part of this effort, the National Aerospace Laboratory was contracted to
participate in this research effort.

A final technical report was published, DOT/FAA/AR-96/114, Variation in Load Factor Experience of Fokker F27
and F28 Operational Acceleration Exceedance Data, December 1996.

POC: Mr. Thomas DeFiore, AAR-431, FAA William J. Highes Technical Center, Atlantic City International
Airport, NJ 08405, (609) 485-5009.
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9.3.3 Flight Loads Data Collection Program, Large Transport Airplanes
Mr. Thomas DeFiore
FAA William J. Hughes Technical Center

The FAA has reestablished a flight loads data collection program for large transport airplanes. The FAA systemis
operational and the analysis procedures have been established and verified by industry. Presently, datafrom 21 B-
737 airplanes, 6 MD-82 airplanes, and 12 B-767 airplanes are being received. The actions have been put in motion
to collect data from 40 A-320s, 5 B-757s and an additional 24 B-737s from another airline. FAA funding has
purchased the majority of the necessary equipment; however, in two cases the airlines themselves supplied the
necessary funding.

Theinitia results from ayear ago have been confirmed with the additional collected data. Specifically, at high
altitude the gust exceedance experience is considerably lower than that from the old National Aeronautics Civil
Agency (NACA) reports; yet, conversely, at low atitudes, the gust experience is considerably greater than that
which was reported in the previous NACA data.

An FAA technical report on the B-737 data was published, DOT/FAA/AR-98/28, “ Statistical Loads Data for Boeing
737-400 Aircraft in Commercial Operations.” This report contained a summary of 11,721 flights, 19,105 flight
hours of typical service for 17 B-737/400 airplanes. New and improved methods and criteria for processing and
presenting large transport airplane flight and ground loads data were devel oped and reported. These included

(1) The definition of service related factors which affect the operational life of commercial aircraft, (2) design of an
efficient software system to reduce, store, and process large quantities of optical quick access recorder data, and (3)
provide processed datain formats that will enable the FAA and the airplane manufacturers to reassess existing
certification criteria. The dataincluded statistical information on accelerations, speeds, altitudes, flight duration and
distance, gross weight, speed brake/spailer cycles, thrust reverser usage, and gust velocities encountered. A similar
report containing 4000 flights, 7100 hours of MD-82 usage, has been drafted and is scheduled to be published in
early FY99.

When completed, the research program will have provided large quantities of typical usage data for the major
categories of large transports including twin engine on wing, twin engine on aft fuselage, wide-body fuselages, and
fly-by-wire airplanes. At the program’s conclusion, one lifetime of datais expected to be collected for each model
type instrumented.

POC: Mr. Thomas DeFiore, AAR-433, FAA William J. Hughes Technical Center, Atlantic City International
Airport, NJ 08405, (609) 485-5009.

9.3.4 Flight Loads Data Collection Program, Large Transport Airplanes
Mr. Thomas DeFiore
FAA William J. Hughes Technical Center

The Federal Aviation Administration has re-established a flight loads data collection program for large transport
airplanes.

The FAA system is operational, and the data collection and analysis procedures have been established and verified
by collecting and reporting on approximately 900 hours of operational data on a B-737 (DOT/FAA/AR-95/21,

Flight Loads Data for a Boeing 737-400 in Commercial Operation, 1996). An additional 18,000 hours of B-737 data
and 8000 hours of MD-82 data have been collected and are currently being reduced and analyzed. Another
technical report summarizing the new data is expected later this year.

A number of initia results are already available. Asan example, see Figure 8. At high altitude the gust exceedance
is considerably less than that from the National Administration of Civil Aeronautics (NACA) reports, yet,
conversely, at low altitudes the gust experience is considerably greater than previous NACA data.

Equally important is the merging of three FAA programs for on-board data monitoring sources. Researchers from
the subject program and the Flight Operational Quality Assurance and Automated Performance Measuring System
have been sharing data from their respective systems. See Figure 9. For the Flight Loads Program, we purchased
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only 12 Optical Quick Access Recorders, yet are receiving data from 27 recorders with expectations of datafrom an
additional 16 during the next fiscal year. Host airlines are gaining an interest in on-board data monitoring and are
purchasing their own recorders and making these data available to the FAA for research.

Airframe manufactures strongly support this research effort and played a major role in defining the data reduction
formats presented in the referenced FAA report. A second and yet more extensive set of statistical requirements has
been jointly researched by the FAA and aircraft manufacturers.

Asthe program matures even further, additional recorders will be installed by the airlinesin different type airplanes
to develop abalanced database. The next installations are expected to be on B-767 airplanes.

POC: Mr. Thomas DeFiore, AAR-431, FAA William J. Highes Technical Center, Atlantic City International
Airport, NJ 08405, (609) 485-5009.

9.3.5 FAA Landing Parameter Survey Facility
Mr. Thomas DeFiore
FAA William J. Hughes Technical Center

The FAA William J. Hughes Technical Center established a permanent video landing parameter data collection
facility at Atlantic City International Airport, New Jersey, to collect operational landing impact parameters year
round under a wide variety of weather conditions. In addition to the regular commercia airplane arrivals, frequent
U.S. Air Force KC-10s and cargo jets conduct touch-and-go training operations at the airport. Inclement weather
data collected at this facility will supplement regular survey data from high activity airports which has been
collected during the four prior 10- to 12-day surveys.

Using this facility, the FAA hosted a Boeing Flight Test Team consisting of an MD-90 airplane and 28 crew
members, engineers, and flight test personnel for aresearch effort to compare FAA and Boeing sink speed
measurements. This effort will correlate landing ground contact parameters obtained from the FAA-Navy Aircraft
Approach and Landing Data Acquisition System (NAALDAS) with those from the Boeing, Douglas Products
Division on-board flight test Internal Navigation System (INS). (See Figure 10.) Approximately 75 complete-stop
landings were performed between April 13-17 of this year for measurement and analysis by the respective FAA and
Boeing data acquisition systems. Ground contact information such as sink speed, approach velocity, pitch, roll, and
yaw, obtained from prior and future NAALDAS surveys at high-activity commercial airports, are planned to be used
to assess the validity of existing FAA certification criteria.

POC: Mr. Thomas DeFiore, AAR-433, FAA William J. Hughes Technical Center, Atlantic City International
Airport, NJ 08405, (609) 485-5009.

9.3.6 Video Landing Parameter Survey at London City Airport, United Kingdom
Mr. Thomas DeFiore
FAA William J. Hughes Technical Center

Personnel from the Propulsion and Systems Section AAR-432 lead ajoint research team, from the FAA William J.
Hughes Technical Center and the Naval Air Warfare Center, Patuxent River, MD, to conduct a extensive video
landing parameter survey at London City Airport (LCY), United Kingdom. Landings at both Runways 10 and 28
were video taped. Thiswas the fourth of a series of surveys conducted by the FAA to more fully characterize the
landing contact conditions of transport aircraft in routine operations. Prior surveys were conducted at JFK
International, Runway 13L, Washington National, Runway 36, and Honolulu International, Runway 8L.

LCY isareatively new, commuter only, airport in East London, UK, near the dock lands. LCY hasasingle east-
west runway, 3800 feet long which requires aircraft to descend with a minimum 5.5 degree glide lope (3.0 degrees
istypical). The data acquisition system was expanded to monitor both ends of the LCY runway, and six cameras
were used to collect the landing video images. Approximately 80% of the total daily operationsat LCY were
recorded. A total of 430 landings, mostly BA-146's and FK-50's, were digitally video taped at LCY during the two
week period from June 23 to July 4.
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UK Civil Aviation Authority (CAA) and British Aerospace (BAe) researchers have indicated that the foremost
missing element in their usage performance data is a precise characterization from the time the airplaneis over the
runway threshold to landing impact. Another important missing element is a description of the dispersion of the
actual touchdown locations. The landing parameter data acquisition survey conducted on this 5.5 degree glide slope
airport is expected to provide the CAA and BAE researchers with much of the landing ground contact data needed
for new future regulations regarding steep approaches.

POC: Mr. Thomas DeFiore, AAR-431, FAA William J. Highes Technical Center, Atlantic City International
Airport, NJ 08405, (609) 485-5009.

9.3.7 Video Landing Parameter Survey, John F. Kennedy International Airport
Mr. Thomas DeFiore
FAA William J. Hughes Technical Center

The Federal Aviation Administration William J. Hughes Technical Center is conducting a series of video landing
parameter surveys at high-capacity commercial airports to acquire a better understanding of typical contact
conditions for awide variety of aircraft and airports asthey relate to current aircraft design criteria and practices.

Theinitial survey was conducted at John F. Kennedy (JFK) International Airport in June 1994. Four video cameras
were temporarily installed along the north apron of Runway 13L. Video images of 614 transport (242 wide-body,
264 narrow body, and 108 commuter) aircraft were captured, analyzed, and the results presented in FAA Technical
Report DOT/FAA/AR-96/125 Video Landing Parameter Survey - John F. Kennedy International Airport, published
thisyear. Landing parameters presented include sink rate; approach speed; touchdown pitch, roll, and yaw angles
and rates; off-center distance; and the landing distance from the runway threshold. Wind and weather conditions
were also recorded and the landing weights were available for most operations. Since thisresearch is concerned
with overall statistical usage information only, all data were processed and presented without reference to the airline
or flight number.

The video landing data acquisition system has proved to be a practical, cost-effective technique for collecting large
guantities of typical landing parameter data at major commercial airports.

While the initial indications are that the heavy wide-body aircraft (B-747, MD-11, DC-10, L-1011) land with a
higher sink rate than other jet transports, the rather limited number of these large jets suggest that additional data on
these aircraft need to be collected before any conclusions concerning their landing performance can be made. See
Figure 11.

The commuter data collected during this survey may not reflect typical operations for this category aircraft since
these aircraft landed on a 10,000-foot runway with heavy jets in the landing pattern.

POC: Mr. Thomas DeFiore, AAR-431, FAA William J. Highes Technical Center, Atlantic City International
Airport, NJ 08405, (609) 485-5009.

9.3.8 Characterizing Aeroacoustic/Combustion Loadsfor Aging Aircraft Sustainment
Mr. Clare Paul
Air Force Research Laboratory

The Air Force needs to be able to predict the dynamic loads associated with aging aircraft problems. Currently these
loads cannot be predicted for all the various dynamic loads associated with aging aircraft. The goal of thiswork isto
characterize these |oads and format them on a CD-ROM for easy access. When completed the aging aircraft

community will be able to readily and reliably predict the loads contributing to fatigue cracking of aircraft structure.

The objectives of this effort are to formalize and compile an extensive aircraft acoustic loads data-base, develop an
OASPL acoustic loads prediction methodology, develop modal characteristics for frequency and amplitude, and
conduct a sensitivity analysis of structural response to acoustic spectra.

The approach will consist of developing a database of all available loads data for attached and separated flows,
cavities, engine inlet/combustion /nozzle, and exhaust plume(screech). The data base will be then be enhanced by



9/14

utilizing a novel prediction technique, which was developed by the principal investigator and is based on first
principles. Sensitivity analysis of structural response to different acoustic spectrawill be conducted. The results will
then be formatted into a CD-ROM for application to aging aircraft |oads prediction.
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9.4. FATIGUE AND FATIGUE CRACK GROWTH

9.4.1 DeterminingtheInitial Quality State for Materials
Craig L. Brooks, Scott Prost-Domasky, and Kyle Honeycutt
Analytical Processes/ Engineered Solutions

This project developed a key element in a holistic approach to fatigue life computations for metallic structures. A
holigtic life assessment model provides the range of probable fatigue lives of the structure that accounts for all
phases of cracking due to operation and environment from the as-manufactured condition to final unstable fracture.
The effort was conducted for the USAF Corrosion Program Office to support the development of analytical
techniques to predict the impact of corrosion interacting with fatigue on service life capability. The methods
developed provide major improvements in Durability and Damage Tolerance predictions and thus provide
opportunity to improve the economics of maintaining and continuing service of aircraft.

The key element of the process is the method of computing the Initial Quality condition or state of the bulk material.
The computed distribution of initial crack sizes, similar to equivalent initial flaw computations but under disciplined
criteria and requirements, in fracture mechanics scenarios accurately represents the statistical variation of life
observed in coupon test from time zero for a wide range of variables. This technique thus captures the inherent
scatter observed in fatigue testing while providing a physical characteristic that can be measured and understood.
This approach provides a technique to establish theinitial analysis conditions and guidelines that will enable
predictions and assessments of :

» theon-set of widespread fatigue damage, and multiple-site damage

»  comparison of life capability of aircraft designed by either USAF or USN criteria
» design featuresto optimize for Joint Service Life Design capabilities

» effects of corrosion interaction with fatigue

» damage tolerance assessments with age degradation influences

e (uantitative measure for material discriminator and selection

Figure 12 schematically showsthisinitial quality state concept, the results for 2024-T3 and 7075-T6, and the
benefits to life assessment methods. Figure 13 illustrates how closely the results compare to those found by
expensive full scale fatigue test, scanning electron microscope, complex spectrum element test, and measured
defects. This concept utilizes the benefits and strengths from two distinctly different life prediction techniques
“initiation” (aka ‘nucleation’) and “growth” to understand the shortcomings of each and result in an improved
holistic prediction process. The improved process provides improved estimates for maintenance and service life
decisions, and insights to solving many of the Aging Aircraft problems requiring prediction methods.

Reference:

1. C.L.Brooks, S. Prost-Domasky, and K. Honeycutt, “Determining the Initial Quality State of Materials’,
Proceedings of the 1998 USAF Aircraft Structural Integrity Program Conference, San Antonio, Texas, December
1998 (also available from www.APESol utions.com under "Links")

9.4.2 Equivalent Initial Flaw Size Test Program
Dr. Paul Tan
FAA William J. Hughes Technical Center

Asapartner in aFAA contract with the Boeing Commercial Airplane Group, the United States Air Force (USAF) at
Wright Patterson Air Force Base has conducted tests of 16 spliced panels to determine the equivalent initial flaw
size distribution of cracks emanating from rivet holes. These experimental data will be used to verify small crack
growth methodology developed by the FAA and NASA as part of an integrated methodology to predict the point of
widespread fatigue damage (WFD).
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Four different common types of splice joints were considered. A total of 16 specimens were fabricated, 4 of each
splice type. The specimens were 22 inches wide and 56 inches long. The splices represent three types of fuselage
longitudinal splices and one type of fuselage circumferential splice, as shown in Figure 14.

The three longitudinal splice types were (a) alap joint with two finger doublers and alongeron, (b) alongitudinal
lap joint without doublers but with alongeron, and (c) alongitudinal butt joint with a splice plate, adoubler, and a
longeron. The circumferential splice type was a circumferential butt joint (d) with a butt splice plate and afinger
doubler. The skinswere made of 2024-T3 aluminum alloy, the longerons were made of 7075-T6 aluminum alloy,
the doublers and splice plates were made of either 2024 or 7075 aluminum alloy.

The edges of the splices were bonded by FM-73 material together with the edge blocks to prevent premature edge
crack during the tests due to Poisson’sratio effects. All specimens had eight strain gages, |ocated back to back in
pairs, to determineif uniform load was induced in the splice joints. One specimen of each splice type had an
additional 16 strain gages located in the tangential line of the critical rivet row to measure the secondary bending
due to the unsymmetrical geometry.

Pretest analyses were conducted to determine the internal loads, the stress concentration (K;) of the critical rivets,
the fatigue lives, and the crack growth live estimationsin the various types of splice joints. The internal loads were
determined by finite element analysis using NASTRAN and FRANC2D/L codes, including the fastener flexibility.
The K, and fatigue lives were determined using S-N curves and accumulative damage approach. The crack growth
lives were determined by FASTRAN-II predictions with small crack growth rate data.

During the fatigue tests, periodic inspections were conducted by a rotating self-nulling eddy-current probe
developed at the NASA Langley Research Center. These nondestructive inspection (NDI) findings were
documented.

The tests and analyses were correlated using the NDI data and SEM data. The closure-based crack growth
prediction model, FASTRAN-I1, was used for the analyses. The parameters considered include the test specimen
geometry, the test load history, magnitude of applied far-field stress, bending stress factor, bypass stress factor, neat-
fit pin factor, and the effects of adjacent holes with cracks. The effects of the countersunk hole and the interference
between the rivets and the sheet are also being investigated. A correlation factor, as a function of crack length
normalized to hole radius, was calculated for one specimen to obtain good agreement between analytical prediction
and the experimental results for that specimen. This factor was subsequently used as the correlation for all other
specimens. Thisfactor provided good correlation for larger crack sizes, but poor correlation for small crack sizes.
Further analysis and experimental correlation will be performed upon crack growth data as it becomes available.

POC: Dr. Paul Tan, AAR-431, FAA William J. Hughes Technical Center, Atlantic City International Airport, NJ
08405, (609) 485-6665.

9.4.3 Equivalent Initial Flaw Size Using Small Crack Data
R. P. Bell, S. Shah, And R. E. Alford
WR-ALC, Robins AFB, Georgia

Aircraft fleets are approaching their design service life goals and are expected to be operated past those goals. This
requires that maintenance actions be developed that will allow the fleet to operate safely.

The development of maintenance actions and evaluation of Fail Safety requires an equivalent initial flaw size
distribution and MSD (Multi Site Damage) consideration. Both of these require that small crack growth rate (da/dN)
be known. However, most of the available crack growth rate data are based on large cracks.

The results of the research performed by Dr. J. C. Newman, Jr. and his associates at NASA Langley Research
Center (LaRC) to investigate the Small-Crack effectsin High-Strength Aluminum Alloys were reviewed. (Ref. 1).
The results of thisresearch allowed Lockheed Martin Aeronautical Systems (LMAYS) to extend the large crack
growth rate datain to small crack region. Thisin turn was used to derive an equivalent initial flaw size distribution
for cracks occurring on C-141 wing panel weep holes. The detail of C-141 wing weep holesis shown in Figure 15.
The equivalent initial flaw size distribution for weep holes based on cracks detected during full-scale fatigue test,
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tear down inspection and field inspectionsis shown in Figure 16. This distribution compares well with the
microstructure and fractographic examinations performed on the weep holes.

Reference:

1. Newman, J. C. Jr., Wu, X. R, Venneri, S. L and Li, C. G., (1994), Small-Crack Effects In High-Strength
Aluminum Alloys, NASA Reference Publication 1309, NASA Langley Research Center, Hampton, Virginia, USA.

9.4.4 Boundary Correction Factorsfor Elliptical Surface Cracks at Countersunk Rivet Holes
Dr. John Bakuckas
FAA William J. Hughes Technical Center

To predict crack growth and residual strengths of riveted joints, accurate stress and fracture analyses of corner and
surface cracks at arivet hole are needed. Stress-intensity factor (SIF) solutions of cracks emanating from
countersunk rivet holes under tension, bending, and wedge load conditions were calculated. The crack size, shape,
and location were selected to represent typical experimental observations. The crack shape was defined as the ratio
of the éliptical crack length in the thickness direction (a) to that in the width direction (c) and was varied from a/c =
0.5,0.75, and 1. The ratio of the length of the straight-shank portion of the hole to the plate thickness (h/t) was
varied from 0.05, 0.25, and 0.50. Cracks at five locations were analyzed: (1) corner cracks passing through the
middle of straight shank portion of the rivet hole, (2) corner cracks passing though inner knee of the rivet hole, (3)
breakthrough cracks passing through the middle of the inclined surface of the rivet hole, (4) breakthrough cracks
passing through the upper knee of therivet hole, and (5) through-the-thickness cracks passing through the inner and
outer surfaces of the plate.

A global-intermediate-local modeling technique was used to generate the stress-intensity factor solutions. The effect
of the shape of the crack, the location of the crack, the height of the straight-shank portion of the countersunk rivet
hole, and applied loading were determined. The boundary correction factor was determined along the crack front in
terms of the physical angle measured from the inner surface of the plate to a given point on the crack front. In
general, as shown in Figure 17, the values of boundary correction factors increased moving along the crack front
from the inner surface of the plate towards the hole boundary (i.e., as the value of 6 increased). For points on the
crack front near the inner surface of the plate (6=0), the value of the boundary correction factor increased as a/c
increased. When moving along the crack front from the inner surface to the hole boundary, boundary correction
factor solutions for the three values of a/c merged.

For the five crack locations considered (See Figure 18), the inner surface of the plate has less of an influence on the
boundary correction factor than the hole and outer surface boundaries. The values of the boundary correction factor
were highest for the crack fronts closest to the hole boundary.

POC: Dr. John Bakuckas, AAR-431, FAA William J. Hughes Technical Center, Atlantic City International Airport,
NJ 08405, (609) 485-4784.

9.4.5 Comparison of Boundary Correction Factor Solutionsfor Two Symmetric Cracksin a Straight-Shank
Hole

Dr. John Bakuckas

FAA William J. Hughes Technical Center

Accurate stress-intensity factor (SIF) solutions are required to conduct thorough damage tolerance analyses of
structures containing cracks. Exact closed form SIF solutions for cracks in three-dimensional solids are often
lacking for complex configurations; therefore, approximate solutions must be used. In this study, athree-level
global-intermediate-local (GIL) hierarchical approach was developed using finite el ement method (FEM) for
fracture mechanics analysis of cracks in three-dimensional solids. Verification studies of the GIL approach were
conducted using a problem consisting of two symmetric cracks emanating from a straight-shank hole under remote
tension. First, convergence studies were done to determine the level of mesh refinement needed for the global,
intermediate, and local models. Next, the use of conventional and singularity elementsin the local model was
assessed. The use of conventional elements was found to be sufficient to obtain accurate solutions. The solution
obtained from the GIL approach was verified and compared to the solutions obtained by several investigators using
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avariety of methods including the equivalent domain integral method (DIM), semi-empirical SIF equations, the
finite element aternating method (FEAM), the boundary element method (BEM) in conjunction with the crack
opening displacement approach (FRANC3D) and a direct approach using special crack-tip elements (FADD3D),
and the Weight Function Method (WFM).

The results of the various methods are shown in Figure 19 as the boundary correction factors along the crack front in
terms of the parametric angle, ¢. Excellent agreement was obtained among the methods. All solutions fell within a
band of +3% about the average solution. (See Figure 20.)

POC: Dr. John Bakuckas, AAR-431, FAA William J. Hughes Technical Center, Atlantic City International Airport,
NJ 08405, (609) 485-4784.

9.4.6 Fatigue Crack Growth Under Variable-Amplitude Loading In A Titanium Alloy
E. P. Phillipsand J. C. Newman, Jr.
NASA Langley Research Center

The objective of this work was to compare the fatigue crack growth lives measured under repeated spike overload
and underload sequences for thin-sheet Ti-6Al-2Sn-2Zr-2Mo-2Cr (Ti-62222) titanium alloy with those calcul ated
from the crack-closure model, FASTRAN. Phillips[1] conducted repeated spike overload and underload tests on
middle-crack tension specimens made of 1.65-mm-thick titanium alloy. All specimens were fatigue precracked
under constant-amplitude loading (Sca = 138 MPaat R = 0.1) until a 3.8 mm crack was produced. Then arepeated
spike overload/underload sequence was applied every 2500 cycles until failure. Overload ratios (So./Sca) ranged
from 1.5t0 3.5. Some tests with an overload ratio of 2.5 also had an underload applied immediately following each
overload. Theratio of the minimum load of the underload cycle to the precrack maximum fatigue load (Sy./Sca)
ranged from -1 to -3. The number of cycles required to grow the crack from the initial size to failure Ny was
recorded. Some specimens were fatigue precracked at alow stress and then fractured to determine the fracture
toughness.

The repeated spike overload testsindicated that the cyclic load history influenced the fracture behavior of the
specimens. Figure 21 shows the tests that were fatigue pre-cracked at low loads and then pulled to failure (open
symbols). The solid symbols show results from the repeated spike overload tests using the final crack length and the
overload stress to compute the elastic (apparent) fracture toughness, K,.. These results show that the toughnessis
elevated with higher cyclic loads. The curves are from the Two-Parameter Fracture Criterion (TPFC) [2] fitted to
the open symbol data. The two-parameters for the room temperature results (solid curve) are K = 238 MPavm and
m = 0.8; and the elevated temperature results (dashed curve) are K = 330 MPa/m and m = 0.8. The TPFC is used
in the FASTRAN code to terminate the fatigue crack growth analysis. The FASTRAN code does not account for
the influence of cyclic load history on toughness.

Using constant-amplitude crack-growth rate data on the titanium alloy and an estimate for the constraint-loss
regime, the baseline AK « - rate relation was established. (In the closure model, the constraint factor is denoted as a,
where plane stressisa = 1 and plane strainisa = 3.) The fatigue crack-growth lives, Ny, for various repeated spike
overload magnitudes are shown in Figure 22 as symbols. The longest fatigue life occurred at an S /Sca ratio of 2.5.
The curves show the predicted lives for room and elevated temperature using the respective baseline relations with
the constraint-loss option (low rates are plane strain and high rates are plane stress). The predicted lives were
generally within afactor of two of the test data.

References:

1. Phillips, E. P., “Periodic Overload and Transport Spectrum Fatigue Crack Growth Tests of Ti62222STA and
Al2024T3 Sheet,” NASA/TM-1999-208995, 1999.

2. Newman, J. C., Jr., “Fracture Analysis of Various Cracked Configurationsin Sheet and Plate Materials,” ASTM
STP 605, 1976, pp. 104-123.
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9.4.7 Part Through Crack Behavior in Aluminum Alloys under Spectrum Loading
Suzanne A. M aster son
Boeing

Inspection intervals for aircraft depend on the calculated growth rate of part through cracks under spectrum loading,
S0 accuracy in predicting growth for these cracksis essential. Boeing conducted atest program in collaboration with
Southwest Research Institute of San Antonio, Texas, to verify an analytical model for predicting crack growth of
short cracks (less than through-thickness). The model uses the crack closure method to simulate the load history
effect observed for short cracks growing under spectrum loading.

Two specimen geometries were used, flat plate with a crack at a hole and flat plate with a crack at one edge. Some
crack-at-a-hole specimens were tested with open holes and some with holes filled with close tolerance bolts.
Specimens were notched using €l ectro-discharge machining, as shown in Figure 23. The specimens were then
fatigue cycled using one of six flight spectra. The spectra tested represented wing upper and lower surfaces and
fuselage crown loading. Southwest Research Institute, Mechanical and Materials Engineering Division, used
specimens fabricated from three 2xxx-series and three 7xxx-series aluminum alloys, including plate and extrusion
forms, and the Boeing Structural Materials Laboratory repeated tests on one material from each series. An example
of the test results from the two laboratories and the corresponding prediction is shown in Figure 24.

Constant amplitude and K gradient tests using compact tension specimens were also conducted to characterize crack
growth properties for each lot of material used in the spectrum tests.

Analytical predictions showed good correlation with test results for tension-dominated spectra for all materials
tested. The model gave unconservative results for spectrathat are highly compression dominated. Cracks growing
under these spectra tended to develop multiple initiation sites through the thickness, accelerating the crack growth.

9.4.8 Experimental Verification of T* Theory
Dr. Paul Tan
FAA William J. Hughes Technical Center

The FAA Center of Excellence for Computational Modeling of Aircraft Structures, Georgia I nstitute of Technology
(GIT), has developed an elastic-plastic crack growth criteriawhich is based on strain energy at the crack tip, T*.
This criteria has been successfully used to predict crack growth in stiffened and unstiffened flat panels. It has been
proposed that T* isamaterial property and thus the objective of this work was to experimentally measure this
quantity.

The specimens used consisted of fatigue precracked, thin, single-edged notched (SEN) and center notched (CN),
2024-T3 aluminum alloy specimens. The orthogonal displacement components surrounding the crack tip was
measured by Moiré interferometry using a cross-diffraction grating of 40 lines'mm prior to and during stable crack
growth. T* software, developed by the FAA Center of Excellence for Computational Modeling of Aircraft
Structures was modified to evaluate T*¢ integral using Moiré fringe data along a given part rectangular contour
which moved with the moving crack tip. The T*¢ integral and the crack opening angle (CTOA) were determined

during successive increments of stable crack growth. Simultaneously, the SEN specimens were analyzed by GIT
and the CN specimens were analyzed at the University of Washington (UW) using the ABAQUS finite element (FE)
code. These results were then compared with the experimentally determined T*¢.

Figure 25 shows the results of the experimentally and numerically determined T*¢ in the region closest to the crack
tip where distinct Moiré fringes are observed.

Concurrent with these experimental and numerical efforts were efforts to extend the T*¢ theory to mixed modes |
and |1 loading as well as to the growth of a curved crack.

POC: Dr. Paul Tan, AAR-431, FAA William J. Hughes Technical Center, Atlantic City International Airport, NJ
08405, (609) 485-6665.
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9.4.9 Fracture Analyses Of Surface CracksIn Brittle Materials
J.C. Newman, Jr.

NASA Langley Research Center and

W.G. Reuter.

Idaho National Engineering L aboratory

Prediction of failure loads for surface-cracked specimens under tension and bending loads have eluded the technical
community for many years. The present work [1] concentrated on elastic-plastic finite-element stress anal yses of
the surface crack in a plate subjected to tension and bending loads. The variations of a hyper-local constraint factor
(ay), based on the average normal stress in the plastic zone along the surface-crack front, was studied to identify the
critical fracture location. Linear-elastic fracture mechanics was applied to fracture of surface-crack specimens made
of ahigh-strength D6AC steel. Two methods to characterize fracture: the K*integral around the crack front and K
at acritical fracture location (@.). These two methods were used to evaluate the fracture toughness at both crack-
initiation and maximum failure loads. Only the results for crack initiation will be considered here.

An International Cooperative Test Program on Surface-Crack Specimens [2] was conducted in the mid-1990'sto
investigate a wide range of surface-crack configurations made of a brittle material, D6AC steel, tested under remote
tension and bending. The nominal range of crack-configuration parameters tested were: alt = 0.25, 0.45, 0.65 and
0.85, and a/c = 0.2, 0.4 and 1.0 with W = 50.8 or 101.6 mm and a thickness (t) of 6.35 mm.

A combination of the hyper-local constraint factor, an(¢), and the stress-intensity factor, K(¢), as functions of the
parametric angle, ¢, were used to determine the critical fracture location. The objective was to develop arational to
predict the critical fracture location .. The stress-intensity boundary-correction factor, F,, and the constraint factor,
O, variation as afunction of ¢ for a surface crack under remote bending is shown in Figure 26. The maximum F,
(or K) occurs at the free surface but here the constraint factor islow (nearly plane stress). In contrast, at the
maximum depth location where the constraint factor is high (nearly plane strain), the F, (or K) valueis very low.
Thus, fracture should initiate in the interior but not at the maximum depth location and, probably, not at the free
surface. From the fracture test, the crack-initiation region was measured from 6 to 17 degrees [2], as denoted by
“test range”. Using asimple product of Fya, (or Kay), as shown by the dash-dot curve, the peak value occurred at
14.4 degrees. Thisvalue fell within the experimental test range. Therational isthat the region where the “stress-
intensity factor and constraint” maximizes would be the most likely location for fracture to initiate.

The stress-intensity and constraint-factor variations were then used to determine the critical fracture location ¢, and
the critical stress-intensity factor at that location. This approach was applied to the fracture tests conducted by the
NASA Ames Research Center (ARC) and Idaho National Engineering Laboratory (INEL). The results of fracture
tests at the crack-initiation loads using K, at the critical location (@) produced the correlation shown in Figure 27.
Here the average of the bending specimens was extremely close to the average of the tension tests. The average
value from all tests was (K¢),c = 61.5 M Pa-m”2 with 93% of the data falling with +20%. The toughness from the
surface-crack specimens was somewhat higher than the K value (53 MPa-m"?) from through-crack bend
specimens.

References:

1. Newman, J. C., Jr., W. G. Reuter, and C. R. Aveline, Jr., “ Stress and Fracture Analyses of Semi-Elliptical
Surface Cracks,” Presented at the 30th National Symposium on Fatigue and Fracture Mechanics, St. Louis, MO,
June 1998.

2. Reuter, W. G, Elfer, N., Hull, D., Newman, J. C., Jr., Munz, D., and Panontin, T. L., “Fracture Toughness
Results and Preliminary Analysis for International Cooperative Test Program on Specimens Containing Surface
Cracks,” ASTM STP 1321, J. H. Underwood, B. D. Macdonald and M. R. Mitchell, Eds., 1997, pp. 146-166.
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9.4.10 Modeling K o« Effects On Fatigue Crack-Growth Rates
R. S. Piascik and J. C. Newman, Jr.
NASA Langley Research Center

The use of constant-K  test procedures have greatly increased. Thistest procedure produces, closure-free, low
crack-growth rate data much more rapidly than the constant-stress-ratio (R) load-reduction procedure without the
guestionable load-interaction, closure-affected results at low R. But recently, using K. testing, researchers have
generated data at high R that produce K o-affected data. Testing at high R, in the absence of crack closure, are
producing different crack-growth rates at the same applied AK (or AK ) values. For 2024-T3 aluminum alloy, these
test results show an increase in micro-void growth as the crack grows at higher K values[1]. Research work at
NASA Langley [1,2] has been initiated to explain and to develop equations to correlate data at constant-R and
constant-Kmax testing. Fatigue crack-growth rate data plotted against AK or AK &, commonly show a “sigmoidal”
shape as a crack grows to fracture. To account for this shape, the Elber-Paris power relation was modified by

de/dN = C (AKegr)" / H )

where H = 1 - (KnadKo)®. The function H accounts for the rapid crack-growth rates approaching fracture [2]. The
parameter K. isthe cyclic fracture toughness. The cyclic fracture toughness is generally higher than the static
toughness for cracks grown at alow load and then pulled to failure. Thisis caused by the shielding effect of the
plastic wake. The cyclic fracture toughness, like the elastic fracture toughness, is a function of crack length,
specimen width, and specimen type.

Riddell and Piascik [1] tested small extended compact tension (ECT) specimens (B = 2.3 mm and W = 76 mm)
under constant-AK values for avery wide rangein stress ratios. Some typical results at 5.5 MPavm are shown in
Figure 28 as symbols. The upper axis shows the ratio of K /K. for these test data (K. = 50 MPaym). The solid
curve isthe predict results from equation (1) with a power q = 2. The power of g = 2 had been previously selected
for aluminum alloys. The dotted lines show a +40 percent scatter-band about the solid curve. The dashed curve
shows the calculated results using only AK &« without the K s term.

Dubensky [3] tested middle-crack tension specimens (W = 305 mm) over awiderange in stressratios (R =010 0.7) at
extremely high applied stress levels (0.6 oys to a,¢). Only some of the data are shown in Figure 29 as AK plotted against
rate (symbols). Open and solid symbols are high and low R data, respectively. The dotted curveisthe AK 4 basdline
curve. The solid and dashed curves are the predicted AK againgt rate results from FASTRAN [2] for specimenstested at
low and high R. These results show that K, Or stress-level effects are present even at low stressratios, if the tests are
conducted at high stresslevels. Note that these tests were cycled to failure and that the cyclic fracture toughness K
(chosen to fit the asymptotes) was 100 MPa/m.

These results show that equation (1) can account for some K. effects at low and high AK levels. But how cyclic crack
growth and static fracture modes interact needs further study.
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9.4.11 The Manson-Coffin Relation for Deter mining Cycles Until Failure
Dr. Milton J. Torresand Dr. Kuang-HisWu
Florida International University

As Oy | b ' c
—=—(2N +&; (2N

> E (2Ny) t (2Ny)
Ag input Strain Range

Oy

? =0.008632 One Reversal Intercept of Elastic Strain vs Life Line
& =0.18 One Reversal Intercept of Plastic Strainvs Life Line
b =-0.071 Slope of Elastic Strain Amplitude vs Fatigue Life
c =-0.645 Slope of Plastic Strain Amplitude vs fatigue Life
[\ output Cycles Until Failure

Fatigue Life Extension

Foam Thickness (inches) 0 1.25 2 2.75 3.50
Microstrain @ 6.5 psi Cabin Pressure 916.6 883.4 847.4 819.5 799.1
% Reduction Strain 3.6% 7.6% 10.6% 12.8%
Cycles until Failure 453E+17 7.62E+17 1.37E+18 2.19E+18 3.13E+18
Increase Fatigue Life N Fold 1.0 1.7 3.0 4.8 6.9
Microstrain @ 7.5 psi Cabin Pressure 1041.8 1008.0 971.0 941.4 919.3
% Reduction Strain 3.2% 6.8% 9.6% 11.8%
Cycles until Failure 747E+16 1.19E+17 2.01E+17 3.11E+17 4.35E+17
Increase Fatigue Life N Fold 1.0 1.6 2.7 4.2 5.8
Microstrain @ 8.5 psi Cabin Pressure 1165.9 1131.6 1093.7 1062.7 1039.1
% Reduction Strain 2.9% 6.2% 8.9% 10.9%
Cycles until Failure 153E+16 2.33E+16 3.76E+16 b5.64E+16 7.74E+16
Increase Fatigue Life N Fold 1.0 15 25 37 51

9.4.12 Fatigue Crack Growth Lives Under Repeated Spike Overloads And Underloads
D. S. Dawicke and J. C. Newman, Jr.
NASA Langley Research Center

The objective of this work was to compare the fatigue crack growth lives measured under repeated spike overload
and underload sequences for thin-sheet 2024-T3 aluminum alloy with those calculated from the crack-closure
model, FASTRAN. Dawicke [1] conducted repeated spike overload and underload tests on middle-crack tension
specimens made of the 2.3 mm-thick aluminum alloy. All specimens were fatigue precracked under constant-
amplitude loading (Sca = 70 MPaat R = 0.02) until a12.7 mm crack was produced. Then arepeated spike
overload/underload sequence was applied every 2500 cycles until failure. Overload ratios (So./Sca) ranged from
1.125 to 4, and underload ratios (Sy./Sca) ranged from 0 to -3. The number of cycles required to grow the crack
fromtheinitial sizeto failure N; was recorded. Using constant-amplitude crack-growth rate data on the aluminum
alloy and an estimate for the constraint-loss regime, the baseline AK «; - rate relation was established. (In the closure
model, the constraint factor is denoted as a, where plane stressisa = 1 and plane strainisa = 3.) Predictions of
fatigue crack growth lives for all of the repeated overload and overload/underl oad tests were made, see Figure 31.
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The fatigue crack-growth lives, N, for various repeated spike overload magnitudes are shown in Figure 30 as
symbols. The longest fatigue life occurred at an So /Sca ratio of 2. When the overload ratio reached 3.75, the
specimen failed on the first application of the overload. The solid curve shows the predicted lives using the baseline
relation with the constraint-loss option (low rates are plane strain and high rates are plane stress). The predicted
lives were generally within afactor of two of the test data. Comparing the fatigue surfaces for the constant-
amplitude case and the small overload (So /Sca = 1.125) case, it became obvious that the small overload caused
enough crack surface roughness to produce fretting-product-debris on the surface. The increased closure due to the
debris was not accounted for in the analysis. Thus, the model under predicted the fatigue lives for the small to
moderate overloads. To illustrate why the constraint-loss regime is needed, predicted fatigue lives under a constant
congtraint factor of 2 (nealy plane strain) are shown by the dashed curve. Here the predicted results can be as much
as an order of magnitudein error.

The crack-closure model matched the experimental test data quite well and demonstrated why it isimportance to
include the influence of the constraint-loss regime on crack growth behavior for thin-sheet alloys.
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9.4.13 Assessmentsof Low Cycle Fatigue of Powder M etallurgy Disk Superalloy U720
Tim Gabb, Jack Telesman, Pete Bonacuse, Pete Kantzos, Joe Sweeney
NASA Glenn Research Center

The fatigue lives of modern powder metallurgy disk alloys can be influenced by variabilitiesin alloy microstructure
and mechanical properties. These properties can be dependent on parameters within any of the various steps of
material s’component processing: during powder atomization, consolidation, extrusion, forging, heat treatment, and
machining. Itisimportant to understand the relationships between the statistical variationsin life and these factors,
as well aslife variations due to the fatigue loading conditions. The objective of this study was to evaluate the
fatigue life response of a nickel-base disk superalloy U720 produced using powder metallurgy processing. Strain-
controlled fatigue tests were performed at 538°C (1000°F) using multiple tests at limited, carefully selected sets of
test conditions. Analyses were performed to assess variations of microstructure, mechanical properties, and LCF
failure initiation sites as functions of disk processing variables and different test conditions. Statistical evaluations
were applied to compare fatigue life frequency distributions and minimum life estimates using data from multiple
tests at unique test conditions and pooled data from different test conditions.

Significant variationsin life were observed as functions of the disk processing variables evaluated. Furthermore, the
failure initiation sites for tests performed at a strain ratio Re=€/Emin Of O were different from thosein tests at a
strain ratio of —1 (Figure 123). However, the lives of all specimens could still be combined and statistically
evaluated together. Evaluations indicated the natural logarithm of life could be modeled as normally distributed.
Mean and minimum life estimates from a curve generated with the combined data of various strain ranges and strain
ratios compared well to estimates generated with multiple tests at fixed strain conditions.

9.4.14 Residual Strength Analysis M ethodology
D. S. Dawicke and J. C. Newman, Jr
NASA Langley Research Center

The NASA Aging Aircraft Programs have developed aresidua strength prediction methodology for aircraft
fuselage structures. This methodology has been verified for structures ranging from laboratory coupons up to full-
scale structural components [1-4]. This methodology uses the critical crack-tip-opening-angle (CTOA) fracture
criterion to characterize the fracture process and a geometrically and material nonlinear finite-element shell code to
perform the structural analyses.
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The CTOA fracture criterion assumes that stable crack growth will occur when the angle made by the upper crack
surface, crack tip, and the lower crack surface reaches acritical value. Evaluation of the CTOA fracture criterion
requires an elastic-plastic finite-element analysis. The critical CTOA value is determined by simulating the
behavior of a small laboratory coupon specimen to obtain the angle that best describes the observed experimental
behavior. Thiscritical CTOA value isthen used to predict the behavior of other, more complex and larger
structures.

The critical CTOA value appears to be independent of specimen width and crack length. However, it isafunction
of material thickness and local three-dimensional constraint. Similar to the fracture toughness (K ;) of a material, the

critical CTOA value changes with material thickness, and generally decreases in value with increasing thickness.
The influence of local three-dimensional constraint is aresult of the fracture process that causes the local stressesto
be neither plane stress nor plane strain condition, but something in between. Thislocal constraint requires either a
full three-dimensional finite-element analysis or a two-dimensional analysis with an approximation of the three-
dimensional constraint. One such approximation, the "plane strain core" which uses plane-stress conditions
everywhere except for a strip along the crack path where plane strain is assumed. The height of the strip (dimension
perpendicular to the crack path) determines whether the approximation is closer to plane stress or plane strain
behavior and generally increases with increasing thickness. Current research has evaluated the fracture behavior of
2024-T3 aluminum alloys with thickness of 0.04 to 0.09 inches. The critical CTOA and plane-strain-core height, as
shown in Figure 32, were determined from small |aboratory specimens. Using these parameters, the CTOA fracture
criterion was used to predict the behavior of middle crack tension specimens up to 40 inches wide, flat panels with
riveted stiffeners, and multiple-site damage cracking, 18-inch-diameter pressurized cylinders, and full scale curved
gtiffened panels subjected to internal pressure and combined loads.
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9.4.15 Analysesof Buckling and Stable Tearing in Thin-Sheet M aterials
B. R. Seshadri and J.C. Newman, Jr.
NASA Langley Research Center

This study was conducted to analyze flat panels with cracks that fail with severe out-of-plane displacements
(buckling) using STAGS (STructural Analysis of General Shells) code [1] and the critical crack-tip-opening angle
(CTOA) fracture criterion. The critical CTOA was determined from small laboratory coupons that were restrained
against buckling. STAGS and the critical CTOA were then used to predict |oad-crack-extension and residual
strength of restrained and unrestrained panels. (Note that these results were generated before the plane-strain core
option was incorporated into the STAGS shell code.)

Comparisons between STAGS analyses and experimental measurements of applied stress against crack extension on
middle-crack tension M(T) specimens (restrained and unrestrained from buckling) are shown in Figure 33. The
analyses predicted the influence of buckling on the tearing behavior quite well. Parameters like crack-length-to-
width ratio, sheet thickness (B), crack configuration, and material fracture toughness (CTOA) had a strong influence
on buckling response [2]. A plot showing the ratio of the buckling-failure load to the failure load for arestrained
cracked panel are shown in Figure 34 for aluminum alloys and steels[2,3]. The STAGS analyses predicted the load
ratio as afunction of the initial crack-length-to-sheet-thickness (¢;/ B) ratio reasonably well. The oscillations were
due to buckling mode changes for larger values of ¢;/ B ratios. The STAGS analyses and the critical CTOA fracture
criterion were able to predict the influence of buckling and out-of-plane displacements on the tearing behavior of
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thin-sheet materials. These capabilities are needed to predict the residual strength of cracked fuselage structures that
exhibit out-of-plane deformations.
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9.4.16 Fracture Simulations Of Wide Panels Need The Plane-Strain Core
J. C. Newman, Jr.
NASA Langley Research Center

Cracks in thin-sheet materials, such as fuselage materials, develop high constraint conditions, like plane strain,
around the crack front, but away from the crack front plane-stress conditions prevail. To account for this effect in
two-dimensional finite-element fracture simulation codes, a plane-strain core concept was developed [1] for use with
the critical crack tip opening angle (CTOA) fracture criterion. This study was conducted to verify the CTOA
fracture criterion and the plane-strain core concept for wide panels made of a thin-aluminum alloy material.

Eichenberger [2] conducted fracture tests on middle-crack tension M(T) specimens made of 2.5-mm thick 2219-T87
aluminum alloy. Specimen widths (W) ranged from 90 to 1200 mm with a wide range of crack lengths conducted
for some of the widths. The failure loads from all specimens were used to determine the critical CTOA value and
the plane-strain core height by atrial-and-error procedure using the finite-element computer code, ZIP2D [1]. The
critical CTOA value was then used to calculate the failure loads on all specimens using either plane-stress, plane-
gtrain, and the plane-strain core concept. The critical CTOA was determined to be 4.7 degrees with a plane-strain
core half-height (h.) of 1.9 mm. The CTOA fracture simulation with the plane-strain core predicted the failure loads
on all specimens within about 5 percent. To demonstrate the need for the plane-strain core, the critical angle of 4.7
degrees was then used to calculate failure loads under both plane-stress and plane-strain conditions. Figure 35
shows a normalized failure stress (S / 6*) plotted against the specimen width for specimens with a crack length to
width ratio of 1/6 (symbols). The solid curveisthe CTOA analysis with the plane-strain core, whereas the dotted
and dashed curves are the calculations for plane stress and plane strain, respectively. These results clearly show
why the plane-strain core is needed for analyzing fracture of thin-sheet alloys. Figure 36 shows failure stress plotted
against 2c/W for W = 305, 610 and 1200 mm. The CTOA analysis with the plane-strain core predicted the failure
stresses very well over a wide range of panel widths and crack lengths.

Fracture of thin-sheet alloysis neither plane stress nor plane strain, but is a mixed combination of the high (plane-
strain) constraint around the crack front and plane-stress behavior elsewhere. In lieu of conducting three-
dimensional fracture analyses, the plane-strain core is a simple approach to approximate fracture of thin-sheet aloys.
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9.4.17 Fatigue Crack Grtowth At Machined Pockets
Mohan M. Ratwani

R-Tec

James Helbling and Maro Heimerdinger

Northrop Grumman Cor poration, El Segundo

Machined pockets in lower wing skins of an aircraft have shown propensity for crack initiation and propagation
during service. It is necessary to perform damage tolerance analysis and design repairs for these locations. A test
program (Reference 1) was carried out to obtain crack growth at machined pockets representative of alower wing
skin pocket. The specimen configuration shown in Figure 37 was used. A semi-circular part through flaw was used
asan initial flaw. The fatigue testing was done under T-38 |lead-in-fighter spectrum loading. During the testing it
was observed that the crack tips in both the test specimens were growing at almost the same rate for the initial 1500
flight hours of spectrum testing. However, when the crack tip adjacent to the end of the machined pocket was closer
to the pocket edge, it grew much slower compared to the other tip which was away from the edge of the pocket. The
crack growth rate was found to be significantly different at the crack tips as shown in Figure 38.

To make crack growth predictions, analytical stress intensity factors were modified to account for the presence of
the machined pocket radius along the crack plane. The modified stress intensity factors were used in Forman
equation for crack growth predictions under spectrum loading. The unequal crack growth at the crack tips was
accounted for by modifying crack growth constant c in the Forman equation. As the test data indicated crack growth
rate at one crack tip to be one half of that at other crack tip, average value of ¢ equal to 0.75 times the normal value
was taken in Forman equation for crack growth predictions. A comparison of predicted crack growth and observed
crack growth is shown in Figure 38. The figure shows a good correlation between predicted and observed average
crack length.
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9.4.18 T-38 Lower Wing Skin M achined Pockets Analysis And Test
Mohan M. Ratwani

R-Tec

James Helbling and Maro Heimerdinger

Northrop Grumman Corporation, El Segundo

Asapart of aprogram to extend the life of T-38 lower wing skin (Reference 1) atest and analysis program was
carried out to obtain stresses in the machined pocket area of the lower wing. A test specimen was designed to
simulate the local details and laboratory testing conducted (Reference 2) to obtain strains in the region. Two
different detailed finite element analyses using a fine mesh and a coarse mesh were carried out to obtain strain
distribution in the pocket area.

Structural testing of the T-38 wing at Wright Patterson Air Force Base is being carried out under T-38 Lead-in-
Fighter spectrum loading as a part of “Advanced Technology redesign of Highly Loaded Structures Program”. Prior
to the fatigue testing of the wing, strain gages were applied to the lower wing skin pocket area. The location of the
strain gages on the wing is shown in Figure 39. Two different strain surveys were performed on the wing. In the first
strain survey, an inadequate amount of torsional |oad was applied. Subsequently, additional cylinders were added to
provide the required amount of torsion. The strain survey was carried out for the two most critical load conditions
(namely S0985 and 10556) to 50% of limit load. The results of the two strain surveys for the pocket between the
39% and 44% spar are shown in Figure 40 for the two conditions. The figure shows about 8% higher strains for the
second strain survey compared to the first survey. The figure also shows the strains from the coupon test strain
survey of reference 2. Correlation between strains from the wing test and coupon test is very good for both
conditions. This indicates that the coupon specimen provides an accurate simulation of the wing pocket area.

The comparison of test and analytically predicted strains, obtained from coarse mesh and fine mesh finite element
models, for the pocket between 39% and 44% sparsis shown in Figure 41. The figure shows that for condition



9/27

S0985, both finite element models show a good correlation with the test results. However, for condition 10556, only
the fine mesh results correlate well. The coarse mesh results are shown to be slightly higher.
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9.4.19 Fatigue Analysis of Padded Single-Shear Lap Splices
Tom E. Sovar
Boeing

Longitudinal single-shear lap joints are used to join aircraft fuselage skinsin a very straightforward and inexpensive
manner. However, these joints may be problematic in terms of fatigue performance. To increase the fatigue life of
aircraft structure at lap splices, the skin thickness may be increased locally at the joint. Thisistypically done by
either bonding a doubler in this area or milling the skins down to their final thickness, thus leaving thicker padsin
the joint region (see Figure 42). This procedure is commonly referred to as padding the skins.

Boeing has developed a method to predict the fatigue performance of padded lap splices using one-dimensional, flat-
shell models of thejoint. The flat shell models have closed-form solutions, which can be solved on a computer to
provide quick estimates of the bending moments at the end fastener rows. These bending moments are used, along
with the tension load and percentage of load transferred, to predict the peak stress at the edge of the fastener hole via
stress concentration (Ky) factors. By combining this information with an existing method for predicting the fatigue
life of an unpadded single-shear lap splice, it is possible to make the life predictions for padded lap splices.

The analysis procedure for the padded lap splice has several steps. First, the peak stress in the actual padded lap
joint is estimated by superposing the predicted peak stress due to each of three load components at the end fastener
rows -- skin bending moment, load transfer, and the bypassing stress. The flat shell model gives the skin bending
moment at the end fastener rows. The percentage load transferred at these rows is estimated using existing stiffness-
based methods, and the bypass stress is determined from the applied load once the percentage of load transfer is
known.

Thefilled hole K, associated with each load component is used to determine the peak stress value for that
component. To account for hole filling effects, the K, due to bending and the K, for the bypass stress are assumed to
be 60% of the open hole solutions.

Next, a model of an unpadded lap joint is made with a skin thickness equal to the pad thickness of the padded joint.
By varying the load that is applied to this unpadded lap splice, the peak stress can be matched to that in the actual
padded lap joint. Then alife prediction is made for the unpadded lap splice for this applied load. Since the peak
stresses are the same at the same end fastener detail in both the padded and unpadded lap joint models, the
assumption is made that the fatigue lives of the two joints are the same.

Several analytically predicted trends have been verified by fatigue tests. These include pad thickness as the primary
parameter affecting fatigue life, and pad orientation as also very important. A pad that has the added material on the
side toward the faying surface is much more effective at increasing the fatigue life at the end fastener row (in that
same pad) than a pad that has the added material away from the faying surface. Conversely, a pad oriented toward
the faying surface has alower fatigue life at the fillet where the pad-up starts than a pad oriented away from the
faying surface. Thisbehavior isdisplayed in Figure 43 for aluminum joints with one particular configuration.
Another effect which is predicted is that ajoint with increased overlap width will have alonger fatigue life than an
otherwise identical joint that is simply narrower (less overlap). Thisis because the wider joint undergoes less
rotation, resulting in lower bending stresses at the first fastener rows. This behavior is displayed by Figure 44 for a
simple unpadded lap joint with two .040” thick aluminum skins.
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9.4.20 Application Of Small-Crack Theory To A Rotorcraft Material
J. C. Newman, Jr.

NASA Langley Research Center and

R. A. Everett, Jr.

U.S. Army Research Laboratory

Studies on the growth of small cracks have led to the observation that fatigue life of many engineering materialsis
primarily “crack growth” from micro-structural features, such as inclusion particles or from manufacturing defects.
This work applied a plasticity-induced crack-closure model [1] to predict fatigue lives of metallic materials using
“small-crack theory” under various loading histories. Constraint factors, to account for three-dimensional effects at
the crack front, were selected to correlate large-crack growth rate data as a function of the effective stress-intensity
factor range (AK«¢) under constant-amplitude loading. Modifications to the AK «-rate relations in the near-threshold
regime were needed to fit measured small-crack growth rate behavior. The model was then used to predict total
fatigue lives, for notched and un-notched specimens under constant-amplitude and spectrum loading using micro-
structural flaws.

Swain et.a [2] conducted large-crack tests on middle-crack tension specimens made of 4340 steel. Thesetest data were
used to obtain the AK «-rate relation. Fatigue tests were a so conducted on single-edge-notched tensile (SENT)
specimens with a stress concentration Ky = 3.3. Examination of the initiation sites for 35 specimens gave information on
the distribution of crack-initiation site dimensions. Two types of particles were observed: a spherical particleand a
stringer particle, see Figure 45 (a) and 45 (b). The spherical (calcium-aluminate) particle was by far the most dominate
crack-initiation site particle. The cumulative distribution function for these defectsis plotted against an equivalent semi-
circular defect radius based on the actual area of the defect in Figure 45 (c). The mean defect is about 13-um in radius
but selecting 8- to 30-um defect radii would cover over 80% of the al defects.

Results of fatigue tests conducted on circular hole specimens under the Felix-28 load sequence [3] are shownin
Figure 46 as symbols. The maximum stressin the spectrum is plotted against the cyclesto failure. Predictions of
total fatigue life under the Felix-28 load spectrum were made using the FASTRAN code [1] by calculating the
number of cycles necessary to grow a crack from the assumed initial defect size, located at the center of the open
hole, to failure. The predicted results for the two initial defect sizes bounded the test data quite well.
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9.4.21 Fretting Damage in Advanced Propulsion Systems
Mr. G. Harish, Ms. P.A. McVeigh and Prof T.N. Farris
Purdue University and

Prof M .P. Szolwinski

Rensselaer Polytechnic Institute

The area of contact between the blade root and disk in high-performance turbomachinery (Figure 45 (d)) has been
identified as a critical areafor the nucleation of fatigue damage leading to premature and often catastrophic
componential failures. The interaction of small-scale, oscillatory relative displacements or slip at the contact
surfaces and the sharp gradients of near-surface contact stresses induced by fretting contact is responsible for the
nucleation of fatigue damage in these components. An ongoing program strives toward the development and
validation of analysistools for assessing quantitatively the threat of fretting fatigue to the integrity and subsequent
performance of jet engine components.

Two computational approaches—one relying on a quasi-analytical formulation and another employing the finite
element method—for characterizing the interfacial conditions arising in experimental setups used to simulate
conditions of fretting in the blade/disk contacts [1]. The nominally flat nature of these contacts leads to sharp
gradients in near-surface conditions. The quasi-analytical formulation provides a computationally efficient approach
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for analyzing arbitrary contacting profiles. It is also shown that predictions from the analyses compare favorably to
interfacial damage observed in an ongoing series of fretting fatigue tests of a titanium alloy used commonly in
turbomachinery components, Ti-6Al-4V. Other modeling efforts have targeted the effects of LCF/HCF interaction
on the near-surface stress field [2].

These near-surface stress fields have also been combined with a multiaxial fatigue life parameter and uniaxial strain-
life data from smooth-bar Ti-6Al-4V specimens to provide predictions of fretting fatigue failures in dovetail-like
contacts [3]. As shown in Figure 45 (e), correlation between initial test data and these predictionsis encouraging,
lending support to the use of this mechanics-based approach in ensuring the integrity of current and next-generation
engine designs.
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9.4.22 Fretting Fatigue in Riveted Aircraft Structures
Prof M .P. Szolwinski

Rensselaer Polytechnic Institute and

Mr. G. Harish and Prof T.N. Farris

Purdue Univer sity

Fretting, a synergistic damage mechanism experienced at clamped, contacting surfacesin awide variety of
mechanical systems subjected to oscillatory loading, plays a particularly critical role in the nucleation of fatigue
cracksin aging aircraft systems. The localized near-surface stresses, strains and surface microdlip associated with
fretting contact lead to a detrimental tripartite combination of corrosion, wear and fatigue damage in riveted lap
joints. Understanding fretting fatigue in these joints is crucia to those interested in not only airframe structural
design but also technologies for life prediction and maintenance of aging aircraft systems, both civilian and military.

The goal of this research was to formulate a mechanics-based approach that linked the localized stress and strain
fields at and around the rivet/hole interface to the nucleation of fretting fatigue damage in riveted lap joint structures.
Assummarized in Figure 45 (f), this effort integrated results from well-characterized experiments and modeling
efforts to produce a validated methodol ogy for predicting the fatigue performance of lap joint structures from
knowledge of applied load histories, manufacturing parameters and basic fatigue properties.

Figure 45 (g) presents an overview of the components of this predictive framework. Initial steps were taken to
formulate a three-dimensional shell-element model of ariveted lap joint [1]. This model resolved both the load
transfer among rivet rows and contact at and around the rivet/hole interfaces. The interfacial conditions at the
rivet/hole contact were found to be similar to those generated in a well-characterized fretting fatigue test system with
areduced contact geometry [2, 3]. Furthermore, the results also identified a strong link between the mechanics of
load transfer in the joint and the through-thickness restraint offered by the installed fastener.

In light of these results and the obvious influence the residua stress field induced during fastener installation has on
fatigue performance, a finite element model of force-controlled rivet installation was developed [4]. This model
revealed a through-thickness gradientsin the residual stress field and a change in the distribution of residual hoop
stress near the rivet/hole interface with changes in the installation force. The data from this simulation were then
used asinput into a two-dimensional finite element model of asingle lap joint structure that was validated by a
thermal imaging technique [5]. This model was exercised in conjunction with amultiaxial fatigue life parameter to
identify both the critical location and number of cycles for fatigue crack nucleation. Comparison between these
predictions and observed failuresin single lap joint test articles has been favorable [6].
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9.4.23 Advanced Crack Growth Modeling (using AFGROW) and Testing
Mr. Clare Paul
Air Force Research Laboratory

The goal of this research program is to expand the capabilities of predicting growth of cracksin aircraft structure.
New technology and material data will be developed and implemented into AFGROW. Specificaly, the multiple
crack growth modeling project currently underway (Multiple Crack Growth Verification Testing,) will be expanded
to include additional in-service cracking scenarios of cracks nucleating and growing from several locationsin one
structural element; for example, arow of fastenersin asingle bay of a fuselage lap-splice joint or arow of fasteners
in a span- or chord-wise splice of awing skin. The current effort does not cover the wide variety of cracking
scenarios seen in-service; thus new stress intensity and interaction factors must be developed and experimentally
verified. Additional stressintensity factor solutions will be developed for cracks growing in stiffened panelsif said
solutions are not available in the open literature. In addition, the ability to model cracks growing from highly
stressed joints (lugs with interference fit bushings installed for example) is needed by ALC engineers.
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9.5. WIDESPREAD FATIGUE DAMAGE

9.5.1  Analytical and Test Evaluationson the Linkup of Multiple Cracking in Stiffened Fuselage Panels
Dr. John Bakuckas
FAA William J. Hughes Technical Center

Widespread fatigue damage (WFD) in the form of small cracks rivet holesin afuselage lap joint can degrade the
load carrying capacity of an aircraft. The reduction in emanating from multiple residual strength of flat panels due
to multiple cracking has been demonstrated experimentally. Research is currently ongoing to develop and validate
analytical and computational models to predict the reduction in residua strength of stiffened, curved structures with
multiple cracks.

As part of model validation, testing on full-scale, stiffened, curved panels was conducted. The test articles for this
fixture contain structural details resembling those found in a commercial transport aircraft. Residual strength tests
were performed on a panel with two different multiple cracking configurations. The first configuration consisted of
atwo-bay skin lead crack with multiple smaller collinear cracks spanning an intact central strap. The second
configuration consisted of atwo-bay lead crack in the upper row of an unbonded longitudinal lap splice with
multiple smaller collinear cracks spanning a broken central strap. The data obtained from these tests can be used to
validate the analytical and computational models now under development to predict the residual strength of aircraft
panels.

In addition to testing, engineering analyses were performed to predict the remote stress at linkup. 1n these analyses,
linkup (See Figure 47) was assumed to occur when the ligament between adjacent crack tips becomes completely
plastic. Curvature was taken into account by applying a bulging factor. Mathematical Mathematical expressions for
the bulging factor as a function of applied stress, crack length, and other parameters were developed. These
expressions contained unknown constants that were determined from curve fitting of geometric nonlinear finite
element results. The derived expressions for the bulging factor were used in conjunction with a displacement
compatibility analysis which was applied to include the effect loads carried by rivets that attach the frames and the
tear strapsto the skins.

The calculated linkup stresses were conservative in comparison with test datain most cases. In general, the
predicted linkup stresses were within 25% of the experimental values. Stable tearing had arelatively weak effect on
the calculation of linkup stresses. The bulging factor had a significant effect on predicting linkup stresses, as shown
in Figure 48.

POC: Dr. John Bakuckas, AAR-431, FAA William J. Hughes Technical Center, Atlantic City International Airport,
NJ 08405, (609) 485-4784.

9.5.2 Fracture Analyses Of Faa/Nasa Stiffened Panels With M ultiple-Site Damage
J.C. Newman, Jr., B. R. Seshadri and D. S. Dawicke
NASA Langley Research Center

The objective of this study [1] wasto analyze a series of fracture tests conducted jointly by the FAA and NASA on
stiffened and unstiffened panels with multiple-site-damage (MSD) cracking. The panels were made of 2024-T3
sheet (B = 1.6 mm) with five 7075-T6 flat stiffeners (with the central stiffener severed). Severe out-of-plane
displacements, due to local buckling along the crack plane, were observed in all tests. The analyses were conducted
using the STAGS ( STructural Analysis of General Shells) code to describe the structural non-linearity and the
critical crack-tip-opening angle (CTOA) fracture criterion to predict stable crack growth. The STAGS code with the
“plane-strain” core option was used in these analyses to account for the effects of through-thi ckness constraint on
the fracture process.

A critical CTOA value was determined from a wide (unstiffened) panel with anti-buckling guides. The plane-strain
core size was estimated from previous fracture analyses and was about equal to the sheet thickness. Rivet flexibility
and stiffener failure was based on methods and criteria, like that currently used in the aerospace industry. STAGS
and the CTOA criterion were used to predict load-against-crack extension for the wide panels with a single crack
and multiple-site damage cracking at many adjacent rivet holes.
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Test results and the STAGS/CTOA analyses made on a wide stiffened panel with asingle crack is shownin Figure
49. The load-crack-extension measurements are shown as symbols and the analysis by the solid curve. Theinsert
shows the relative location of the stiffener. Crack extension was measured until the crack went underneath the
gtiffener. Once the crack grew outside of the stiffener, the panel failed (solid symbol). Whether failure of the panel
was due to sheet failure or stiffener failure could not be determined. Failure of either would immediately result in
panel failure because the stiffeners were carrying about one-half of the applied load. A comparison of the measured
and predicted load-against-crack extension for the wide stiffened panel with alead crack and the 1.3-mm MSD is
shown in Figure 50. Again, the insert shows the relative location of the lead crack, open holes, MSD, and the intact
stiffener. The measured load-crack extension values for the data underneath the stiffener were inferred from the
load-time trace recorded on this specimen. Asthe crack linked up with the open hole at about 125 mm, the sheet
failed with all 24 MSD crackslinking. Panel failure then occurred at about a 10% higher load to break the
stiffeners. The predicted |oad-crack extension behavior matched the test results very well. These results indicated
that the STAGS code and the CTOA failure criterion could predict stable tearing in the presence of MSD ina
stiffened structure with severe out-of-plane deformations, typical of what may occur in an aircraft fuselage under
pressure.
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9.5.3 FAA-NASA Stiffened-Panel Fracture Tests
Dr. Paul Tan
FAA William J. Hughes Technical Center

NASA Langley Research Center and the FAA William J. Hughes Technical Center have jointly conducted fracture
tests on 40-inch-wide sheets of 0.063-inch-thick 2024-T3 aluminum alloy. Five different crack configurations were
tested: asingle center crack, a single center crack with aline of 24 holes collinear with the crack, and three
configurations with a single center crack with equal multiple site damage (M SD) cracking at each hole. The MSD
cracks were introduced by fatigue precracking at alow stressrange. For each crack configuration (three MSD
sizes), identical specimens were tested with and without riveted tear straps. During the tests, measurements were
made of load, crack extension, applied end displacement, strain, and displacement fields.

The significant feature of these tests are that they are the first wide panels with M SD fatigue cracks rather than saw
cut cracks. The MSD cracks were introduced through a unique four-step process. (1) undersized holes were drilled
into the specimen and small notches were machined into both sides of each hole; (2) the specimen was fatigued and
the resulting crack growth at each hole was measured optically; (3) whenever the crack at any hole reached the
desired value, a nut-washer-bolt system was used to transfer load around the crack, stopping the crack growth and
letting the other holes catch up; and (4) after al the crack at all the holes reached the desired length, along center
notch was machined and fatigue precracked to alength of 8 inches. This method resulted in MSD cracks within
0.002 inch of the desired lengths.

The photograph in Figure 51 shows one of the 40-inch-wide specimens in the servo-hydraulic loading frame. In the
foreground are the two cameras used to measure the out-of-plane displacements using a digital image correlation
technique. The measurements of out-of-plane displacement and crack extension as a function of applied load are
being used to verify a three-dimensional, geometrically nonlinear, elastic-plastic residual strength prediction model
for aircraft fuselage structures.

POC: Dr. Paul Tan, AAR-431, FAA William J. Hughes Technical Center, Atlantic City International Airport, NJ
08405, (609) 485-6665.
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9.5.4 Widespread Fatigue Damage Evaluation
Jin-Chyuan Yu
Boeing

Under sponsorship of the FAA and NASA and, later, the USAF, Boeing has undertaken the task of evaluating the
effects of multisite damage (MSD) on the integrity of aircraft structures since 1996. MSD, a subset of WFD, usualy
refersto collinear cracks along arow of fastener holes. The project is expected to be completed in the Y ear 2000.
The emphasisis on the prediction of MSD initiation and critical damage configuration that causes the residual
strength to drop below the design level.

Fatigue tests were conducted on 16 22-in-wide splice panels, of four splice types, to generate data for usein an
equivalent flaw initiation size (EIFS) study. Crack growth as predicted by FASTRAN, aclosure-based crack growth
model, was compared with the measured curves to determine the EIFS. For aluminum 2024-T3 sheet, 0.063-in
thick, the EIFS obtained, based on limited test data, are in the neighborhood of 0.008 in.

Theresidual strength study on MSD in splice joints involves prediction of linkup between two cracks and final
unstable fracture. Two fracture criteria are primarily used for this purpose: the FAA-developed T* [1] and the crack
tip opening angle (CTOA) [2]. T* isincorporated in the code EPFEAM, and CTOA isimplemented in the NASA
code STAGS. Both criteria account for the large yielding in the ligament between cracks.

Theinvestigations are focused on four splice configurations with MSD aong the joints. For simplelap jointsin
2024-T3 sheet, 0.063-in thick, the initial results show that 20% of residual strength will be lost with an MSD crack
size of 0.05 in at each hole with a pitch of 1.14 in, and 30% if the MSD crack sizeis 0.1 in. A series of tests will be
performed to generate data for correlation with analysis. Sixteen flat splice panels, consisting of four splice
configurations, and six spliced curved panels, with splice either in axial or circumference direction, will be tested,
with testing scheduled to start in the second quarter of 1999.
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9.5.5 Bulging Factorsfor Predicting Residual Strength of Fuselage Panels With WFD
Dr. John Bakuckas
FAA William J. Hughes Technical Center

An engineering approach for eval uating the residual strength of fuselage panels with widespread fatigue damage
(WFD) is being developed by the FAA. The approach, developed by Broek and Swift, uses the residual strength
diagram modified to include multiple-site damage (MSD) cracks. It isassumed that the M SD crack will be absorbed
by the main lead crack through plastic collapse of the net section ligament. Referred to asthe plastic zone linkup
criterion, this occurs when the plastic zones from the lead crack and MSD crack meet. The geometry of the plastic
zones is determined from appropriate values of the stress-intensity factors (SIF).

A two-part investigation was conducted to generate bulging factors for pressurized unstiffened and stiffened
fuselage structures. In the first part, bulging factors and crack profiles were calculated for a variety of
configurations using a global-local hierarchical (GLH) approach using nonlinear finite element analyses.
Comparisons with bulging factors 3 from the literature (Riks and Chen and Schijve) were used to validate the GLH
approach. Once validated, results showed that, for the unstiffened cases, the bulging factor increases as the crack
length increases and decreases as the applied pressure increases. (See Figure 52) For the stiffened cases, the effect
of an intact and broken central strap on the bulging factor and strap stresses was studied. An intact central strap
significantly reduces both the bulging effect and the stresses in the adjacent strap compared to a broken central strap.

In the second part, results from the GLH approach were used to derive a generalized expression for the bulging
factor for unstiffened fuselage panels using a dimensional analysis. The shape of the bulging profile was accurately
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modeled and used in an energy balance approach to derive an expression for the bulging factor. (See Figure 53) For
all cases, the derived expression was within afew percent of the results generated using the GLH approach.

The reported solutions for the bulging factors will be used in future work to predict the residual strength of fuselage
panels contai ning widespread fatigue damage.

POC: Dr. John Bakuckas, AAR-431, FAA William J. Hughes Technical Center, Atlantic City International Airport,
NJ 08405, (609) 486-4784.

9.5.6 Engineering Approach to Predict Residual Strength of Fuselage Panels With WFD
Dr. John Bakuckas
FAA William J. Hughes Technical Center

Widespread fatigue damage (WFD) in the form of small cracks emanating from multiple rivet holes in the fuselage
lap splice joint can degrade the load carrying capability of an aircraft below the original certification requirements.
Tools and methodol ogies to eval uate the effect of WFD on the structural integrity of aircraft are under development.
One of these tools, an engineering approach for evaluating the residual strength of fuselage panels with WFD, is
being developed by the FAA. The approach, developed by Broek and Swift, assumes that the smaller crack will be
absorbed by the main lead crack through plastic collapse of the net section ligament. Referred to as the plastic zone
linkup criterion, this occurs when the plastic zones from the lead crack and smaller crack meet. The geometry of the
plastic zones is determined from appropriate values of the stress-intensity factors (SIF).

The engineering approach has been successfully applied to predict the residual strength in flat panels containing
various multiple crack configurations. (See Figure 54) The flat panels were tested by the FAA at the National
Ingtitute of Standards and Technology (NIST). On average, the difference between the experiments and the
predictions of the fracture strength was 13%. The engineering approach is appealing since it can be used in
numerous parametric studies to screen alarge number of casesto identify critical configurations, which may then be
analyzed in more detail.

To further devel op the engineering approach to predict the residual strength of curved fuselage panels with WFD,
the effect of bulging has been incorporated into analysis. Finite element results generated in a parametric study were
used to derive an expression for the bulging factor for unstiffened shells using dimensional analysis. The shape of
the bulging profile was modeled and used in an energy balance approach to derive an expression for the bulging
factor, which was incorporated into the engineering approach. The resulting methodology was used to predict the
residual strength of an unstiffened fuselage panel with multiple-site damage (MSD). (See Figure 55) The difference
between the experimental and the prediction of the fracture strength was 7%.

POC: Dr. John Bakuckas, AAR-431, FAA William J. Hughes Technical Center, Atlantic City International Airport,
NJ 08405, (609) 485-4784.

9.5.7 Engineering Model For Residual Strength With Multiple Site Damage
J.E.Ingramand Y. S. Kwon
Lockheed-Martin

Nonlinear finite element analyses were conducted to develop an engineering model for predicting residual strength
of skin panels with multiple site damage (MSD). The STAGS finite element code was used to conduct parametric
analyses of numerous configurations of lead and MSD cracks. The analyses were directed at developing a method
to predict the link-up behavior in ductile alloys such as 2024-T3 aluminum. Recent enhancementsto STAGS by
the Langley Research Center (LaRC) and Lockheed Martin Missiles and Space Co. (LMMSC) have enabled the
code to accurately predict stable tearing and link-up of cracks with the elastic plastic behavior and local plane strain
effects accounted for. These enhancements include the automatic node release (crack extension) feature and the
plane strain formulated shell elements. The nodes are rel eased when the STAGS-cal culated crack tip opening angle
(CTOA) reaches the critical value for the material.

Before starting the parametric analyses, the accuracy of the STAGS code and the CTOA criteria were investigated
by comparing the STAGS calculationsto existing test results. First, a middle crack tension specimen was analyzed
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with STAGS, and the critical value of CTOA was obtained which gave the best agreement with the K curve for the
2024-T3 material. Figure 56 shows a comparison of the measured and STAGS-calculated Ky curves. Next, the
geometry of the MSD test panels used in the Foster-Miller tests were simulated in STAGS. The comparison of the
STAGS calculations and the test results are shown in Figure 57. The average error for the 15 link-up predictions
was 2.3%.

Based on the good agreement between STAGS and the MSD tests, a series of elastic plastic analyses were
conducted to obtain a parametric set of link-up stresses for varying sizes of lead and MSD cracks, and ligament
lengths (distances between the adjacent crack tips). A scheme for curve fitting and interpolating on these results was
incorporated into a subroutine, used in the residual strength computer program. The interpolation routine allows
numerous configurations of MSD crack geometries to be investigated in afraction of the time that separate elastic-
plastic finite element solutions would require.

9.5.8 Transport Risk Assessment Containing Widespread Fatigue Damage: TRACWFD
Dr. Catherine Bigelow
FAA William J. Hughes Technical Center

As aircraft age, damage accumulates throughout the structure. The onset of widespread fatigue damage (WFD), as
well asthe structure’s residual strength, are not deterministic quantities, rather there is some probability that either
the onset of WFD has occurred or the residual strength has fallen to unacceptable levels. Not only are these
calculations a function of the underlying physical processes but they are also a function of the maintenance and
inspection procedures performed on the aircraft.

A probabilistic analysis tool has been devel oped to assess the damage progression in aging aircraft and such
damage’simpact on the onset of widespread fatigue damage, the residual strength, and maintenance and inspections.
The analysis tool combines the results of previous FAA, U.S. Air Force, and National Aeronautics and Space
Administration developments into a fast, efficient mechanics model for the aging aircraft fleet. This computer
model has been named TRACWFD — Transport Aircraft Risk Assessment Containing Widespread Fatigue
Damage.

TRACWEFD can be used to assess the effect of a variety of factors on the overall risk of commercial and military
aircraft operation under the conditions of aging. The program analysis has been divided into two phases. The first
phase of the analysis for a particular aircraft structure is deterministic where the nominal behavior is calculated in
terms of local damage conditions, stress concentrations, and crack driving forces. Figures 58 and 59 show typical
results of the deterministic analysis. The second phase of the analysisinvolves the probabilistic modeling of the
mechanics models, loads, and inspection procedures. Some of the damage mechanisms that can be addressed with
TRACWEFD are crack initiation, linear and nonlinear curved-panel stress analyses, fatigue crack growth, corrosion,
corrosion fatigue, nondestructive inspections (NDI), and residual strength analyses.

Studies have been conducted examining the longitudinal lap splice, the wing, and circumferential 1ap and butt
splicesin a narrow-body jet. Predictions of the time dependent probability of the onset of widespread fatigue
damage and the loss of residual strength have been made. In addition, the minimum crack sizes that must be able to
be detected to maintain arisk level have been predicted.

POC: Dr. Catherine Bigelow, AAR-431, FAA William J. Hughes Technical Center, Atlantic City International
Airport, NJ 08405, (609) 485-6662.
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9.6. CORROSION AND CORROSION/FATIGUE

9.6.1 Modeling Corrosion Growth On Aircraft Structure
D.W. Hoeppner, V. Chandrasekaran, Young In Yoon and A.M.H. Taylor
University of Utah

Sate of the Art Review
A state of the art review was prepared on corrosion and corrosion fatigue predictive modeling for NCI Information
systems, Fairborn, OH. The major sections of the report discussed the following three major areas:

e Corrosion in Aircraft Structural Aluminum Alloys,
e Pitting Corrosion,
e Microstructure and environment effects on “short” crack behavior of materials.

Thereview of the literature clearly showed that much progress has been made on modeling the effects of corrosion
on material behavior and structural integrity. It is clear that to date the models have centered around characterizing
the corrosion and modeling the effects of the corrosion as one or more of the following:

*  section change that affects the area/volume that modifies the stress.

» nucleation of localized debris that may modify the stress (part of pillowing) that modifies the stress or stress
intensity.

» nucleation of intergranular corrosion that isinvolved in pillowing that modifies the stress or stress intensity.

» nucleation of localized corrosion (pitting, fretting, etc.) that modifies the local stress and may ultimately
nucleate cracks.

»  production of products of corrosion that produce localized embrittlement effects that may alter the material
behavior and produce accelerated crack propagation.

Asapart of this program, an experimental study was conducted to characterize corrosion damage quantitatively in

relation to fatigue life of 2024-T3 aluminum alloy specimens as briefly discussed below.

9.6.2 Experimental Study
D.W. Hoeppner, V. Chandrasekaran, Young In Yoon and A.M.H. Taylor
University of Utah

The primary focus of this study was to correlate corrosion "damage" using pit depth as a controlling factor with the
fatigue life of prior corroded 2024-T3 aluminum alloy specimens. The analysis of fracture surfaces clearly showed
that fatigue cracks nucleated from corrosion pits propagated deeper into the specimen subsurface when compared to
cracks nucleated from uncorroded areas. For example, refer to Figure 60. In general, the greater the range of pit
depth, the lower the fatigue life of the specimens. Also, as shown in Table 1, the greater the range of pit depth, the
less the distance the crack propagated into the specimen subsurface before fracture as observed from fractography.
In addition, in another study, the quantified pit depth was correlated to "short" fatigue crack nucleation and growth
on prior corroded 2024-T3 aluminum alloy specimens.

Table 1: Results from Fatigue Experiments

Material: 2024-T3; O (Net Stress) = 20ksi; R=0.1, f = 10 Hz.

Specimen ID | Rangeof Pit | Average Pit Depth Crack Depth (Fractographic | Fatigue Cycles
Depth (pm) (Hm) (20) study) (mm) (a) at Fracture
Specimen #1 35-66 50.5 14 10,208,000
Specimen #2 60-110 85 0.5 1,084,200
Specimen #3 50-230 140 0.26 316,000
Specimen #4 55-90 72.5 14 2,919,500
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9.6.3 Importance of Chemically Short-Crack-Growth on Fatigue Life
R.P.We
L ehigh University

Commercial and military aircraft are exposed to deleterious environments (such as atmospheric moisture and salt
spray) that enhance the fatigue crack-growth (FCG) rates in aircraft structural alloys. This phenomenon, generically
termed corrosion fatigue (CF), is explicitly taken into account in the development of life prediction and management
methodology. It isincreasingly recognized that CFCG behavior may be separated into two regimes: a chemically
long and a chemically short regime of growth. For aluminum alloys used in aircraft construction, experimental data
show that the CFCG rates are up to 10X those in an inert environment in the long-crack regime. Inthe chemically
short regime, the growth rates are further enhanced by up to 3X, with the effect extending out to crack lengths of up
to 6 mm. For accurate damage tolerant life management and design, the accelerated CFCG rates in the chemically
short-crack regime must be considered. For example, this regime of crack growth can span over nearly one-quarter
of the inter-rivet distance in typical fuselage lap-splice joints. Characterization of the chemically short crack-growth
response of 2024-T3 and 7075-T6 aluminum alloys were determined at Lehigh University. Estimates of the impact
of this regime showed reductionsin fatigue lives that are commensurate with the increased crack growth rates.

Typical crack growth response under constant crack driving forces AK, showing the chemically short-crack effect in
a7075-T6 aluminum alloysin a0.5M NaCl solution, is shown in Figure 61. The effect isreflected by afaster FCG
rate for a 0.5 mm-long crack relative to that of one 6 mm long; the extent of increase depended upon the AK level.
Overall the 7075-T6 aloy is more susceptible to corrosion fatigue crack growth than the 2024-T3 alloy. The
sensitivity to chemically short crack-growth for 7075-T6 aloy is also greater, exhibiting afactor of three increasein
FCG rate at 0.5 mm over that of along-crack at aAK of 5 MPam"? versus afactor of two for the 2024-T3 alloy.
Comparisons of simple estimates of number of cycles required to extend a fatigue crack from 0.03 to 1 mm (fatigue
crack growth lives) for the two alloys, based on short-crack and long-crack data, are shown in Figures 62 and 63.
These estimates recognize that for the model used in for these estimations, over 95% of the crack growth life would
be spent in the early growth from 0.03 to 1 mm, and the disappearance of the effect at higher AK levels. The
reduction in fatigue livesis greater for the 7075-T6 aloy relative to the 2024-T3 alloy. Thereductionis
commensurate with a doubling of chemically short FCG rates relative to the chemically long FCG rates, and is
significant in relation to long-term service.

References:
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Joint NASA/FAA/DaoD Conference on Aging Aircraft, Williamsburg, VA, 31 August-3 Sept. 1998, Charles E. Harris,
ed., NASA/CP-1999-208982/PART 2, 679-687.

2. Evan J. Dalley, Jr. (1999). “Chemically Short-Crack Behavior of the 7075-T6 Aluminum Alloy”, Ph.D.
Dissertation, Lehigh University.

9.6.4 Prediction of Fatigue Life of Pre-Corroded Specimens
R.P. Wel
L ehigh University

The fatigue life of an engineering structure fabricated of aluminum alloys may be reduced as a result of exposure to
corrosive environments. One form of corrosion is pitting which can act as nuclei for fatigue cracking. Research at
Lehigh University showed that the fatigue life of a pre-pitted aluminum alloy could be estimated accurately from the
initial pit size and the corrosion fatigue crack growth properties of the material.

Notched specimens of 2024-T3 aluminum alloy were pre-corroded in a0.5 M NaCl solution from 48 to 384 hours
(or 2to 16 days) and tested in fatigue in air at room temperature. The results showed that pre-corrosion significantly
reduced fatigue lives (Figure 64); for example, the lives of specimens after 384 hours of pre-corrosion
(corresponding to the deepest pits) were more than one order of magnitude lower than those of uncorroded
specimens. The crack nucleating pit sizes were determined from post-fracture examinations by scanning electron
microscopy, and ranged from 20 to 70 um. The reduction in fatigue life showed better correlation to the nucleating
pit size than the duration of pre-corrosion. Thisfinding is consistent with that of Harmsworth on a 2024-T4
aluminum alloy tested in rotating bending.
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Based on the measured crack nucleating pit sizes and by assuming that the pits may be represented by equivalent
semi-circular surface cracks (aspect ratio of unity), fatigue lives for the 2024-T3 and 2024-T4 alloys were estimated
by considering crack growth alone, using fatigue crack growth data obtained at Lehigh University on the 2024-T3
alloy. The estimated lives are shown to be in good agreement with the actual fatigue lives (Figures 65 and 66); the
scatter in the results reflected inaccuracy in the pit size measurements and variations in the actual aspect ratio. The
agreement suggests that (i) the number of cycles required to nucleate a crack from a corrosion pit wasrelatively
short and may be neglected, and (ii) pitting corrosion had effectively eliminated the early crack growth portion (or
commonly viewed as the initiation portion) of fatigue life. Based on the measured distribution in pit sizes from
specimens that had been pre-corroded for 384 hours, estimates of the distribution in fatigue lives were made by
Monte Carlo simulation for aspect ratios of 0.6 and 1.0, which covered the range of observed aspect ratios. The
estimated distributions are shown in Figure 67 and are in good agreement with the experimental observations.

The results show that fatigue lives are determined principally by crack growth (vis-a-vis, initiation), and can be
accurately estimated on the basis of crack growth properties and the sizes of crack nuclei (e.g., corrosion pits). The
distribution in fatigue livesis directly related to the distribution in the size of crack nuclei, but is aso expected to
reflect variations in crack growth properties. Thisfinding provides adirect connection between the conventional and
fracture mechanics based approaches to corrosion fatigue in that it suggests that S-N response might be directly
predicted from linear fracture mechanics considerations of crack growth.

References:
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9.6.5 An Engineering Crevice Corrosion Model In KC-135 Lap Joints
Marina Altynova
NCI Information Systems, Inc.

At the present time there is no fundamental scientific model of the crevice corrosion within alap joint. Moreover,
the conditions inside these joints are too poorly understood to allow quantitative determination of the evolution of
the corrosion rate and type given input conditions such as the environment to which aircraft is exposed.

An engineering model for the corrosion growth predictionsinside the aircraft lap jointsis proposed. It uses the
probabilistic approach, whereinitial corrosion damage and corrosion rates for certain environmental conditions are
used in the form of Weibull Probability Density functions.

The engineering approach uses as input:

1. Information of initial corrosion condition of the aircraft from Non-Destructive Inspection (eddy current
technique), Figure 68.

2. The corrosion rates distribution obtained from SQUID (Superconducting Quantum Interference Device) that
measures the magnetic fields induced by the corrosion currents within the lap joint exposed to the certain
environment (chloride concentrations, humidity, temperature, etc.), Figure 69.

The model allows predicting corrosion damage of the aircraft after a period of time At since NDI spent in specific
environmental condition, for which the corrosion rate information is known.
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Mathematical model implementing this engineering approach has been developed by NCI. It uses as input:

1. NDI resultsin the form of distribution function NSD (h) (Number of Sites of given Depth), Figure 70.

2. Corrosion Rate information for given environmental condition in the form of distribution function FOR (p)
(Frequency of Occurrence Rate), Figure 71.

The output of the mathematical model isinformation about corrosion condition after time period At in given
corrosion conditions in the form of distribution function PNSD (h) (Predicted Number of Sites of given Depth),
Figure 72.

Thisfunction PNSD (h) isaresult of convolution of two input functions:
by
P=at
PNSD(h,) = [NSD(h, - p* At)* FOR(p)dp 0

p=0

Probability distribution function PNSD (hy) carries all the information about predicted corrosion condition in the lap
joint after time At. An example of calculated PNSD of final pits distribution of the KC-135 lap joint after 10,000
hoursin 2.0 M CI" solution is shown in Figure 72.

User-friendly VB applications program has been developed that uses both functions as input and produces solutions
for different specific problems about future corrosion damage of the lap joint, see Figure 73.

References:

1. "SQUID Measurements of the Rate of Hidden Corrosion”, presented at the Corrosion Fatigue and Corrosion
Predictive Modeling Technical Interchange Meeting, NCI/USAF, Dayton, (May 1998)

2. FINAL REPORT FOR CORROSION/FATIGUE EFFECTS ON STRUCTURAL INTEGRITY (CONTRACT
NO. F09603-97-C-0349, TASK ORDER 9128 CDRL No. A001) submitted by NCI Information Systems, Inc.

9.6.6 Corrosion Fatigue Predictive M odeling With Pit Depth As A Controlling Factor
D.W. Hoeppner and V. Chandrasekaran
University of Utah

Since October 1997, FASIDE International Incorporated, Salt Lake City, Utah has been performing research related
to modeling corrosion growth on aircraft structure for the NCI Information systems, Fairborn, OH. As apart of this
program, an experimental study was conducted to characterize corrosion damage quantitatively in relation to fatigue
life of 2024-T3 aluminum alloy specimens. The primary focus of this study was to correlate corrosion "damage”
using pit depth as a controlling factor with the fatigue life of prior corroded 2024-T3 aluminum alloy specimens. It
is believed that pit size in terms of pit depth has an important role in crack nucleation. Under fatigue loading
conditions, "small" cracks nucleate from pits reducing the residual strength and fatigue life of the materials.

Corrosion pits were artificially produced on 2024-T3 aluminum alloy specimens. The depth of pits was varied by
changing the exposure time of the specimensin solution. Prior to testing, the confocal microscope was used to
quantify the depth of pits that were artificially produced on 2024-T3 aluminum alloy specimens. A pit depth in the
range from 35 to 230 um was obtained on the corroded area of the specimens. Then, the range of pit depth was
correlated to the fatigue life of prior corroded aluminum alloy specimens. The summary of the results from fatigue
experiments that were conducted on prior pitted 2024-T3 aluminum alloy specimensis presented below.

In general, the greater the range of pit depth, the lower the fatigue life of the specimens. An analysis of the
photographs of fracture surfaces was conducted and it reveal ed that fatigue cracks always nucleated from the
corrosion pits and propagated to fracture. In addition, an extensive fractographic study was conducted and the
analysis of the fracture surfaces reveal ed that cracks propagated deeper from the pitted area when compared to the
uncorroded area of the specimens. During fatigue testing numerous "small" surface cracks from corrosion pits as
well as from uncorroded area of the specimens were observed. However, the analysis of fracture surfaces clearly
showed that fatigue cracks nucleated from corrosion pits propagated deeper into the specimen subsurface when
compared to cracks nucleated from uncorroded areas. Also, the fractography results indicated that fatigue cracks that
nucleated from the corroded area resulted in the final fracture of the specimens. This observation was supported by
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the appearance of fatigue striations and secondary cracks on the fracture surface corresponding to the prior corroded
area of the specimen.

Moreover, the SEM analysis of fracture surfaces clearly showed that fatigue cracks that formed from an uncorroded
area of the specimens had a negligible effect on the fatigue life of the prior corroded 2024-T3 aluminum alloy
specimens. In other words, cracks that nucleated from an uncorroded area of the specimens remained as surface
cracks and did not propagate further into the specimen thickness. This observation was supported by the
fractographic analysis as the characteristic features of fatigue fracture were not seen on the fracture surfaces
corresponding to the uncorroded area of the specimens.

Finaly, afatigue life estimation model for prior-pitted 2024-T3 auminum alloy specimen was presented
incorporating the quantified pit depth. The estimated fatigue life of prior-pitted 2024-T 3 specimens was found to
correlate fairly well with the experimental results.

9.6.7 A Life Prediction Methodology for Evaluating Corrosion-Fatigue I nteractions
Craig L. Brooks, Scott Prost-Domasky, and Kyle Honeycutt
Analytical Processes/ Engineered Solutions

A versatile engineering approach has been formulated to include real time age degradation environmentsin
structural service life analyses. Theinitial application predicted the influence of corrosion on the fatigue life
capability of atypical fuselage lap joint. The analyses used fracture mechanics methods and fundamental
engineering principles. The primary stepsin the lap splice assessment were:

« Determinetheinitial “as-built” quality condition of the structure and basic material for the initial starting
condition;

*  Formulate multi-site damage (M SD) models and scenarios;

* Model the effects of micro/macro surface topography changes in time due to corrosion growth;

* Include the time dependence of any mechanically induced deflections due to corrosion by-products (corrosion
pillowing) and effects of material loss;

» Juxtapose and superimpose corrosion effects with cyclic fatigue crack growth using the appropriate
environments; and

e Select the appropriate residua strength method and failure criteria

Crack growth life analyses were performed to isolate each of the variables to show the relative life impact of each of
the corrosion metrics. The effects of initial quality states (Reference 1), corroded surface topographies, corrosion-
induced pillowing (Reference 2), and multi-site damage in lap joints are included, as illustrated by Figures 74-78.
For example, typical surface topographies created by real time in-service corrosion in alap joint were evaluated. The
local stress amplification due to the corrosion roughness reduced the localized crack growth capability of a surface
crack by 70%. The impact of sustained stresses caused by corrosion by-product build-up (pillowing) in alap joint
degraded structural life 25 to 35% for a crack adjacent to a fastener hole. These results represent the level of

potential life degradation that could be realized in corroded regions. Analysis results emphasize the need to include
corrosion parameters in a component service life assessment, as shown by Figure 79.

A simulation of a pressurized fuselage skin splice was used to illustrate the analytically derived impact to the life
and safety of the joint in the presence of corrosion, thus demonstrating the synergistic effects of cyclic fatigue and
the corrosion effects described above. The analysisincluded time-dependent effects of corrosion into the structural
life prediction for a multi-site damage (M SD) scenario. Twenty and fifty year corrosion assumptions were used
based upon conditions found in existing aircraft. Figure 80 shows the results of this “whole shebang” scenario
relative to the traditional damage tolerance analyses that would be used to maintain the structure. Although this
scenario uses conservative assumptions, it does represent a lower bound. These results indicate that this location
should be identified as a potential safety issue. Corrosion effects are both interdependent with and independent of
the cyclic domain and the synergistic effects of the two are problem specific. More detailed results of this approach
can be found in Reference 3. This effort was performed for the USAF Corrosion Program Office to support their
efforts for quantifying the effects of corrosion on the integrity of the aging aircraft fleet.
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9.6.8 Joint FAA-Air Force Corrosion Fatigue I nteraction Research Program
Dr. Thomas Flour noy
FAA William J. Hughes Technical Center

The problems of corrosion and fatigue associated with aging aircraft are common to both civilian and military
aircraft. Theinteraction of pre-existing corrosion with fatigue is being examined by testing fuselage panels supplied
by the US Air Force obtained from disassembly of retired Boeing 707 and C/KC-135 airplanes.

Both fatigue and static strength tests are being done on the FAA Aging Aircraft Test fixture located at and operated
by Foster-Miller, Inc., under contract with the VVolpe National Transportation Systems Center. Thetest fixture
accommodates panels that are approximately 10 feet in length by 6 feet along the circumference with a 74-inch
radius of curvature. Prior to the current test program, only laboratory panels had been tested in the fixture. The
work in progress demonstrated that panels from actual aircraft can be tested in the fixture.

Various nondestructive inspection (NDI) techniques are being applied to the panels before testing to detect any
hidden corrosion or fatigue cracking from in-service usage. These methods include thermal wave imaging,
magneto-optic imaging, D-sight, pulsed eddy current, and ultrasonics. These NDI methods will be validated by
panel teardowns after the test program is completed.

To date fatigue testing has been completed on two Boeing 707 panels taken from the same airplane. The airplane
had been in service for 23 years and accumulated 22,071 flight cycles and 77,742 flight hours. One panel was taken
from alocation forward of the wing and had a nominal skin thickness of 0.040 inch. The other panel wastaken at a
location aft of the wing and had a skin thickness of 0.062 inch. Both panels were tested in fatigue with pressures
varying from 1to 9.5 psi.

Thefirst panel tested, the panel with the thinner skin, was characterized as having light corrosion by the NDI
techniques. The first fatigue crack was found after 36,000 fatigue cycles. Linkup of two adjacent cracks occurred
after 47,500 cycles. Linkup of several adjacent cracks occurred after 48,616 cycles resulting in a single crack length
of over 14 inchesin length. At this point, fatigue cycling was stopped and a static residual strength test was
performed. Theinternal pressure wasincreased at arate of 0.2 psi per second from 0.5 psi until panel failure
occurred at 13 psi. The residual strength test reveal ed that the tear straps provided sufficient crack arrest capability
to create a safe decompression during failure as shown in Figure 81.

The remaining panels will be inspected using the NDI techniques to detect any corrosion or cracks prior to testing
and then tested in asimilar manner to the first panel. The fatigue and residual strength tests on al the panels will be
completed by the end of 1998.

POC: Dr. Thomas Flournoy, AAR-430, FAA William J. Highes Technical Center, Atlantic City International
Airport, NJ 08405, (609) 485-5327.
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9.6.9 Corrosion Monitoring of Field Sites
W.H. Abbott
Battelle-Columbus

Work has been in progress for several years to directly measure the corrosive severity of a variety of military bases
worldwide. Thiswork isbeing done for several reasons. Oneisto provide atest for current mathematical models
which attempt to predict corrosion rates based on available environmental data. A second isto provide “hard” data
on anumber of relevant materials and in the process gain additional knowledge about the base environments. The
latter refers, in particular, to data relating to total reactive chlorides and/or humidity levels which are recognized to
be mgjor “drivers’ of corrosion processes. A third reason, has been to develop and validate simple, inexpensive, and
reliable methods for obtaining such data.

To date about 50 bases have been monitored over a 1 year period with results obtained on a quarterly schedule. This
work has proceeded smoothly and with no apparent problems to affect data quality. Asaresult, corrosion rate data
have been obtained on copper, two grades of aluminum, and steel. One additional material , silver, has been used as
a unique chloride monitor.

The results have shown that the absolute severity levels of military bases monitored to date differ by afactor of
about 150:1 for aluminum and even more for steel. Initial attempts have been made to relate these values to actual
effects reported on aircraft such as corrosion related maintenance actions. Such a correlation appears to exist and
with arelationship showing a very rapid increase in such actions with increasing severity.

The work has shown a good and somewhat surprising correlation among the corrosion rates of this diverse matrix of
materials. Thisissignificant, since this knowledge has been developed into an additional check on data quality and
has provided a basis in the future for further simplification of monitoring procedures.

New and important data have been developed on chloride levelsin the base environments. It has been learned that
chlorides (possibly in various forms) are ubiquitous and have been found at virtually every base studied to date.
Thisincludes both coastal and inland locations. These data have shown a good correlation between average chloride
levels and corrosion rates with two important conclusions. Oneisthe very low levels of chloride coupled with
humidity necessary to produce severe corrosion even at someinland locations. The second is that the “prediction”

of chloride levelsis not asimple matter and one which may not be simply related to distance from ocean sources.
From current data, average chloride levels appear to vary by afactor in excess of 300:1 at military bases worldwide.

Finally, tests have been made between these actual corrosion rate data and currently available model s/algorithms.
The agreement between these results has been poor. In particular current models appear to underestimate severity
for those bases in the more severe environments. The reasons for this are being examined. One possible reasonis
inadequate environmental data necessary for such calculations.

9.6.10 An Environmental Corrosion Severity Index For USAF Airbases
DR. Robert Summitt & Dr. C. T. Lynch
RSC&L, Inc.

Environmental data are used to compute a numerical Environmental Severity Index (ESI), normalized to the most
severe environment. Published equations derived from exposure tests were utilized to devel op the algorithms for
computation. Accuracy and validity of the underlying equations were demonstrated using experimental data from
the open literature. Algorithms are of a general nature, and may be applied to any location for which data are
available. The environmental corrosivity may be described in terms of afew of the factors that effect corrosion,
including water, oxygen, and temperature, which are necessary for corrosion; and chloride ion, sulfur dioxide, and
nitrogen oxides, which accelerate corrosion. The computed ES| values are for four alloy base metals, zinc,
aluminum, steel, and copper. Extension to another alloy is accomplished by comparing its corrodibility to that of
these metals. Environmental data have been compiled for the more than 150 worldwide USAF, AFRES, and ANG
bases, and ESI values were computed for each of them. Documentation is provided so that the basic algorithms can
be modified to meet future requirements. The resulting indexes are compared with corrosion damage from testing
programs and with aircraft mai ntenance experience. The results show that the location specific Environmental
Severity Index can be used as part of the assessment program in establishing maintenance requirements.
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9.6.11 Evaluation and Quantification of Fretting Fatigue Induced Damage
D.W. Hoeppner, V. Chandrasekaran, Young In Yoon and A.M.H. Taylor
University of Utah

Fretting fatigue experiments were conducted on 7075-T6 and 2024-T3 Aluminum alloy specimens. The primary
objective of this study was to quantitatively characterize fretting damages that resulted on the fatigue specimens.
Fretting fatigue experiments were performed in laboratory air at various maximum fatigue stress levels at a constant
normal pressure. From the confocal microscopy analysis of fretting damages, it was observed that fretting-generated
multiple cracks on the faying surface could be responsible for the fracture of 7075-T6 aluminum alloy specimens
(see Figure 82) where as the fracture of 2024-T3 aluminum alloy specimen could be attributed to fretting-generated
multiple pits on the faying surface (see Figure 83). From the results, it is proposed that fretting nucleates damages of
different nature depending on the material microstructure as well as its composition and the methods to alleviate
fretting should consider issues pertaining to a specific material.

In addition, fretting damages were quantified in terms of material removal by characterizing the depth as well asthe
geometry of fretting-generated pits on the faying surface of the specimen. Pit size in terms of pit depth (Py), pit area
(Pa), and pit dimension perpendicular (Ppy) as well as parallel (Ppy) to the applied load also were quantified. The
quantified fretting-nucleated pits revealed afair correlation between the pit depth and the area of the pits (see Figure
84).

Our recent research to characterize the effect of prior-corrosion damage on cold-expansion hole is briefly stated
below.

9.6.12 Effect of Prior-Corrosion Damage on Cold-Expansion Hole
D.W. Hoeppner, V. Chandrasekaran, Young In Yoon and A.M.H. Taylor
University of Utah

The process of cold expansion of rivet holes has proved to improve the fatigue performance of airframe structural
joints. However, as aircraft age, the process of corrosion and corrosion fatigue are expected to affect the integrity of
the cold-expanded rivet holes. Therefore, aresearch program is being performed in conjunction with the Fatigue
Technology Incorporated (FT1) to quantitatively characterize the effect of corrosion damage on the nucleation and
propagation of "short" cracks from prior-corroded 2024-T3 and 7075-T6 aluminum alloy specimens with cold-
expanded holes.

Concluding Remarks

At the ICAF'99 symposium three papers will be presented in detail with the results generated from the above
mentioned research programs.

9.6.13 Corrosion Fatigue Structural Demonstration
D.W. Hoeppner and A.M.H. Taylor
University of Utah

QIDEC, aong with other subcontractors, is working with Lockheed-Martin Aerospace Systems on a program to
model the interaction of corrosion and fatigue on aircraft as part of the Aircraft Structural Integrity Program. This
work will lead in the end to a software to be used to corrosion fatigue behavior of aircraft structure.

QIDEC and the other team members have just begun this effort. Further progressis envisioned throughout 1999.
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9.6.14 Computerized Model for Lap Joint Corrosion Prediction
Dr. Xugjin Zheng
NCI Information Systems, Inc.

In aproject to assess corrosion/fatigue effect on aging aircraft for the USAF, a computerized model was devel oped
to calculate corrosion growth inside lap joints of KC-135 aircraft. The computerized model isa
probabilistic/engineering model developed by NCI Information Systems, Inc. A corrosion damage distribution
(NDS(hy)) is obtained from the most recently non-destructive inspection (NDI), and a distribution of corrosion
growth rates (FOR(r)) for a given environment is obtained by Superconducting QUantum Interference Device
(SQUID) measurements. This given environment is related to USAF base(s) through environmental severity
indexes (ESIs) which were developed by NCI. The model assumes that for any spot inside lap joints exposed to a
given environment, the probability of the corrosion growth rate at the spot is determined by the distribution of
corrosion growth rates in the environment, i.e., a predicted corrosion damage distribution (PNDS(hy)) at timet given
by:

h

PNDS(h,) = TIOZOR(r)- NDS(h, —r(t-t,))dr

r=0

where t is the time when the most recently NDI was conducted, r is the corrosion rate and h; is the corrosion
thickness loss at timet. Two-parameter Weibull functions have been used for representing the distributions of
corrosion damage and corrosion growth rates. Because of mathematical complexity of the integration above, the
integration has to be solved numerically. A Microsoft Visual Basic program has been developed not only carrying
out the numerical integration, but also incorporating a corrosion database of the ESI for virtually all the USAF bases
and corrosion growth rate distributions. The main content and functionality of the program include the following:
(1) datainput: entering aircraft tail number, MDS number, lap joint materials, corrosion damage distribution
parameters from NDI, etc. into the specimen database (or directly entering them on the deployment plan screen, and
entering deployment plan on the deployment plan screen,

(2) accessing the databases. accessing the specimen database and selecting related data and transferring them onto
the deployment screen, and accessing the corrosion database to select ESIs for USAF bases according to the
deployment plan, and then select the corrosion growth rate parameters according to the lap joint materials and ESls;
all the corrosion related data are listed on the corrosion parameters screen,

(3) PNDS calculation: carrying out the numerical integration to obtain PNDS(hy),

(4) reliability calculation: calculating acritical thickness loss based on the maximum probability of corrosion failure
which the user can withstand,

(5) results output: PNDS and cumulative distribution of PNDS, as well NDS and cumulative NDS, are tabulated and
graphically shown on screen, and the data can be save as a binary file,

(6) cost assessment of corrosion:* calculating costs of corrosion based on the user’ s choice of maintenance policy
and the best maintenance policy (i.e., with the lowest cost) based on Markov’s model.

To enhance the program, a specimen database for lap joint specimens was recently integrated into the program. The
specimen database can store aircraft information, including tail number, MDS number, deployment history, TCTO,
PDM, and visual and NDI results for specimens. These data can be transferred to data input for corrosion growth
prediction.

Figure 85 shows the flowchart of the computerized model d